Study of a high resolution facsimile system experiment on the surface of the planet Mars Final report by unknown
RE-ENTRY AND SPACE SYSTEMS PROGRAMS
Publication No. U-3034
I FINAL REPORTI
iI STUDY OF A HIGH RESOLUTION FACSIMILE
SYSTEM EXPERIMENT ON THE SURFACE OF THE
PLANET MARS
I Prepared for: Jet Propulsion Laboratory
California Instituteof Technology
Pasadena, California
I Under Contract: JPL Contract No. 950996
I Prepared by: Engineering /
Approved by. _" _' _'_'_ W_ #_/)_J__
R. A. Mills W. Hostetler
Program Engineer Program Supervisor Program Manager
25 February 1965
AERONUTRONIC
DIVISION OF PHILCO CORPORATION
FORD ROAD/NEWPORT BEACH, CALIFORNIA
https://ntrs.nasa.gov/search.jsp?R=19660004285 2020-03-16T21:30:34+00:00Z
ABSTRACT
A six-month Study Program was performed under JPL Contract 950996 to
determine the feasibility of conducting a high resolution facsimile camera
experiment on the surface of the planet Mars. The mission considered
would begin just prior to a 300 to 500 feet per second impact on the
Martian surface and would last until the facsimile picture data were
transmitted to earth. The total weight which was to be considered for the
hard landing capsule was restricted to the range of 300 to 600 pounds.
The salient capsule subsystems which were parametrically studied during
the program are as follows:
Hard Landing Technology
High Resolution Facsimile System
Telecommunications
Transmitter and Antenna Configuration
Memory Systems
Thermal Control
Sterilization
Beneficial results were arrived at in several of the above areas with a
significant advance having been made in the field of hard impact tech-
nology. A mathematical model was derived for the unidirectional balsa
wood impact limiter which took into account both the dynamic and static
impact characteristics of the limiter.
The study concluded with the conceptual design of a 450-pound capsule
capable of surviving a 400 feet per second impact and subsequently
scanning and transmitting back to Earth a 24 x 24 degree picture.
It was concluded that such a capsule is feasible for a 1969 to 1971 Mars
mission. ___
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SECTION i
INTRODUCTION
This is the final report prepared by the Aeronutronic Division of the
Philco Corporation for the Jet Propulsion Laboratory, California
Institute of Technology, in accordance with the requirements of JPL
Contract No. 950996. This contract was for a study to determine the
feasibility and capabilities of a hard-landing capsule to perform a high
resolution facsimile experiment for an early Mars mission.
The study was constrained in scope by certain mission requirements. These
were: a capsule payload consisting of a high resolution facsimile camera
with all subsystems required to transmit the picture to Earth, a mission
sequence beginning just prior to surface impact, a total weight range of
300 to 600 ibs, a landing velocity of up to 500 ft/sec, omni-directional
impact protection furnished by balsa wood, and a complete capsule capable
of terminal heat sterilization.
The study started with a trade-off study phase to explore in parametric
fashion all the capsule variables associated with the facsimile camera,
hard-landing impact protection, capsule thermal control, data transmission,
and electrical power source. These results are presented in the report
as parametric curves, whenever possible, to show the effects of varying
specific parameters. An important task during this phase was the capsule
impact analysis. The analysis originally made for the Ranger capsule was
extended to include dynamic effects, larger capsule sizes, curved landing
surfaces, and much greater impact velocities.
An important task in the study was the preparation of the report, __
Impact Techn._.__ol__ogy,Aeronutronic Publication No. U-3031. This report was
-I-
prepared at JPL request to better documentAeronutronic's knowledge in
the field of hard-landing capsules. Essentially, the report summarizes
the analytical, design, and test experience of Aeronutronic during its
several lunar and planetary capsule programs.
The last portion of the study was concerned with establishing a complete
conceptual design for a capsule in order to determine system feasibility.
It was shownthat it is feasible to design a 450 ib capsule which can
land on Mars at 400 ft/sec, obtain a 24° by 24° high resolution facsimile
picture, and transmit this data directly to Earth. This final report
shows just what such a capsule can accomplish, how it performs these tasks,
and how the variations in performance are related to the system mission.
The study defined the technical areas most needing additional effort, as
listed below in order of importance:
(i) Sterilizable batteries.
(2) Test verification of impact model analysis.
(3) Developmentof an impactable 20 watt transmitter.
(4) Obtaining of more balsa test data.
(5) Better definition of picture requirements,
(resolution, necessary grey levels, picture
angular size).
(6) Sterilizable pyrotechnic devices.
(7) Impactable thermal insulation.
The problem of a sterilizable power supply was found to have several
promising solutions -- but needing continued development. Both silver-
zinc batteries with inorganic separators and high-temperature thermal
batteries appear to offer practical solutions to the sterilizable power
supply requirements. Solutions to the remaining problems on the list
should yield in straightforward fashion to a normal development program.
It was concluded that a hard-landing Mars Facsimile Capsule is feasible,
and that it can be planned for an early mission since the weight is low,
no complicated landing system need be developed, the capsule performance
is not sensitive to assumptions about the Mars surface or atmosphere, and
the development ground-work was accomplished during the Ranger capsule
program. The capsule is capable of returning pictorial data which has
value in the diverse fields of biology, meteorology, geology, astronomy,
physics, and engineering. With an early program go-ahead, the capsule
could be available for launch in the 1969-1971 time period.
AERONUTRONIC DW,S,ON OF pH,LCO CORPORAT,ON ,_,L_,_ _";ord.d._orr_om_c_y_
SECTION 2
TECHNICAL SUMMARY
This section summarizes the information presented in the subsequent parts
of the report regarding the Capsule Conceptual Design and the trade-off
Studies.
2.1 CAPSULE CONCEPTUAL DESIGN
Section 4 describes a specific capsule design which is capable of per-
forming the hard-landing high-resolution-facsimile camera mission. This
design is intended to demonstrate feasibility and acquaint the reader
with all the subsystems comprising a capsule. The performance character-
istics of the design represent one set of design points taken from the
trade-off curves given in the later sections of this report. Table 2.1-1
lists the important performance characteristics and Figure i illustrates
the conceptual design.
The llS-pound inner payload is protected by 335 pounds of balsa during a
400 ft/sec impact against a hard surface. The balsa impact limiter is
spherical, providing equal protection against impacts in any direction.
After landing, the balsa is separated from the payload, the floated pay-
load erects to the local vertical, porting of the flotation shells occurs,
and the camera viewing tube is extended upward. On top of the viewing
tube, a helical antenna is erected to permit direct communication with
Earth.
The capsule payload consists of the facsimile camera, a silver-zinc
battery, thermal insulation, water for thermal control, signal handling
electronics, a magnetic core memory, and a triode-cavity transmitter.
-3-
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TABLE 2.2-I
CAPSULE CHARACTERISTICS
Payload Weight
Total Capsule Weight
Maximum Impact Velocity
Picture Size
Resolution
Scan Time
Gray Levels
Total Data
Transmission Distance
Transmission Data Rate
Transmission Time per Day
Antenna Gain
Transmitter Power
Transmission Frequency
Maximum Capsule Surface Life
115 Ibs.
450 ibs.
400 ft/sec
24° x 24 °
0.I °
1 hour
16
2.5 x 105 bits
1.2 AU
12 bits/second
2 hours
12 db
20 watts
S-Band
4 days
-5-
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The facsimile camera will obtain a 24 ° x 24 ° picture having a resolution
of 0.I v and 16 gray levels. The 2.5 x 105 bits of picture data will be
stored in a magnetic core memory until they are transmitted by the 20
watt transmitter. Transmission will occur for 2 hours per day at a rate
of 12 bits/sec.
Electrical power for the capsule is furnished by a secondary silver-zinc
battery with an energy density of 40 watts-hours/lb. The entire capsule,
including the battery, will be sterilized before launch at a temperature
of 135°C for 24 hours. Thermal control of the payload on the surface is
achieved entirely passively. Low-conductivity insulation surrounds the
payload to balance the internal heat dissipation with the heat lost to
the generally cold Martian environment. In addition, water is provided
for boil-off to limit the maximum payload temperature to approximately
100°F.
The vertically-oriented antenna of the capsule imposes some restrictions
on possible landing sites. It is generally costly in capsule power and
thermal control water to have a long surface operating life; therefore,
a maximum amount of picture data must be transmitted to Earth each day.
This requires a narrow-beam antenna for high gain. Such an antenna is
usable only at the Martian latitudes where Earth passes near the zenith.
The landing site is therefore restricted to somewhere within 26 degrees
of the equator, the exact latitude depending upon the arrival date.
2.2 TRADE-OFF STUDIES
The major technical results of the study are included in Section 5,
Trade-off Studies, and Section 6, Appendicies. The salient results of the
trade-off studies are summarized below.
2.2.1 SYSTEM CONSIDERATIONS
Section 5.1 of the Trade-off Studies investigates certain aspects of the
capsule which could not be included conveniently in the subsequent sub-
system sections. The basic capabilities of the MFC are described and
reasons are given _hy a facsimile camera is so well suited to a hard
landing capsule. A brief explanation is given of what value a surface
picture of Mars could have and what additional experiments could possibly
be included within the same capsule.
The communication geometry for the landing period of 1968 to 1975 is also
shown in Section 5.1. It is pointed out that equatorial landing sites are
interesting from the scientific viewpoint and are also easiest to accom-
modate with a simple capsule antenna. An example is used to illustrate
the relationship between the landing site and the probable sequence of
capsule surface operations.
-6-
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Sterilization considerations for the capsule are included within the
system section but also throughout the subsystem discussions. The ex-
pected sterilization requirements involving post-assembly heating of the
total capsule within a biological barrier are reviewed. The effects of
this heat treatment are predicted on most components and subsystems.
2.2.2 IMPACT ANALYSlS
All of the analytical models considered during the study utilize balsa
wood which has its grain oriented radially. It is assumed that the
direction of impact is unknown; therefore, the limiter must absorb energy
equally well in all directions.
The study analysis began with an examination of the crushing process in
balsa. It was determined that the crushing front propagated through the
limiter by means of a shock wave. The shock heating associated with the
discontinuity across the shock wave is proportional to the square of the
instantaneous velocity and becomes a significant factor for impact
velocities in excess of 200 ft/sec. This effect represents an increase
in the energy absorbing capability of balsa wood above the static mechan-
ical crushing energy. Next, a general spherical impact limiter model
was developed which accounts for the cross-grain compressive stress,
the shock-heating effect, and the static mechanical crushing energy for
impacts on curved landing surfaces. The derivation of this model results
in an integral which must be numerically integrated. Figures 2 and 3
parametrically illustrate the capability of a balsa limiter based upon
the dynamic model. These figures depict the total weight and radius
which are necessary to provide impact protection for various payload
weights at various impact velocities. Also shown are the impact decelera-
tions which can be anticipated for each configuration.
The effect of landing on a curved hard surface was calculated for the
case of the radius of curvature of the surface being twice that of the
impact limiter. The maximum velocity capability for the particular con-
figuration on a flat surface was 438 ft/sec with the concave surface
increasing the capability to 515 ft/sec and the convex surface reducing
the capability to 375 ft/sec.
The effect of varying the balsa density within the impact limiter was
investigated to determine whether such a technique could improve the
limiter velocity capability. It was determined that more dense balsa on
the outer portion of the limiter would reduce the total decelerations
associated with a particular configuration, but that the maximum impact
velocity capability would not he increased. If the more dense material
is placed inside (adjacent the payload), the maximum allowable impact
velocity is decreased and the peak deceleration increased.
-7-
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There was also an investigation into the conditions under which payload
movementwithin the impact limiter can occur. This analysis involves two
fundamental considerations: (i) the payload-to-limiter density ratio;
and (2) the balsa cross-grain stress. The first consideration determines
whether the balsa below the payload can support the payload during impact
without being stressed above its crushing stress. The second considera-
tion determines whether the limiter can support its upper portion during
impact; if it can not then an additional load is transmitted through the
payload which adds to the stress on the balsa wood below the payload.
Section 6.3 discusses this phenomenonmore thoroughly and indicates the
conditions under which payload movementwill begin.
2.2.3 HRFCAMERA
Section 5.3 concerns the high resolution facsimile camera and its applica-
tion to the MFCmission. The radiometry of the Mars surface was calcu-
lated using atmospheric transmission and surface reflectance properties
furnished by JPL. The resulting irradiance for the camera sensor is
shownto be strong in the infrared region of the Solar spectrum and
well suited to a silicon photo sensor. Figure 4 indicates the irradiance
vs. wavelength which can be expected on the surface of Mars; also shown
is the relative response of a silicon detector which has been chosen for
this application.
The photometry of the facsimile camera system was analyzed and trade-off
curves derived which show the parameters which can be varied in establish-
ing a cameradesign. Figure 5 relates the camera near field distance,
angular resolution, pinhole diameter, lens-to-pinhole distance, and lens
focal length.
It is concluded that the HRFcamera is well suited to both stereo and
multi-spectral adaptations. These areas are not deeply analyzed because
of program limitations and the feeling that data transmission limitations
will preclude their inclusion in an early mission.
2.2.4 TELECOMMUNICATIONS
The telecommunication analysis analyzed several methods by which the
facsimile data could be transmitted from Mars to Earth. First, a direct
link was considered using a typical Mariner PCM/PSK/PMmodulation format
at S-Band. Figure 6 illustrates the power levels required of the trans-
mitte'- to result in useful data rates. Conmlun_ation distances of i to
1.2 AU resulted from the missions considered and in order to operate in
the linear (most efficient) region of the curves transmitter power of I0
to 20 watts was primarily considered. This results in data transmission
rates of 8 to 17 bits/second. Lower power requirements can be obtained
with a "multiple frequency shift" method, but it is not currently
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employed by the existing DSN stations; consequently, it was not incorpor-
ated in the MFC.
The use of the fly-by spacecraft as a data relay was also considered.
This method was found to be feasible at a frequency of 230 mc; however,
it would, of course, require additional interfaces with the spacecraft.
The predicted reliability of this method of Mars-Earth con_nunication is
less than that for the direct link because of the increased serial data
handling.
It was also determined that is is possible for the MFC to receive com-
mands from Earth. The weight penalty of several pounds, however, did not
seem to have any compensating benefits for the capsules considered.
2.2.5 TRANSMITTER
Several methods of implementing S-band transmitters were considered in the
transmitter study. The output stages evaluated include vaccum triodes,
varactor multipliers, amplitrons, and travelling wave tubes. The power
output (10-20- watt) and shock requirements narrow the choice to the
varactor multiplier and vacuum triode. The varactor multipliers result
in an overall transmitter efficiency of only 7.5% but have good shock
resistance. Vacuum tubes result in an overall transmitter efficiency of
18% but with less impact resistance. Section 5.5 includes several circuit
diagrams of proposed transmitter configurations utilizing available
components.
2.2.6 ANTENNA
Several antenna configurations were considered for use on the MFC; however,
the requirements that the antenna present a low cross-sectional area to
the Martian winds and be easily deployable from within the capsule
narrowed the selection to an end-fire helix. Figure 7 illustrates the
method of determining the optimum gain and beamwidth characteristics for
a passive, vertically-oriented antenna with assumed landing and pointing
errors. The conclusion is reached that a 42 ° beamwidth, 12 db antenna is
a desirable solution under certain distance, landing site, and transmitter
power conditions.
The problem of antenna breakdown in the Martian atmosphere was reviewed,
and it was concluded that there will be no difficulty at the probable
MFC power level of less than 30 watts.
2.2.7 CAPSULE ELECTRONICS
Section 5.7 looks at the problems of data handling and sequencing for the
capsule. The requirement for analog-to-digital conversion is easily
-14-
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satisfied with available hardware. A tape recorder is necessar_ for
storing the picture data if the total number of bits exceeds i0 . Shock
resistant tape recorders have been developed, but there are still steril-
ization problems with the magnetic tape.
For storing fewer than 106 bits, magnetic core memories appear attractive
for the MFC. Aeronutronic has previously operated one such unit during
an impact acceleration without loss of data.
The sequencing requirements for the capsule do not present any problems
because most of the time intervals are not critical. It is proposed that
the data transmission period be timed either from some initial event or
from a Sun position.
A considerable number of electronic components have been qualified for
high-shock use during the Range Lunar Capsule and other programs. It
is concluded reliable impact designs are possible with an adequate devel-
opment program.
2.2.8 POWER SOURCES
Potential power sources for the capsule were reviewed in the power supply
task. The characteristics of chemical batteries, fuel cells, radioisotope
batteries, and solar cells were examined. The sterilization, shock, and
weight requirements of the MFC are found to limit the power choice to
chemical batteries. Two alternate electrical power sources are proposed.
One is a secondary silver-zinc battery with an inorganic separator
currently under development by Astropower. An actual performance curve
• . O , .
of a slngle cell operatzng at 135 C is shown in Figure 8. It zs estzmated
that energy densities of 70 watt-hours per pound should be obtainable
from a battery composed of similar cells.
The other power source which appears promising is a thermal battery which
operates at a temperature of 450°C. At temperatures below its operating
temperature, the thermal battery is an inert piece of electrical equipment.
For this reason, it inherently lends itself to the sterilization and
impact requirements of the MFC. A conceptual design of a thermal battery
which will operate for sever_days and yield energy densities of 70 watt-
hours per pound is described in Section 6.4.
It is concluded that additional battery development effort is required to
overcome the sterilization problems, but it is reasonable to expect a
performance of 40 watt-hours/ib from a battery meeting the MFC require-
ments.
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2.2.9 THERMAL CONTROL
The primary thermal control requirements are to protect the capsule
power supply and electronic equipment from the low temperature of the
Mars environment. Estimates were made of the heat losses from the sphere
due to radiation, convection, and conduction. Heat gains to the sphere
were calculated for solar radiation, surface radiation, and internal
power dissipation.
A number of possible thermal control systems, both active and passive,
were examined for possible use in the MFC. It is concluded that the
optimum system is a passive one employing thermal insulation to balance
the capsule heat losses to the heat gains. The system also employs a
water boil-off/freeze system to limit the payload temperatures to
between the range of 32 and 100°F. Typical temperature histories for a
capsule are shown in Figures 2-9 and 2-10.
2.2.10 CAPSULE DESIGN
Trade-offs were conducted to determine the complete capsule configurations
which were necessary to meet varying impact requirements. The capsule
stability on a 5° slope in the Martian wind is found to necessitate the
removal of the impact limiter from the payload and the deployment of
stabilizing legs.
Equations were derived based upon previous development programs which
permit the calculation of the weights and volumes of the various mechani-
cal components within the capsule for various impact conditions and
capsule configurations.
The starting point is the performance requirement for taking a 24 ° x 24 °
high resolution facsimile picture. Then performance parameters are
chosen for all of the capsule subsystems - camera, data storage, battery,
antenna, transmitter, and thermal controls. After these parameters are
picked the total battery weight required to perform the mission can be
determined. Once the battery weight is found and an impact velocity
chosen, then in an iterative analysis of the mechanical subsystems, the
total capsule weight can be determined. Figure ii illustrates the results
of the capsule design task with a plot of the total capsule weight versus
the maximum allowable impact velocity for various values of battery weights.
2.3 CONCLUSIONS
A number of general conclusions concerning the Mars Facsimile Capsule were
reached during the study. These conclusions deserve special emphasis and
for this reason are listed below.
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a. At velocities in the 300 - 500 ft/sec range, the major portion
of the total capsule weight is devoted to the impact limiting balsa. For
this reason there can be large performance payoffs in picture taking
capability by altering the impact requirements. One possible method
might be the use of an auxiliary parachute to provide a directional control
on the capsule during entry through the Martian atmosphere. This would
permit the shaping of the impact limiter such that less protection is
provided in the directions where only secondary impacts are expected. It
is estimated that as much as a 25 percent improvement in overall capability
would result from the introduction of such a feature.
b. There has been no experimental verification of the analytical
model used in the impact analysis. Tests have been made at 200 ft/sec
but some of the predicted effects are not detectable at this low velocity.
c. The static tests conducted on balsa specimens during the Lunar
programs yielded specific energy capabilities of 12,000 to 27,000 ft-lbs/ib.
Since the Ranger missions could be successfully accomplished with a con-
figuration which utilized the average capability (18,000 ft-lbs/ib) of
balsa wood there was no attempt to improve the limiter performance through
balsa selection. It is felt that by examining the characteristics of
balsa wood, particular specimens which exhibit higher crush energies can
be chosen for use in the limiter with a resultant increase in limiter
capability. For the conceptual design configuration a 5 percent increase
in the specific energy absorption capability of the limiter could in
effect double the battery weight.
d. There is need for a further definition of pictorial requirements.
A picture contains a great deal of significant information but also a
corresponding large amount of data to transmit. Therefore, it is impor-
tant to optimize the picture requirements in terms of field of view, angu-
lar resolution, gray levels, and spectral response.
e. There appear to be solutions for all the sterilization problems
of the capsule with the exception of the battery. Recently there has
been significant progress made in both silver-zinc and thermal batteries,
and with an extensive development program it is felt that a useful and
feasible design can be found for the capsule mission. The feasibility
of the entire NFC concept is strongly related to how much energy density
can be obtained from a sterilizable power source. Less than i0 watt-
hours/pound makes a capsule mission almost impossible; however, over 25
watt-hours/pound assures mission feasibility. It now seems reasonable to
predict an achievable battery performance of 40 watt-hours/pound for
1969-1971 missions.
f. A transmitter output power of 5 - 20 watts is almost a necessity
to transmit a meaningful picture from a landed MFC. There are several
ways in which 20 watt impactable transmitters can be designed. A solid-
-22-
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state 20 watt transmitter can be designed using state-of-the-art components
and with a development program it is felt a 20 watt triode cavity trans-
mitter can be designed to withstand the high g impact.
h. A Mars Facsimile Capsule mission is feasible for the 1969-1971
time period. There are a number of areas requiring concerted development
effort but not any areas which raise serious doubts about feasibility.
There is, of course, some degree of uncertainty in what the exact perfor-
mance characteristics of such a capsule will be.
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SECTION 3
STUDY OBJECTIVES AND CONSTRAINTS
3.1 OBJECTIVES
An understanding of the study objectives and constraints is necessary to
properly evaluate the technical material in the remainder of the report.
The study contract called for an investigation into the optimum functional
characteristics of a High Resolution Facsimile experiment to be landed on
the surface of Mars. In order to limit the scope of the study to reason-
able size and to assure useful results, JPL placed further constraints on
the investigation. The purpose of the study became one of determining if
a hard-landing HRF capsule were feasible for an early Mars mission and,
if so, what performance characteristics were available for trade-off
purposes.
The reason for the emphasis on feasibility determination was that it was
not evident that a Mars facsimile experiment could even be accomplished
within allowable weight limits. The largest obstacles to such a mission
were though to be the high impact velocity, the great communication dis-
tance, and the necessity for heat sterilization.
The exact work statement for the contract is given in Section 3.2. How-
ever, the work statement doesn't include essential mission information
that formed important constraints for the study. These constraints were:
(a) The capsule landing study should not consider any
terminal descent system. Study begins just prior
to impact at a specified velocity.
-24-
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(b) Capsule weight will be in the range of 300 to 600 pounds.
(c) The maximum expected impact velocity will be 500 ft/sec.
The payload shock level should not exceed 5000 g's.
(d)
(e)
The study should consider only balsa wood as an impact
limiting material. Only omnidirectional protection
should be considered.
The study should consider mainly the 1969 and 1971 launch
opportunit_ s.
(f) The capsule communications study should not co_ ider an
orbital spacecraft relay link.
The task for Aeronutronic, then, was that of starting with the knowledge
gained in the RangerLunar capsule programs and extending it to the new
Mars mission. The Lunar programs had included all of the essential areas
of interest -- impact protection, facsimile camera, thermal control, data
storage, data transmission, and sterilization. But the Mars mission had
a completely new set of requirements. For example, the communication dis-
tance was 400 times greater, the impact velocity up to 2-1/2 times great-
er, and total capsule weight up to 6 times greater. The Martial environ-
ment, atmosphere, planetary rotation and solar radiation were all new
effects to investigate. Additionally, the spscified heat sterilization
requirements introduced new complications in certain capsule subsystems,
such as the electrical power source.
JPL and Aeronutronic agreed to certain changes in work statement interpre-
tation during the contract in order to channel the study effort to subjects
needing greater emphasis. The first such change was to have Aeronutronic
produce a Capsule Impact Technology Report in exchange for reducing effort
on Items (a) (2) vi, viii, and x of the Work Statement. This reduction
minimized the study effort which was devoted to studying the effects of
repetitive pictures, changing lighting angles, stereo pictures, and multi-
spectral capability. The Capsule Impact Technology report, Aeronutronic
Publication U-3031, is an accumulation of the previously unpublished
capsule impact information. As a result of the Ranger programs, Aeronu-
tronic has considerable knowledge and information relating to the analysis,
design, fabrication and testing of hard-landing space capsules, but be-
cause much of this information was not readily accessible, JPL requested
that Aeronutronic assemble and publish it as an important task during the
study. The completed report contains summaries of six technical subjects
as well as the unedited internal memos on these subjects over the five
year period 1959 to 1965. The six technical subjects are:
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(I) Impact Analysis
(2) Balsa Wood Characteristics
(3) Mechanical
(4) Capsule Control Techniques
(5) Electrical
(6) Impact Testing
Another work scope change occurred later when Work Statement Item (a)(3)
was minimized and Item (a)(5)(li)(B) eliminated in order to place more
emphasis on a dynamic analysis of the capsule impact limiter. This change
de-emphasized the conceptual design effort and eliminated all work on a
Development Plan. However, the impact analysis was enlarged to include
consideration of such things as variable density material and both con-
cave and convex landing surfaces.
3.2 STATEMENT OF WORK
a. The Contractor shall conduct a study program to define the
optimum functional characteristics of a High Resolution Facsimile (HRF)
system and related subsystems for accomplishment of an experimental mission
on the surface of the planet Mars. In the performance of this study the
Contractor shall:
(i) Prepare summary performance analyses and trade-off
studies, in parametric form, to determine the sensi-
tivity of various trade-off factors and the effect
of varying specific parameters.
(2) Consider the following performance characteristics
with emphasis applied to items (iv) (vii) and (xi).
(i) Thermal characteristics, including passive
and active control system.
(ii) Optical system characteristics, including
lens sizes and system focal lengths.
(iii) Telecommunications data rates and correspond-
ing power requirements.
(iv) The use of memory systems in conjunction with
high-speed sensing and low data rate transmission.
-26-
(v) System requirements for varying scan rates,
including sensing element characteristics, light
level requirements, and resolution.
(vi) The effect of lighting angle change on pictorial
data.
(vii) Effect on system characteristics of landing system
transients based on reasonable hard landing para-
meters or soft landing requirements.
(viii) Evaluation of repetitive picture taking at sep-
arate intervals, and with varying view fields.
(ix) Evaluation of stereo in enhancing data value.
(x) Evaluation of multispectral capability in
enhancing data value.
(xi) The effect of sterilization and associated require-
ments on system design and performance, including
heat and sterile assembly.
(3) Prepare design layouts and sketches where necessary to
define system parameters.
(4) Participate in two (2) technical review and planning
meetings.
(5) Prepare and submit to JPL the following:
(i) One (i) vellum and six (6) copies of an informal
monthly progress report.
(ii) One (i) vellum and twenty (20) copies of a final
technical report which shall include, but not
necessarily be limited to
(A) System description data developed during
the study.
(B) A development plan, including schedule and
budgeting costs, for the defined optimum
system.
(C) Overall results of the study effort.
(D) An Appendix consisting of all data
generated during the study.
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(iii) One (i) vellum and six (6) copies of a Monthly Cost
Report, on JPL Form 0330, July 1962.
b. JPL will:
(I) Define the environmental conditions under which the HRF
system is expected to operate.
(2) Define the Mars Surface Model.
(3) Provide the geophysical characteristics of Mars.
(4) Provide the photometric characteristics of Mars and the
Martian surface.
(5) Provide the Deep Space Instrumentation Facility inter-
face characteristics during mission time period.
3.3 ENVIRONMENTAL MODEL
In accordance with the study contract, JPL furnished Aeronutronic with an
Environmental Model to be used during the study. This model is included
in the Appendix as Section 6.1 and is briefly sun1_arized in Table 3.3-1.
It is interesting to note the special influence that this environmental
model has on the Mars Facsimile Capsule, compared to the Moon's environ-
ment on the Lunar Facsimile Capsule. The high velocity winds increase the
problems of capsule stability and antenna deployment. The presence of an
atmosphere creates the possibility of heat dissipation through convection
but makes it risky to utilize thermal super-insulation requiring a vacuum.
The temperature extremes are smaller than on the Moon and generally make
thermal control less difficult. The combination of high wind and dust
makes the operation of the facsimile camera mechanism more difficult since
the viewing window must be exposed to this hostile environment. Possible
solutions to the dust problem are to extend the viewing tube a greater
distance above the surface, to employ a window wiping device, and to keep
the window covered when not in use.
The planet rotation has an adverse effect on the facsimile camera since
the lighting angle and intensity vary rapidly during the day. The rota-
tion also places undesired limitations on the possible communication time
to Earth each day.
The surface topography of Mars is so uncertain that few conclusions can be
made about its effect on the MFC. The prediction of fewer craters is an
advantage since landing in a crater would restrict the viewing scene and
ambient light. The suggested presence of jagged boulders and rocks is a
great disadvantage since impact protection against them is difficult.
-28-
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TABLE 3.3- I
ENVIRONMENT MODEL SUMMARY
Wind
Surface Pressure
Atmospheric Composition
Ground Temperature
Air Temperature
Not greater than 60 meters/second;
less than 30 meters/second, 80%
of time.
40 + 20 millibars
3 mb of CO 2
2 mb of A
35 mb of N 2
3!0°K maximum
200°K minimum
250°K maximum at 2 meters
205°K minimum
Topography, geophysical parameters, and photometric character-
istics are included in the complete model.
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Prevailing gentle slopes (except for craters) are a definite advantage for
capsule stability in the high winds.
Uncertainties in the surface pressure and atmospheric composition are of
little importance to the MFC during surface operation. The surface
pressure and atmospheric composition are important for antenna breakdown
considerations but the MFC is generally power limited for other reasons.
The atmospheric density will, of course, have great influence on the capsule
impact velocity. However, if the capsule is designed for the highest pre-
dicted impact velocity, then the entire capsule concept is relatively inde-
pendent of the atmospheric characteristics.
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SECTION 4
CONCEPTUAL DESIGN FOR A MARS FACSIMILE CAPSULE
4.1 GENERAL DESCRIPTION
A preliminary design for a Mars Facsimile Capsule is presented here to
......... _= = L_=_a ±anu_ng capsule. _ne design approaches
described in this section are further explained and justified in Section 5,
Design Trade-Off Studies. The conceptual design is illustrated by the
configuration drawings of Figures 12 and 13.
The capsule is a self-contained planetary experimentwhich provides its own
impact protection, thermal control, electrical power, and data communica-
tions. The experiment device within the capsule is a high resolution
facsimile camera for obtaining a visual picture from the surface of Mars.
Capsule performance capability for the parameters chosen permits landing on
the surface at a velocity of 400 ft/sec, taking a 24 ° x 24 ° high resolution
picture, and transmitting the picture data directly to Earth.
Figure 12 shows the crushable impact limiter which houses the instrument
sphere. The impact limiter is made of balsa wood with its grain in the
radial direction. This limiter is removed following impact by means of a
Mild Detonating Fuse which is placed along, and interconnecting, three
orthogonal great circles located on the inner and outer limiter surfaces.
These explosives are initiated by means of three independent time-delayed
firing trains, which are encapsulated within the limiter, and inertia-
activated during atmospheric entry. The limiter is removed in 8 spherical
segments thereby allowing the passive deployment of 6 spring loaded stabili-
zation legs located on 3 orthogonal axes. These legs form a firm tripod
support for the subsequent porting and erection events.
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The fluted instrument payload is shown in Figure 13. It consists of
an electronics section, a power supply, a porting device, a the_nal control
system and a top tube assembly all housed within and supported by a pair
of metal hemispherical structures joined at their eq_tor by a threaded
coupling nut. Sis structure is in turn surrounded by a layer of thermal
insulation and retained within a fiberglass shell which is supported by the
flotation fluid. The instrument payload is erected within its stabilized
outer shell by means of flotation fluid. This is achieved by a displace-
ment of the center of gravity of the neutrally buoyant floating payload
from its center of buoyancy (geometrical center), allowing passive erection
to local vertical prior to the top tube porting event. Following erection
to local vertical, the payload is caged within this flotation fluid by a
pyrotechnic actLmted locking device located on the exterior of the floated
fiberglass insulation shell.
A porting operation next occurs which permits a tube to be extended to
several feet above the Mars surface. This tube contains the antenna and
the scanning mechanism of the facsimile camera.
4.2 CHARACTERISTICS
l_e important perfornmnce characteristics of the capsule conceptLml design
are shown in Table 4.2-I. This specific capsule design is based on the
capability of obtaining a 24 ° x 24 ° high resolution facsimile picture.
This is a rather arbitrary choice for a picture size, based on a subjective
eval_tion of what a minimum picture should be. Obviously, the picture
size can be increased by any of the following means:
(I) Decreasing the impact v_ocity.
(2) Increasing the total capsule weight.
(3) Using fewer grey levels.
(4) Using a larger picture resolution.
13e resultant facsimile picture is not restricted to the square shape
indicated. Any picture aspect ratio is possible without more than a slight
change in the camera mechanism. For instance, the 24 ° x 24 ° picture is
equivalent to either a I0° x 58 ° or a 58 ° x i0 ° picture.
_e camera will obtain a picture, with a resolution of 0.i °, which will
show surface objects as close as i meter away. The picture also remains in
focus for objects at infinity, such as clouds or the horizon. Capsule
design is based on a picture with approxi_tely 16 _- grey levels (dyna-
mic range of 40 db).
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TABLE 4.2- I
CAPSULE CHARACTERISTICS
I
I
I
I
I
I
Payload Weight
Total Capsule Weight
Maximum Impact Velocity
Picture Size
Resolution
$08A___Time
Grey Levels
Total Data
Transmission Distance
Transmission Data Rate
Transmission Time per Day
Antenna Gain
Transmitter Power
Transmission Frequency
Maximum Capsule Surface Life
-35-
115 ibs.
335 ibs.
400 ft/sec.
24 ° x 24 °
0.i °
! hour
16
2.5 x 105 bits
1.2 AU
12 bits/second
2 hours
12 db
20 watts
S-Band
4 days
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Capsule impact velocity capability was chosen at 400 ft/sec to place it in
the center of the 300 to 500 ft/sec range of interest. The impact cap-
ability is based on average balsa characteristics, a flat unyielding impact
surface, and unidirectional impact protection. Changes from these condi-
tions can either increase or decrease the impact capability. It is
reasonable to expect that selection of balsa will result in some definite
improvement in impact capability. If the capsule has any type of impact
direction orientation, considerable improvement in impact protection can
be obtained by altering the spherical shape of the limiter to favor the
required directions. Analyses and tests have shown that the major portion
of the capsule kinetic energy is dissipated during the first capsule impact,
hence the protection against secondary impacts due to bouncing need not be
as great.
The capsule will transmit the 230,000 bits of picture data to Earth with a
triode-cavil20 watt transmitter at the rate of 12 bits/sec. Transmission
will be limited to 2 hours per day by the antenna beamwidth; therefore, it
will take at least three days to transmit all the picture data.
The estimated weight breakdown for the capsule is given in Table 4.2-11.
It can be seen that the largest portion of the weight is devoted to the
balsa impact limiter. This is, of course, the reason for the emphasis
during the entire study on obtaining the maximum efficiency from the impact
limiter.
4.3 SEQUENCE OF EVENTS
A typical terminal event sequence for the Mars Facsimile Capsule is given
in Table 4.3-1. The capsule timers will be initiated upon atmospheric
entry by the activation of several inertia actuated "g" switches.
Three "g" switches together with independent timers and batteries will be
encapsulated within the impact limiter for activation of the impact limiter
removal device (Mild Detonating Fuse) following landing. Several such
timers are provided to preclude the possibility of damage and possible
malfunction following impact. Following limiter removal, the 6 spring
loaded stabilization legs located within the confines of the separate
limiter segments will be passively deployed and the payload allowed to
erect within its flotation fluid. After a reasonable period of time to
damp payload oscillation within its flotation fluid, the post impact
caging foot will be engaged by an inertia activated internal timer, thereby
locking the payload within its previously stabilized outer shell.
The capsule is ported by a Flexible Linear Shaped Charge located directly
above the erectable top tube. Actuation of this charge by an internal
timer cuts a hole in both the inner and outer fiberglass shells, thereby
allowing the top tube and antenna to erect. Top tube erection is
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TABLE 4.2-II
CAPSULE CHARACTERISTICS
WEIGHT ESTIMATE
Top Tube Assembly
Azimuth Drive
Transmitter
Core Memory
Signal Electronics
Antenna
Extension Mechanism
G=_i_ _ahani_m
Porting Mechanism
Structure
Thermal Control Fluid
Battery
Insulation
Insulation Shell
Flotation Fluid
Flotation Shell
Stabilizing Legs
Limiter Removal Device
Impact Limiter
Impact Limiter Cover
Limiter Inner Radius
Limiter Outer Radius
Size Estimate
1.2
0.6
9.2
6.0
1.8
1.8
0.4
1.5
2.0
10.7
1.3
18.0
5.5
8.5
3.5
i0.i
3.0
3.0
33.5,
2.7,
450
0.605
2.35
ibs.
ft.
ft.
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TABLE 4.3- I
MFC SEQUENCE OF EVENTS
i. Removal of Biological Barrier
2. Bus Separation
3. MFC Deceleration
a. Initiate Payload Timer (inertia switch)
b. Initiate Limiter Timer (inertia switch)
c. Uncage Payload
4. Impact
5. Limiter Removal (timed from 3.b.)
6. Stabilizatxon (automatic)
7. Orientation (automatic)
8. Caging (Timed from 3.a.)
9. Porting (Timed from 3.a.)
i0. Top Tube Erection (Automatic)
ii. Antenna Deployment (Automatic)
12. Electronics Activatxon (Timed from 3.a.)
13. Image Scan and Storage (Timed from 3.a.)
14. Transmission (external sensor)
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accomplished passively by gas pressure entrapped within the voids of the
payload structure. The antenna is a spring-like device whose deployment
is also passive.
Following top tube erection, the internal timer activates the electronics
and scan mechanism, to begin the facsimile imaging operation. The picture
data will be stored in digital form in a core memory unit.
Data transmission to Earth will occur in the mornings of the succeeding 3
days when Earth passes nearly overhead. The data transmission will be
preprogrammed to occur only during the time the antenna is pointed towards
Earth.
4.4 SUBSYSTEM DESCRIPTION
4.4.1 HRF CAMERA
The _ camera for the MFC consists of the items sh_n in the functional
diagram of Figure 14. The components within the top tube assembly are
shown in the schematic of Figure 15.
The optical window transmits radiation from the scene to the scanning
mirror. The primary function of the window is to provide a seal so that
_h_ _am_ra h_u_ing m_y h_ kent clean.
The mirror assembly provides a highly reflecting flat surface which
uniformly rotates through a vertical scan angle. The optical properties
of the mirror are such that, as it continuously scans the vertical angular
scene ±ield, it directs the radiation within the instantaneous field of
view onto the objective. The scanning mirror is caused to nod in the
vertical direction by a cam and follower arrangement which is driven by a
synchronous motor and gear box.
The camera contains a fixed focus optical veiwing assembly. The objective
collects radiatlon from the scanning mirror and then transfers the radia-
tion onto a detector. The objective is located vertically below the
nodding mirror and will be an achromat lens coated and corrected for the
scene spectral region of interest. The lens will be optimized for both
diameter and focal length. A small diameter pinhole is placed close to the
detector, at or near the image plane of the objective, to define an instan-
taneous field of view and the near field distance. The interior of the
telescope will contain several graduated light baffles and many smaller
baffles or threads on the inside of the tube to limit unwanted reflections.
The tube will also be coated with a low reflectance optical black paint to
reduce light scattering. A mechanical chopper is located between the
objective and the pinhole but near the image plane to modulate the incident
radiation to permit electronic signal amplification.
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The azimuth drive worm is mounted to the base structure which does not
revolve. The worm gear is hubbed into the azimuth tube and contains suffi-
cient teeth to revolve the azimuth tube at the desired rpm compatible with
the vertical scan. A gear box will be used to gear down the normally high-
rpm motor to provide a smooth azimuth scan motion compatible with the
vertical scanning mirror.
Vertical and azimuth drive hysteresis synchronous motors will be used to
ensure reliable video and scanning synchronizatlon. A frequency standard
(tuning fork) is utilized to provide motor drive signals. The amplified
frequency standard output is used to drive both the vertical and horizontal
scanning motors.
The surface spectral radiometry of Mars dictates that a silicon detector be
used as the camera transducer to achieve maximum spectral response. The
silicon detector is also capable of withstanding the prolonged high tempera-
ture environment associated with sterilizatlon of the capsule. The detector
and preamplifier for the Mars Facsimile Camera are considered as an integral
unit due to the fact that the preamp must be located as close as possible to
the detector to minimize detector lead capacitance. The size of the
detector will be kept small so that the inherent capacitance will not limit
the detector response time or increase the noise signal. The detector will
be positioned to receive all of the radiation transmitted through the pin-
hole aperture. The detector signal is amplified and then fed to the signal
handling electronics for digital encoding and storage.
4.4.2 CAPSULE ELECTRONICS
The electronics subsystems for the conceptual design capsule are shown in
block diagram form in Figure 16. In several cases, alternate modes of
operation and means of mechanization are possible as discussed elsewhere
in this report. The approach described here is considered to be a practi-
cal and useful one and utilizes a fixed pointing antenna and no cow,hand
receiver whereby the mission can be accomplished more reliably.
The design is based upon a fixed, medium gain, conical pattern antenna
(+ 12 db, 42° , 1/2 power beamwidth) which is erected to the local vertical
with the camera mechanism. Picture taking and subsequent data transmission
are programmed for favorable periods and controlled by a Sun sensor which
may be arranged to sense either Martian sunrise or a selected angle of the
Sun from the zenith. Data transmission over a period of several days is
assumed to allow transmission of 1/4 million bits of data with a 20-watt
transmitter (2 to 20 bits/sec at distances between 0.8 to 2.0 AU).
If it were decided to scan the scene slowly as the information is trans-
mitted, no storage would be required, however, such a scene would be taken
under changing conditions of lighting and perhaps other environments such
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as wind and dust. This mode of operation has interesting effects upon the
information content in a single transmitted scene and increases the likeli-
hood of obtaining good picture detail if dust conditions are changing. A
1/4 million bit core storage memory is included in this design to permit a
fast scan with delayed transmission. The weight and volume estimates are
based on an existing I million bit memory. A tape recorder/reproducer
would represent a lighter memory but at present it appears a special deve-
lopment will be required to achieve a sterilizable tape.
The camera's hysteresis-synchronous motors will be controlled by a stable
electromechanical fork reference. A suitable fork reference was qualified
to 3000 g, 3 msec impacts on the LFC program. The same 400 cps signal is
supplied to the Programmer as a clock source so that A/D conversion and
data framing can be made integrally related to the picture scan line.
Then line sync can be flagged in the data frame word position. A possible
format, similar to that of Mariner C is as follows:
VIDEO
MISC.
m
w
"Word" No. I
l
X X X X X X X X ,0
!
l
l
ELEMENT ELEMENT ,
I
|
OTHER DATA
U_ 1,,L-_'%.1_£.L"_,L_.t'lr-.
I ata Words
m
Line Szn2_-_b
Data j _
v
Word No. n
Frame Sync & Data Flag
i I i i I I X X i
.z_! _l_ ! _l_ ! _o_o _l_
I I i I i i I i i
i i i i i i i 0 i
It is assumed that each picture element will be coded to 4 bits (16 levels).
Therefore, a 9 bit "data" word is more efficient than the 7 bit word of
Mariner C. The 9 bit "data" word is made up to 2 picture elements followed
by a "0" bit which makes the frame sync word unique in each frame. One bit
position in the frame word is upset periodically to denote line sync.
All capsule functions are initiated with the appropriate delays by the
sequencer and timer which is initiated by a g-switch during atmospheric
entry. The functions of timing, actuation, power conversion, etc., are
already highly developed as the requirements are so close to those of the
previously developed Ranger Seismometer and Facsimile Capsules.
4.4.3 POWER SOURCE
The capsule conceptual design is based on the use of a secondary silver-
zinc chemical battery as the electrical power source. This battery employs
inorganic separators and can be sterilized in the wet state. The battery
will be charged during spacecraft flight to ensure full charge immediately
before the landing sequence.
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The battery provides 28 volts output to directly operate the triode-cavity
transmitter. The expected energy density of the battery is 40 watt-hours
per pound for the predicted drain rate and mission duration. Battery con-
struction will be similar to that employed in the Ranger hard-landing
capsules; tightly compressed bipolar cells will be encapsulated with epoxy-
fiberglass.
Rather obviously, the described battery isn't readily available and will
require considerable development effort. Elsewhere in this report, the
reasons for expecting this performance are given.
4.4.4 TRANSMITTER
The MFC requires a phase-stable S-band transmitter with a power output
capability in the range of i0 to 20 watts. Several design configurations
to meet these requirements are possible; the configuration chosen for this
design concept is a solid state signal source driving two triode-cavity
amplifiers.
A 20-watt design utilizing two 10-watt ceramic triodes of design similar to
the 5-watt GE 2835 or RCA A-21509 triode-cavities which were previously
qualified by Aeronutronic on the Range programs for 3000g, 3 ms impacts is
shown in Figure 17. Overall efficiency is 17.7% including a 1.2 db loss
=_or!_e_ with the hvbird power combiner. This design configuration
includes a transistor crystal oscillator, a but_er, _ransi_Lo_ p_weL _li
fiers, and varactor multipliers.
4.4.5 ANTENNA
The antenna for the MFC conceptual design is an erectable helix which is
vertically oriented with the camera top tube assembly. The helix antenna
is inherently adaptable to applications requiring erectable devices because
it closely resembles a coil spring. Either mechanical erection or inflation
may be used to deploy the helix, in fact, inflatable helices have been
commercially available for several years.
The sketch in Figure 18 indicates the dimensions of the antenna envelope,
which is a circular cylinder. The following table summarizes the electri-
cal and mechanical characteristics of the 12 db gain helix. For higher
gains, the only numbers that change are number of turns and length. These,
however, increase rapidly with increasing gain.
Gain
Half Power Beamwidth
Number of Turns
Length (excluding ground plane)
Ground Plane Diameter
Helix Pitch Angle
Helix Diameter
12 db
42 degrees
i0
11.5 inches
4.2 inches
13 degrees
1.7 inches
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The choice of an erection technique must include consideration of sterili-
zation temperature, wind loading, and degradation from wind-carried
particles. An inflatable cylindrical sock to which the helix is mechani-
cally erected must be made heavy enough to defy puncture by flying sand
and other particles. For these reasons, mechanical erection is favored at
this time.
A mechanical telescope, metal or dielectric, will be used in the center of
the helix. The telescope projects a flat, circular dielectric disk the
proper distance along the axis of the antenna, thus deploying the helical
winding which is terminated at the disk. The winding itself will have high
electrical conductivity and will deploy so that the pitch angle is constant
along the helix.
4.4.6 LIMITER COVER
It is necessary that a cover be provided for the impact limiter to (a) pre-
vent loss of moisture during sterilization and transit which results in a
decrease in balsa wood yield strength and consequently energy absorption
capabilities, (b) to increase limiter impact strength, (c) to prevent loss
off limiter sections during primary impact which may be necessary to absorb
secondary impacts, and (d) to provide abrasion resistance for "sliding"
impacts.
A typical cover construction is that developed by Aeronutronic for the Lunar
Seismometer Capsule. It consists of 2 layers of fiberglass fabric with an
intermediary layer of Silicon Modified Rubber. The former provides strength
for primary impact and abrasion resistance while the latter acts as a
moisture barrier possessing sufficient elasticity to prevent loss of limiter
sections necessary for secondary impact protectzon.
4.4.7 IMPACT LIMITER
The impact limiter is a laminated balsa wood sphere with a thin shell cover.
This limiter surrounds and is bonded to the spherical fiberglass flotation
shell.
The limiter is constructed of balsa wood blocks which are pre-selected and
assembled into composite blocks of specified density and grain orientation.
Then the final sphere lamination is performed in a manner which orients
the balsa grain in a nominal radial direction about the capsule to provide
maximum specific energy absorption. All bonding will be performed using
high temperature, heat sterilizable resin. Assembly will be performed in
precision metal fixtures using vacuum bags to hold the balsa parts in place.
Upon final assembly, the inside hemispherical surfaces of the two limiter
halves will be machined to the contour of the specific payload scheduled
for that assembly, and the two halves bonded to the flotation shell and to
each other. The cover will be fabricated in place by a sequential lay-up
process.
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4.4.8 FLOTATION SYSTEM
The flotation system consists of two concentric spherical shells of epoxy-
fiberglass construction separated by a layer of neutrally buoyant flotation
fluid. The outer, or flotation, shell is made of of two hemispheres with
the impact limiter bonded to its outer surface. The inner or insulation
shell is of similar construction but it is smaller in size. In one end,
the insulation shell is depressed and the cage-uncage system is mounted.
Diametrically opposed, the inner surface of the shell has a circular
groove into which the flexible shaped charge for porting is set. This
shell also acts to hold the insulation in place.
Erection of the payload is effected by an offset of the payload center of
gravity with respect to its center of buoyancy (geometrical center).
4.4.9 UMBILICAL CABLE
An umbilical cable extends from the inner payload through the impact
limiter to the exterior of the capsule. This cable passes through the
flotation fluid via the cage-uncage system. Thus, it is disengaged and the
payload is allowed to float free prior to impact.
This provides a checkout capability for the capsule and a means for
activating the power supply prior to launch without interferring with cap-
sule erection.
4.4. i0 PAYLOAD STRUCTURE
The payload sphere structure contains and supports all subassemblies which
make up the inner sphere of the capsule. It consists of an upper brazed
hemisphere, a lower brazed hemisphere, an electronics plate, a battery
plate, and a coupling unit.
The upper brazed hemisphere houses the electronics system modules along
with the azimuth drive mechanism for the top tube. For ease of assembly,
the electronics area is broken up into two levels separated by the elec-
tronics plate. A tubular section is provided at the center of the struc-
ture for support and extension of the top tube and antenna assemblies.
The support shown for the flexible linear shaped charge porting charge will
be flexible enough to survive impact (without imparting excessive loads into
the structure), while sufficiently rigid to support the detonation forces
of the shaped charge.
The lower brazed hemisphere houses the power supply, the thermal control
fluid and a pressurization system for top tube extension along with a
tubular section for supporting the top tube assembly. The battery plate
rests between the battery and the lower electronics compartment and dis-
tributes the load between the two.
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The upper and lower hemispheres will be machined from a brazable 6061-T6
aluminum billet while the plates will be made from a high strength 7075-T6
aluminum plate. The only steel part in the payload structure is the coupl-
ing nut which joins the two hemispheres. This nut satisfies the require-
ments of simplicity, interchangeability, ease of assembly, continuous
clamping, high load capacity, and minimum diametrical allowance. The
structure includes an "0" ring at the equator to seal off the inner payload.
4.4.11 TOP TUBE ASSEMBLY
The Top Tube Assembly consists of a housing which encloses a mirror scanner,
a vertical scan mechanism, a mechanical chopper and a signal electronics
which condition an image for recording and subsequent transmission. Mounted
atop the top tube is the antenna system which also acts to cage the top tube
axially during impact. Surrounding this tube are the extension tubes which
serve to erect the top tube above the capsule following porting.
The Top Tube Assembly is extended through the use of a pressurizatlon fluid
stored in the lower hemisphere. As the lower portion of theTop Tube
Assembly reaches the top of the inner extension tube, it is locked in place
by a snap ring and sealed with an "0" ring. This process is repeated with
the extension tubes until maximum extension has been achieved. The coaxial
cable for antenna transmission and the wiring for the top tube electronics
are passed down the top tube and extension tubes. In the stowed position,
they are coiled under the Top Tube Assembly. As the tube extends, the
cable is uncoiled.
The various components in the Top Tube Assembly are keyed to the housing
which is keyed to the structure to prevent rotation in the stowed position.
In addition, grooves are provided in the structure to permit wire routing
and pressurization. The azimuth position is controlled by the azimuth drive
assembly which rotates the tube after extension.
4.4.12 THERMAL CONTROLS
Payload temperature control on the Martian surface is achieved by a passive
system utilizing a thermal insulation surrounding the inner payload and a
water boil-off-freezing system within the payload. The thermal insulation
provides the coarse temperature control and is sized to provide an approxi-
mate heat balance between heat gain from internal power dissipation and heat
losses to the ambient surroundings. The water boil-off-freezing subsystem
provides for fine temperature control maintaining the payload temperature
between 32°F and 100°F.
The thermal insulatlon must also resist the crushing load of impact and pro-
vide a means for keeping the inner sphere concentric with the insulation
shell, a necessary condition for the accurate erection of the floating
inner sphere.
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The thermal insulation shown in the conceptual design is assumed to have
the low thermal conductivity of Min-K-503 and the mechanical properties
necessary to survive impact. The MIN-K-503 insulation does not appear to
have acceptable mechanical properties. Thus, an insulation development
programmay be required to obtain a low thermal conductivity material
(at Martian ambient pressures) with acceptable mechanical properties. If
such a material is not obtained, other insulating materials are available
whose thickness would be approximately twice as great as that indicated in
the conceptual design.
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SECTION 5
TRADEOFF STUDIES
5.1 SYSTEM CONSIDERATIONS
This section reviews the overall system considerations involved in perform-
ing a Mars Facsimile Capsule (MFC) mission. The study constraints did not
permit consideration of such subjects as the launch vehicle, spacecraft,
trajectories or atmospheric entry. Rather, the system discussions are con-
fined to the subjects of Capsule Value, Landing Sites, and Sterilization.
a. Capabilities. The MFC is a self-sufficient payload package which
can be landed on the surface of Mars at velocities up to 500 ft/sec. This
upper velocity corresponds to the terminal descent velocity of a low-
ballistic-coefficient entry body into the assumed least dense Martian atmos-
phere. Therefore, the MFC does not require a sophisticated landing system
involving retro motors, altimeters, parachutes, etc. The entire MFC hard
landing concept is relatively independent of any assumptions on Martian
environment (including atmospheric density and composition). The impact
limiting method of the MFC provides complete omni-directional protection
against an infinitely hard surface. Contained within the MFC are its own
attitude orientation, thermal control, data storage, and facsimile viewing
systems which are based on hardware previously designed and successfully
tested. The capsule is capable of transmitting pictorial data directly to
Earth without dependence upon an orbiter or flyby spacecraft as a relay
station.
The primary task of the MFC is to obtain a visual image from the Martian
surface. Depending upon the intent, the visual image can have varied and
multiple scientific uses. Data from the capsule can include a picture
which extends from a near-field of a few feet to a far-fleld showing clouds
above the horizon. In its more advanced forms, the MFC can scan the area
around the landing site and transmit to Earth only the picture data of
greatest importance. Such selection can be internally programmed or based
on received commands. The basic facsimile camera operation is adaptable
to the functions of multispectral or colored viewing, stereo viewing, and
obtaining sequential pictures. These added functions may not be possible
on the earliest missions with the lowest capsule weights.
b. HRF Advantages. Because the high resolution facsimile (HRF)
concept is not widely understood, it is useful to enumerate some of its
inherent advantages over other imaging systems (such as ones utilizing
vidicon tubes). The list below applies principally to a facsimile camera
which is a part of the payload within a hard landing capsule.
(I) The sensing element can be located within a small,
easily deployed tube. Only a small aperture is
exposed to the environment.
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(2) The camera mechanism is rugged and resistant to
high level shock (over 4000 g's).
(3) The camera is compatible with heat sterilization.
(4) The reproduced image is linear without any edge
or corner distortion.
(5) The picture aspect ratio can be whatever desired.
(6) Panoramic and wide-angle pictures are possible
without mosaic reconstruction.
(7) There is an infinite depth of field with high
resolution (fixed optics).
(8) HRF has both photometric and photogrammetric image
point stability because a single lens and detector
are used serially for an entire image.
(9) A large dynamic range of many gray scales is
possible.
(i0) The camera is operable over a wide temperature
range.
(II) There is no data decay due to direct image
storage.
(12) The camera requires low power and no warm-up time.
(13) HRF camera can be used at low scan rates to match
a restricted data transmission rate.
(14) Easily adaptable to color and stereo viewing.
c. Utilization of Results. Many scientists and engineers have
expressed a desire for a visual image of the Mars surface but their
specific reasons are sometimes difficult to describe in quantitative
terms. Primarily, it appears the desire arises from a need for a maxi-
mum amount of information from what is now a completely unknown area.
The eye is the prime input sensor for the human mind and people are accus-
tomed to accepting and evaluating new information in visual form.
Visual images contain information on sizes, shapes, textures, arrangements,
contrasts, movement, locations, etc. -- things which are very difficult
to instrument in any other manner. Furthermore, an image sensor can accomo-
date and report on a completely unexpected situation -- such as the
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presence of paving blocks, trees, buildings, canals, or springs. An HRF
camera picture contains information valuable to specialists in many fields.
Some of the specific areas of interest are listed below:
(i) Biology Life detection (morphology),
ecology.
(2) Paleontology Fossil detection
(3) Meteorology Cloud formations, dust storms,
frost, electrical phenomena
(4) Geology Topography, surface material
classification, erosion, meteoric
craters, protuberances, particle
sizes
(5) Physics Surface reflectance
(6) Engineering Manned landing site evaluations,
surface characteristics
(7) General An understandable accomplishment
of space exploration
d. Added Measurements. Rather obviously, an early Mars lander
capsule might contain more than just an HRF camera system. It is expected
that the HRF camera might constitute the largest amount of weight, gener-
ate the most data, and require the most electrical power. However, certain
other valuable measurements could be included in the payload with little
penalty. These are listed below without any explanation; however, they
have all been evaluated with regard to their importance in the manned and
exobiological exploration of Mars. (See Reference I).
ADDED MEASUREMENTS
(I) Seismometer
(2) Air temperature
(3) Surface temperature
(4) Surface radioactivity
(5) Wind force
(6) Sky brightness
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(8)
(9)
(io)
(ll)
(12)
(13)
e.
(14)
(15)
Feasibility.
Atmospheric composition
Atmospheric pressure at surface
Surface conductivity
Humidity
Dust concentration
Solar spectrum and irradiance
Ionizing radiation
Magnetic field at surface
Gravitational field at surface
The Ranger program involved extensive development
of the hard-landing capsule concept. Aeronutronic, under JPL contract,
developed, built, and tested the Lunar Seismometer Capsules. Three of
these capsules were launched on Ranger spacecraft but the missions were
aborted due to failures not connected with the capsules.
Additionally, also under JPL contract, the High Resolution Facsimile Camera
mechanism and core memory storage unit were developed and tested for use
in Lunar Capsules. All of this work forms a firm foundation in the areas
of the MFC with which this report is concerned. The MFC represents a con-
siderable extension over the Lunar Capsule hardware, but not a leap into
a completely unknown area. The gross characteristics differences are illus-
trated below:
ITEM
LUNAR MARS
FACSIMILE FACSIMILE
CAPSULE CAPSULE
Payload Weight (Ibs) 50 50-150
Balsa Limiter Weight (Ibs) 40 200-500
Total Capsule Weight (Ibs) 90 300- 600
Transmitter Power 5W 20W
Frequency
Battery Weight (Ibs)
Max. Impact Velocity
Payload Shock Environment
960 MC
8
200 ft/sec
3000 g
2295 MC
18-40
500 ft/sec
3000 g
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The study revealed several technical areas which need concentrated develop-
ment effort before an MFC mission can occur. These are:
(i) Sterilizable battery
(2) 20-watt impactable S-band transmitter
(3) Low-conductivity impactable insulation
(4) Sterilizable pyrotechnic devices
(5) Verification testing of balsa wood performance
in large spheres at high velocities
The sterilizable battery appears to be the greatest problem and, of course,
is currently under concentrated investigation by NASA. Acceptable solu-
tions to this problem appear to be in sight in both the silver-zinc and
thermal battery concepts. The problems in developing an impactable 20-watt
S-band transmitter are not at all overwhelming at this time. Impactable
transmitters of several watts output at L-band have already been proved
for use at high shock levels.
A dense, low-conductivity, impactable insulation is desirable for the MFC
but there are alternate solutions if this material cannot readily be develop-
ed. The obvious solutions are to accept the payload penalty due to more
insulation weight or more battery weight for a heater. The capsule requires
sterilizable pyrotechnic devices but these appear to be available, although
little test or reliability information currently exists.
Last, there is need for further analytical and experimental investigation
of impacting large capsules at the new high velocities. Such investigations
would be expected to reveal additional problems, but none without solutions.
On this basis, the conclusion is reached that it is technically feasible
to develop an MFC with the stated performance for a 1969 or 1971 Mars
Mission.
5.1.2 LANDING SITES
The study contract did not call for any investigation of landing sites,
trajectories, or entry methods. However, questions of landing sites
naturally become important whenever communications from Mars are involved.
Therefore, several aspects of the communication geometry were investigates
and are recorded here.
a. Geometr[. Figures 19 • and 20 show the communication dis-
tance from Mars to Earth as a function of calendar date for the time period
of 1968-1975. These curves illustrate that the distance varies from
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approximately 0.4 to 2.6 astronautical units (AU). With a known Mars arrival
date, one can easily find the communication distance. Figures 21 and
22 show the planetary communication angles for the same time period.
Two important conclusions can be drawn from these curves. First, there
are time periods when the Sun comes between Earth and Mars, making communi-
cations extremely difficult. Secondly, from Mars the Earth usually appears
within 40 degrees of the Sun. This last factor may have significance in
trying to devise a way for aiming an antenna from the surface of Mars at
Earth.
Figure 23 is an ecliptic projection for a typical 1971 Type I Mars
trajectory. The spacecraft, Earth and Mars are shown at launch, at arrival,
and at 20 days before and after arrival. This figure serves only to give
a perspective view of the communication geometry.
b. Locations. Figures 24, 25, 26, and 27 all show the
effect of the MFC landing location on the possible communication time per
day with Earth. Possible communication time is defined as the percent of
the day that line-of-sight vision exists between the Martian surface and
the center of Earth. For each of the curves, it is assumed that the Earth
must be at least i0° above the Martian horizon before it is visible. The
variable in the curves is the latitude of the MFC landing site. The curves
show the polar regions fluctuate between having continuous and no communi-
cation capability. The equatorial area (zero latitude) has nearly a con-
stant 50% communication capability. All of the curves imply that the MFC
be capable of radiating energy to Earth regardless of where in the sky the
Earth is located. In other words, to take advantage of the communication
time shown in Figures 24 to 27 , the MFC would need wither an Earth-
tracking antenna or an antenna with hemispherical coverage.
Near-equatorial landing sites appear attractive for an MFC mission for
these reasons:
(1) Equatorial landing sites are generally easier to
achieve from a spacecraft because the trajectory
dispersions can be larger.
(2) The equatorial regions are interesting investigative
areas. These regions are best observed from Earth
and therefore any new data can be correlated with
existing knowledge. Swan and Sagan in Reference
2 list the following recommended landing sites for
obtaining exobiological information:
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1969 Longitude Latitude
Solis Lacus 90 - 28
Syrtis Major 290 + i0
Mare Sirenum 140 - 30
Lunae Paulus 65 + 15
Trivicum Charontis 198 + 20
1971 Longitude Latitude
Polar Cap 40 - 82
Mare Ci_m_erium 235 - 18
Lunae Paulus 65 + 15
Aurorae Sinus 50 - 15
Solis lacus 90 - 28
Mare Serpentis 315 - 30
Many of these areas are close to the equator.
(3)
(4)
The simplest antenna for the MFC is one which directs
the transmitted signal vertically from the surface.
This type of antenna requires only vertical erection
-- no complicated pointing or continuous tracking.
However, such an antenna is only useful at the Martian
latitudes where the Earth passes nearly overhead.
above the Martian equator for the time period of
1968-1975. The elevation ranges from about -26 to
+26 degrees. Therefore, the Earth will always come
within 26° of passi_overhead for a landing site
chosen on the equator. Obviously, a landing site for
a specific date can be chosen near the equator so that
the Earth passes directly overhead.
The solar radiation at the equator makes the obtaining
of pictures easier because the lighting is more in-
tense, more nearly constant throughout the year, and
more predictable. These benefits are due to the
smaller effects of the radiation transmission through
the atmosphere. Therefore, the HFC camera has a
better chance of obtaining a good quality picture
of a dark environment if it is near the equator.
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c. Sequence. Some general conclusions can be made about the
relation of the landing site to the sequence of capsule operations. To
do this, it is easiest to assume certain specific landing conditions since
no particular landing trajectories were specified for this study. Equal
or similar conclusions can be reached for other landing conditions. The
assumed landing conditions are:
(i) A specific landing date of 15 December 1971.
(2) A landing site choice near the Martian equator.
(3) A nearly vertical atmospheric descent trajectory.
Figure 30 is a Solar referenced map of Mars for these particular con-
ditions. To start, we will discuss just what this map shows.
Near the center of Figure 30 is the Solar-vector point through which
passes the line between the centers of Mars and the Sun. The map is
referenced to longitude to this point so the Sun can move only up and down
in latitude with changing calendar time. The latitude for the map is based
on the true equator of Mars. The plot therefore resembles a map of Mars,
except the coordinate system does not rotate as the planet rotates about
its axis, thereby leaving the actual aerographic longitude undefined.
The position of the Sun for the assumed landing date is 19 degrees below
the equator, while the Earth is 24 degrees below the equator and 46
degrees west of the Sun. For the particular case, the arrival asymptote
approaches Mars from a position 6 degrees below the equator and 97 degrees
west of the Sun. The solid llne represents the terminator, or boundary
between the sunlit and dark zones of the surface. The line connecting the
dots, enclosing the Earth's position, indicates the portion of the planet
which is in line-of-sight view of the Earth. The dashed line in the right
hand portion of the figure encloses the area which definitely cannot be
reached by a ballistic entry trajectory.
Now to examine the map for conclusions about the capsule sequence. The
assumption of a nearly vertical atmospheric descent means that the land-
ing site will be somewhere within a small circle surrounding the arrival
asymptote. The map shows that the landing site is in view of Earth but
that landing will occur at about sunrise. The capsule will have to wait
many hours until the best lighting occurs for obtaining a high resolution
facsimile picture -- it will be six hours until noon. However, it will be
only 3.4 hours until the Earth is directly overhead -- the best time for
communicating with a vertically oriented antenna. Thus, it seems unlikely
that a picture can be taken the first morning in time to communicate a
significant portion of it to the Earth.
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There are, however, significant advantages in taking an entire picture the
first day and recording it for subsequent transmission. After landing
there should be enough delay provided before taking a picture to ensure
that the landing dust has settled. However, it is advantageous to oper-
ate the camera as soon as possible and to avoid subsequent sand storms,
evening winds, and unpredicted diurnal temperature variations as the camera
scanning window and the azimuth drive mechanisms are somewhat unavoidably
exposed to the exterior environment.
Thus, it seems likely that the capsule will obtain a picture in late morn-
ing or early afternoon to maximize the ambient light but still have some
shadows. Shadows appear necessary to provide contrast and aid in depth,
size and direction perception. The picture will be stored internally by
means of a tape recorder or magnetic core memory. The transmission of
picture data will begin on the day after the landing. The time of trans-
mission will be internally programmed from some measurable event such as
spacecraft separation, surface impact, sunrise, or local noon. Data will
be transmitted for several hours each day until it has all been transmitt-
ed at least once.
If the capsule capabilities permit, it would be valuable to perform the
following variations of the basic HRF picture-taking function.
(I) Take stereo pictures by displacement of the
HRF viewing window
(2) Obtain facsimile pictures using only specific
filtered sections of the radiation spectrum;
i.e., color pictures.
(3) Take pictures at different times or days to
observe scenic changes
(4) Employ commands from Earth to concentrate the data
capability on the most important areas of pictorial
information.
5. I. 3 STERILIZATION
One of the major tasks during the study was the consideration of the
sterilization requirements for the MFC. First, the anticipated sterili-
zation requirements were reviewed and it was concluded that a terminal
heat soak was the probable and also most severe sterilization require-
ment. Therefore, throughout the trade-off studies and conceptual design
effort only materials, components and processes were considered which
were compatible with the heat sterilization criteria. More detailed con-
sideration of sterilization effects can be found in other parts of this
report, particularly in the sections on balsa, data memories, and power
supplies.
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a. Requirements. There were no specific sterilization requirements
imposed on the MFC by JPL during the study contract. However, several pre-
liminary NASA documents (References 3, 4, and 5) exist which indicate what
the probable requirements will be. These are summarized below:
(1) Clean Room Assembly.'The capsule shall be assembled
in a standard clean room from parts and subassemblies
which shall be individually sterile.
(2) Heat Cycle (Flight). The entire capsule shall be sub-
jected to a temperature of 135°C for 24 hours. The
most thermally isolated component shall meet this time
requirement, meaning that some components may be held
at this temperature for more than 24 hours.
(3) Heat Cycle (Type Approval). The entire capsule shall
demonstrate flight qualification by being subjected to
three separate cycles of 145°C for 36 hours. It shall
subsequently demmnstrate proper functional operation.
(4) Biolo$ical Barrier. The capsule shall be sterilized
in a container which is a biological barrier. It
shall remain in this container during flight until
the spacecraft is a considerable distance away from
Earth.
It is evident that the sterilization requirements resolve themselves to
design problems of using the correct components and materials capable of
withstanding the long term (108 hours minimum) heat soak at high temper-
ature (145°C). There are also innumerable associated problems of assemb-
ly, test, and checkout but these were only lightly considered during the
ual design stage.
b. Desi$n Considerations. The following items discuss some of the
design problems and solutions for obtaining a Mars Facsimile Capsule
which can withstand the terminal heat sterilization.
(1) Structure. The structure will be constructed of
aluminum alloy. In general, the _roperties of these
materials are unaffected by a 300-F heat soak for
periods on the order of i00 hours. An exception is
the high strength 7075-T6 alloy whose tensile yield
strength is reduced 10% by a i00 hour soak at 300°F;
in the event this material is used, this expected
degradation will be accounted for.
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(2)
(3)
(4)
(5)
(6)
(7)
Impact Limiter. Previous tests performed on heat
sterilized balsa wood impact limiters have indicated
that to prevent degradation of physical properties
following sterilization it is necessary to prevent
loss of moisture. Failure to heed this precaution
results in the balsa wood becoming brittle, accompan-
ied by a reduction in energy absorption reliability.
The MFC limiter will be fabricated using a high
temperature resin system capable of tolerating the
293 F sterilization level temperatures. Then, prior
to sterilization, the limiter will be sealed, thereby
preventing any loss of moisture and hence degradation
during sOak at elevated temperatures.
Motors. The small size #5 motors utilized in the
MFC system are well suited to tolerate the 293°F
sterilization temperature. The winding insulation
is rated for 200 C (392 F)6 and all winding assemblies
are routinely baked at 300 F during their manufacture.
Gearheads and Bearinss. All gears, bearings and
gearhead assemblies are constructed of similar
metals and hence expand uniformly during elevation
to sterilization temperatures. No degradation is
anticipated.
Thermal Control Elements. The thermal control system
consists of a passive high temperature capability
insulation together with a water boil-off/freezing
system. The water tankage and associated hardware
will be designed with sufficient strength to retain
the 60 psia vapor pressure of water at sterilization
o
temperatures (293 F).
Flotation System. The flotation system consists of
Freon 113 and 114 mixed as required to obtain a den-
sity corresponding to that of thepayload. Considering
as a worst case the condition of FII4 at 145°C we can
establish a peak pressure during sterilization of
470 psia in the flotation fluid. Since the correspond-
ing stress imposed in the flotation shell is well below
the levels for which the shell is stressed to survive
impact, no difficulties are anticipated.
Electrical Components. The electronic components to
be utilized in the MFC system are all rated to be
capable of surviving the 293°F sterilization temperature.
The following specific elements will be utilized:
-74-
AERONUTRONIC D,V,S,ON OF PHJLCO CO.PORATION A_{_A_YO_ _'_#.}_lJ_::)_'_CI//'_f/.1
(8)
(9)
(10)
Tantalum Capacitors
Glass Capacitors
Carbon Resistors
Silicon Semi-conductors
An example of the temperature capabilities of silicon
semi-conductors is found in the following environmental
exposure given to 100% of specific Fairchild semi-
conductors prior to delivery:
200°C (Min.) for 24 hours (Min.)
3 cycles - 60°C to 200°C
Ordnance. Special effort will be directed towards the
selection of ordnance items which are capable of
tolerating long term soak at elevated temperature.
An item of particular interest is the temperature
tolerance of the Mild Detonating Fuse (MDF) and the
Flexible Linear Shaped Charge (FLSC) which are used
for limiter removal and porting, respectively. In
general, these standard items when fabricated of
RDX and sealed with detonators are only rated for
230°F for 24 hours. However, it is possible to
have this material fabricated of special high tempera-
ture compositions (e.g., Dupont"TACOT") which are
rated for 550°F.
Memory Systems. Because of the low storage requirement a
miniaturized, solid state core memory is currently contem-
plated for use on the MFC and its performance is not
degraded by temperatures of 293°F. Should larger storage
requirements be encountered a tape recorder instrumentation
would be required. On these instruments the operating
temperature is restricted to the range -40°F to +185°F
by the characteristics of the Mylar instrumentation tape.
Additionally, at temperatures over +165°F and humidities
of 95 percent, the oxide binder breaks down and attaches
itself to the rollers, guides, and heads with the result
that subsequent performance is greatly degraded. In view
of these difficulties if a tape recorder were necessary it
would appear desirable to use Vicalloy metal tape for the
recorder. Although this results in a i0 to I increase in
tape weight, this would not be large relative to the total
weight of the recorder.
Power Supply. Present system considerations indicate
the silver-zinc battery to be an optimum choice for
the MFC power supply. However, dry heat sterilization
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(Ii)
(12)
of such a sealed silver-zinc battery assembly repre-
sents extreme difficulties in the light of present
development status.
One problem of silver-zinc cells is that both
electrode materials are soluble in the Potassium
Hydroxide electrolyte. This phenomena exposes the
separator material to metallic ions which results
in their deterioration at the high sterilization
temperatures. Although it appears that satisfactory
separator materials will be developed in the near
future, there are other additional problems. If the
battery is sterilized in the charged state, the
silver peroxide rapidly decomposes to silver oxide
resulting in a significant loss in battery capacity.
A possible solution to the battery problem is to
sterilize dry, uncharged cells. This approach, how-
ever, entails filling and charging the battery
following terminal heat sterilization. This imposes
severe mechanization difficulties and precludes the
necessary re-sterilization in the case of a repair.
An alternate battery solution is to abandon the silver-
zinc battery completely and utilize a thermal battery
which inherently can withstand sterilization since it
normally operates at a temperature above 145°C. This
approach is further discussed elsewhere in the report.
Miscellaneous. High temperature resins and sealants
would be used throughout the capsule. In general,
this would involve 300°F cure cycles during assembly.
Lubricants would also be selected for high temperature
capability. Silicone lubricants which have been used
in the past for LFC bearing assemblies subject to
operation in a hard vacuum would be entirely satis-
factory for this purpose.
Micro-miniature electrical connectors constructed
of a Diayllyl Pthalate compound capable of tolerat-
ing extreme temperature limits are available and have
been previously demonstrated to properly perform during
and following a 3000 g impact.
Assembly. The landing assemblies shall be assembled
in a standard clean room using parts each of which,
after heat sterilization at Type Approval levels,
shall be capable of meeting reliability requirements
and be sterile.
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Simple parts such as wire, resistors, capacitors,
motors, lenses, fasteners, "O" rings, and other
piece parts which are not capable of being dis-
assembled shall be heat sterilized after manufacture
and brought into the next higher assembly area in a
sterile condition. Complex parts such as the top
tube and associated electronic subassemblies shall
be assembled in standard clean rooms using sterile
parts.
All plastics, adhesives, potting compounds, lubricants,
elastomers, sealants, solders, and other structural
materials which are not inherently sporicidal will
be sterilized before they are used in higher levels
of assembly.
The completely assembled capsule will then be placed
in a biological barrier (e.g., shroud or canister)
and heated in an atmosphere of dry nitrogen until
the most thermall_ isolated component has temperature
stabilized at 135-C. Since the interior temperature
of flight assemblies cannot be measured, the time
required for the most thermally isolated component to
reach equilibrium temperature will be established during
development tests. The assembly will then be maintained
o
at a 135 C equilibrium temperature for a period of 24
hours.
For the type approval unit the stabilization tempera-
ture shall be raised to 145°C and the time duration
increased to 36 hours. Additionally, the unit shall
be cycled three times to cover the possibility of a
flight re-sterilization. After the third exposure,
and stabilization at room conditions the assembly
shall be energized and satisfactory operation will
be demonstrated. The biological barrier in which the
capsule has been heat sterilized will not be opened
until the vehicle has passed beyond the Earth's atmos-
phere, after launch. In the event a capsule develops
a malfunction after final sterilization, it shall be
opened and repaired only in a standard clean room.
It shall then be replaced in its biological barr_r
and again heat sterilized. The container serving as
a biological barrier will also function to maintain
the correct humidity in the impact limiting balsa
wood.
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c. Conclusions. It is concluded that the Mars Facsimile Capsule
has no special sterilization problems that do not exist for all other
planetary capsules. The main area of concern is the problem of obtaining
a heat-sterilizable battery. However, this problem is somewhat tempered
because of the following special battery requirements:
(i) The operating life is only several days.
(2) The battery can possibly be charged immediately
before use.
(3) The battery can possibly be activated immediately
before use.
Additional problem areas of lesser concern are the performance character-
istics of pyrotechnic devices and balsa after heat sterilization. Present
indications are that adequate pyrotechnic devices have or shortly will be
developed. Previous tests (Reference 6) showed that balsa performance
should be adequate, but more verification is needed.
It is believed that compatibility with ethylene oxide will pose no prob-
lem, should this become a requirement. Previous tests (Reference 6)
showed no problem with the materials commonly used in a hard-landing
capsule.
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5.2 IMPACT ANALYSIS
5.2. i ANALYTICAL MODELS
a. Studies of Basic Problems in the Dynamics of Crushup. In
Appendix 6.2, analytical studies are performed in order to arrive at a
fundamental understanding of some of the essential features of dynamic
crushup phenomena. Mathematical complexities tend to obscure some of the
basic aspects of the physical processes under consideration. In order to
distill out the essence of the physical problem, the approach adopted here
is to utilize mathematical representations based on idealizations and
simplifications which retain the important characteristics of the physical
situation being modeled. The studies in Appendix 6.2 are concerned with
the treatment of "one dimensional problems" which illustrate some impor-
tant characteristics of shock wave phenomena in the propagation of crush-
ing deformation.
The essential features of the dynamic mechanical behavior of crushable
materials such as balsa wood are represented by a model in which crushing
deformation under "quasi-static" conditions takes place at a constant
stress level _y until the crushing strain (crushing deformation divided by
original uncrushed length) attains a certain ultimate value cc (where, of
course, ¢c < 1.0) after which the material is regarded as essentially rigid.
The model assumes that under dynamic conditions crushing cannot take place
until the stress reaches the level ay. In Appendix 6.2, it is shown that
the dynamic propagation of crushing deformation takes place by means of a
"shock process." A shock wave of "crushing front" advances into the un-
crushed material. Behind the shock front, the material is crushed up to
the ultimate crushing strain e c. The stress level in the uncrushed material
immediately ahead of the crushing front is _y, and in the crushed material
immediately behind the front the stress is a c. The stress discontinuity,
ac - ay, across the shock, in the case where the material on one side of the
front has velocity V and the material on the other side has no velocity, is
shown to be given by
p V 2
o
(7 - (7 =
c y e c
where Po is the mass density of the uncrushed material. It is seen that
finite velocities V always imply a finite shock strength; that is, a finite
stress discontinuity o c - Oy, with the shock strength being proportional
to the square of the velocity V.
It is also demonstrated in Appendix 6.2 that in addition to the energy
absorbed in crushing deformation, energy is dissipated across the shock
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front. The energy per unit mass dissipated across the shock is
(1/2) V2 _ 2
c
where _ is the velocity of the uncrushed material relative to the shock
front. In the case where the crushed material behind the shock front has
zero velocity, the energy per unit mass dissipated across the shock is
1/2 V 2, where V is the absolute velocity of the uncrushed material.
It is demonstrated in Appendix 6.2 that the energy which can be absorbed
in the dynamic deformation of a crushable material is the mechanical energy
of crushing deformation plus the energy dissipated across the shock front
during the crushing process. For the case of an impact on a rigid plane
of a cylindrical impact limiter of crushable material protecting a rigid
mass, it is shown that the ratio of the energy dissipated across the shock
front to the energy absorbed in mechanical crushing formation during the
impact process is
where
2
Po Vo
2e
c y
and V is the initial impact velocity.
b. Studies of Spherical Impact Limiter Dynamics
(i) Curved Impact Surfaces. In Appendix 6.3, the symmetrical
impact of a spherical limiter of crushable material against a curved sur-
face is considered. Concave and convex hemispherical surfaces are treated,
and the re_Its are indicated for the limiting case of a flat surface
(infinite radius of curvature). Expressions are developed for the forces
acting and the energy absorbed in mechanical crushing deformation.
Shock phenomena involving consideration of the finite depth of crushed
material above the impact surface and the energy dissipated in the shock
wave (crushing front) propagation are not treated. Numerical calculations
are based on analyses presented in Appendix 6.2 indicate that the neglect
of finite depth on shock dissipation energy of impact velocity absorbing
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capability is on the order of 5 percent at around 450 fps impact velocity.
The neglect of such effects seems justified in an analysis which is aimed
at providing an initial assessment of the importance of impact surface
curvature effects.
The situation under consideration is depicted in Figure 31 and in more
detail in Figure 32 for a convex impact surface. Figure 32 is a radial
section through the limiter and curved impact surface delineating the
essential features of the geometry of the situation. The radian crushing
strength of the limiter material is denoted by _ and the cross grain
strength ratio by _. The differential vertical force of dFV acting on an
elemential ring (see Figure 31 ) of the curved impact surface is
[ I 2dF v = 2 _ o cos _ + _ tan (_ +_ _) sin _ r sin _ d_ (i)
In the above equation the plus sign (of the ± sign) applies to the case
of a convex surface and the minus sign to a concave surface. For the case
of a homogeneous limiter; that is, the crushing strength _ is a constant
(independent of radius), this equation is integrated over the contact sur-
face and a closed form result is obtained in Appendix 6_3.1. The mechanical
energy of crushing deformation; that is, the integral of the force Fv over
the impact stroke (; Fv ds), is also obtained in closed form for the case
of constant crushing strength _. The expressions for force and energy for
the limiting case of a flat impact surface are given.
For the more general case of a nonhomogeneous limiter in which the crushing
strength _ is an arbitrary function of radius, the force and energy inte-
grals were programmed for calculation by a high speed digital computer.
(2) Laminated Spherical Impact Limiter. Appendix 6.3.2 essentially
extends the analysis of the preceding section, Appendix 6.3.1, to obtain
closed form expressions for the force and energy integrals for a particular
class of non-homogeneous spherical limiters in the case of impact on a flat
surface. Limiters with discrete laminations are considered. The limiter
is constructed of a number of layers of crushable material, each having
radially oriented grain. The properties of each lamination are constant
throughout that layer and each layer can have mechanical properties and
thickness different from the others. The results of this analysis indicates
that the shape of the acceleration versus time curve for the payload can be
altered using this laminated technique but that it is doubtful if the over-
all limiter capabilities can be increased.
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(3) Effec_t of Stopped_ Crushed Mass. Appendix 6.3.3 presents a
rather general analysis (*) accounting for shock phenomena in the impact
of a mass of crushable material against a rigid surface. It is shown that
-F
dV y
dt M T - M c
(2)
where
V is the velocity of the moving mass in the system at any time.
t is time.
F
Y
is the vertical force acting on a surface immediately ahead of
the crushing front.
M T is the total mass of the system.
M
c
is the mass of the stopped, crushed material at the instant
under consideration (i.e., when the velocity is V).
The impact velocity absorbing capability over a crushing stroke Sp is shown
to be given by
V 2 Sf Fy ds
o - _ (3)
2 MT - M
o c
where V is the initial impact velocity.
o
(4) Payload Breakaway ("Cannon Ball Effect"). At sufficiently high
impact acceleration levels, it is possible for the inertia loading of the
payload to give rise to crushing of the limiter material immediately
adjacent to the payload. This payload breakaway phenomenon ("or cannon
ball effect") is investigated in Appendix 6.3.4. A minimum value of the
ratio of limiter radius to payload radius is calculated below which the
"cannon ball effect" cannot occur. This minimum radius ratio is calculated
(*)The analysis is based on the model of crushable material mechanical
behavior utilized in Appendix 6.2.
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as a function of cross grain crushing strength ratio. The ratio of limiter
density to payload density above which there can be no payload breakaway is
also computed. This density ratio is computed as a function of the limiter
to payload radius ratio.
It is demonstrated that for a sufficiently high limiter to payload radius
ratio, the cross grain strength of the limiter material at the sides of the
payload is not adequate to sustain the inertia loads from the limiter
material above the payload. These inertia loads must then be carried via
a loadpath through the payload and this can result in the occurrence of
the "cannon ball effect" at lower accelerations than otherwise expected.
5.2.2 CAPABILITY TRADE-OFFS
a. Impact Limiter ReRuirements. Hard landing of the capsule on the
Martian surface requires the use of some form of impact limiter in order
to reduce the peak deceleration to a level which can be survived. It is
felt that this limiting function can be best performed with the least com-
plexity by a limiter with omni-directional capability. The requirement for
omni-directional impact limiting capability with little or no rebound is
satisfied by adoption of a spherical impact limiter consisting of an inelas-
tic crushable material.
Balsa wood was chosen as the limiter material due to its outstanding energy
absorption capacity per pound of material. The balsa wood limiter was devel-
oped for application on the Ranger Seismometer Capsule, and extensive testing
has demonstrated it to be readily producible and reliable. The woc.d used is
especially selected and processed.
b. Impact Limiter Material Properties. Figure 33 is representative
of the simplified model used to simulate the crushable balsa limiter in the
analysis of limiter impact dynamics. In this model, the balsa grain is
radially oriented where Rp is the total radius of limiter material and
payload, and V is the velocity at impact. 'lhe compression of the balsa
parallel and perpendicular to the grain has been included in the represen-
tation of the vertical force during the crushing stroke from r = R t to
r = rfina I.
The load deflection curve typical of that for balsa is given in Figure 34.
Crushing deformation takes place at nearly a constant stress level o o until
a compressive strain of magnitude (i - ¢) d is reached. Thereafter, com-
pressibility is negligible relative to the magnitude of (i - c) d and the
stress increases at nearly constant strain. At stresses smaller than °o,
compressibility is negligible compared to the magnitude of (i - ¢) d.
Strain rate effects have not been included.
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The material efficiency _ is defined as the ratio of energy absorbing
capability to weight. This is shown to be related to the yield stress
and density of the limiter material by the relation
cy
_ o (1 - c)
Pl
Tests of numerous balsa samples indicate a value of e of 0.2.
The curve of efficiency _ of balsa vs. density of the balsa limiter used
in the impact limiter analysis is presented in Figure 35 . This curve is
based on an analysis of static test data on energy absorption of balsa.
The slope of this curve was fairly well established by the analysis,
however, considerable variation in level was encountered due to variation
in moisture content and balsa quality.
A variety of metal, plastic, honeycomb and wood materials have been com-
pared by Kornhauser (Reference I), on the basis of their energy absorbing
capacities. Balsa wood is best as shown in Table 5_q with an efficiency
factor _ of 17,800 ft-lbs/Ib. There is some evidence that much higher
efficiency factors are achieved under actual dynamic conditions but the
quantity of data is limited. Hence, this analysis is based on the more
conservative values.
The impact limiter trade-off analysis considers the energy absorption due
to mechanical crushing in the direction parallel to the grain of the balsa
as well as in the cross grain direction. This corresponds to forces in
the radial tangential directions in the spherical limiter. The variation
of _c/_o with balsa density is presented in Figure 36 where _c is the
cross grain yield stress and Go is the yield stress parallel to the grain.
This cuwe is based on an analysis of test data and represents an average
of v_lues for _c parallel and perpendicular to the radial growth rings.
c. Impact Limiter Design Trade-off Charts. A rigorous derivation
of the force and energy equations for impact of a crushable spherical
impact limiter on a hard surface is presented in Section 5.2.1 and
Appendicies 6.2 and 6.3 together with a discussion of the dynamic process
which takes place during crushing of the limiter. Initial trade-off
analyses were begun with the assumption that all the impact energy is
absorbed in purely mechanical crushing of the impact limiter. With this
assumption a closed form solution for the energy absorbed by the limiter
could be obtained. By equating kinetic energy at impact to the energy
capable of being absorbed by the limiter a trade-off equation was derived
which relates impact limiter properties, weight of limiter and payload,
and impact velocity. This equation is
-89-
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v i g [(i - )[I - Yo (i - 3 in yo) +T (2 - 3 Yo + Yo )]]
I whereRp is the radius of the payload capsule.
i R t is the total radius of the limiter and payload capsule
r is the distance from the sphere center to the impact plane
_o is the yield stress parallel to the balsa grain
I _c is the yield stress cross grainr° f nal value of r
, pp is the weight density of the payload
Pl is the weight density of the limiter
V is the maximum allowable impact velocity
and
r R
r , O I) C
y:%-, ,o----K-,
! In addition Yo is related to yp by
Yo = yp (I - _) + e where e : 0.2 for balsa.
A second trade-off equation can be obtained which relates load factor , _,
to limiter material and size when the total weight, WT, of the limiter and
i payload is considered constant during the compression stroke. This
expression is
i Pl _ _ [2 (I - e) y2 In i + _ (i - y2)]
Rp n I _o I 4 yp 1" YP 3 (__ _ (5)
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A series of trade-off curves for use in limiter design my be generated
from the above equations. Data from use of the first equation have been
used to generate the trade-off chart presented in Figure 37. In this chart,
curves for the nondimensional parameter Yo = R_/R_ have been plotted as a
function of the parameter i/v 2 ao/Pl for four values of the density ratio
Pp/PI" The curves have been computed for a value of _ = a cross grain/
a parallel grain = 0.12. It can be seen that there is an impact velocity
limit, corresponding to Yp -- 0, where for a spherical impact limiter the
useful payload radius and weight must be equal to zero. At this velocity
the limiter is capable of stopping only its own mass. This impact velocity
limit is independent of payload weight and of impact deceleration but is a
function of limiter compressive stress and density and will vary somewhat
for the range of balsa densities considered practical for impact limiter
cons truc tion.
The second of the two general trade-off charts is obtained by use of the
second of the above two equations and is presented in Figure 38. Curves
of the non-dimensional parameter Yo are plotted as a function of the
parameter R n p./_ again for _ = 0.12 and for the four values of Pp/Pl
used in Fibre _7. ° These curves may be used to obtain the maximum load
factor reached during the compressive stroke of the limlter as a function
of limiter material properties and limiter and payload size and weight.
The maximum load factor is of interest since the size and weight of the
payload structure required is a function of load factor.
Since the weight for a given limiter design was considered constant in
this simplified analysis the maximum load factor, and maximum value of
Equation (5) during the stroke, will occur at
Yf
max
= e
-2 (I - _)
In generating the curves in Figure 38, then, the value of y in Equation _)
must be y = Yo for values of Yo > Yfmax, and y = Yfmax for values of
Yo _ Yf •
max
It should be noted, again, that Equations (4) and (5) and the data in
Figures 37 and 38 account for only energy absorbed in mechanical crushing
of the balsa limiter. Below an impact velocity of approximately 200 ft/
sec, the errors introduced by the assumptions are less than 3 percent on
load factor and are negligible on total size and weight of limiter required
for a given payload. Therefore, these curves may be used to obtain reason-
ably good results for limiter design in the low impact velocity region.
Above 200 ft/sec, the errors in energy absorption capability and load
factor indicated by the simplified analysis become much more significant.
Because the weight of structure and flotation shell are a function of load
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factor, the total weight and size of the capsule indicated by the simplified
analysis may vary appreciably from that indicated by an analysis based on a
more detailed representation of the crushing process.
A more sophisticated examination of the dynamic crushing process is given
in Appendix 6.2 where it is shown that the instantaneous crushing zone is
propagated through the limiter as a shock wave and is analogous to a shock
wave in a fluid medium. The energy dissipated across this shock wave as
shock heating is shown in Appendix 6.2.4 to be identical to the change in
kinetic energy obtained by a reduction in total mass as some of the
material is brought to rest during the crushing stroke. Since the addi-
tional energy dissipated can be determined from the mass of crushed material
brought to rest, this effect will be called the stop mass effect in further
discussion of the impact limiter analysis.
The additional energy absorbtion capability due to the stop mass effect
has been included in the derivation of the spherical impact limiter trade-
off equations. When the total mass of limiter and sphere is considered
constant during the stroke, the relationship between energy absorbed and
the initial kinetic energy is given by
_.LI V 2
2
i
F (y) dy
_Yo v
M_
Inclusion of the stop mass effect alters the form of the right hand side
so that
i
P
F (Y) dy
V
Yo . _ RT3MT 3 Po (2 - 3y + y3)
The mass term in the denominator is now a function of y and must be included
under the integral sign. This expression cannot be integrated over the
stroke in closed form and numerical integration techniques must be employed.
A computer program to evaluate the integral has been written. _he maximum
load factor, which is the maximum value of the terms under the integral
sign, and the point in the stroke at which the maximum value occurs is
also obtained by the computer program.
Data obtained from the program have been used to generate the trade-off
charts given in Figures 39 and 40. These charts are analogous to
Figures 37 and 38 where stop mass effects were not included and are given
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for _ = 0.12 and PJPl = i0, 15 and 20 as before. An additional set of
charts for _ = 0.08 are given in Appendix 6.6 as Figures 146 and 147. _he
value of _ = 0.12 corresponds to a value of Pl = 6.5 ibs/ft 3 and _ = 0.08
corresponds to Pl = 12 Ib/ft 3, as can be seen in Figure 36. _ne two values
of Pl represent the lower and upper bounds of the range of balsa densities
considered practical for impact limiter construction. For this range of
balsa densities, the density ratios Pp/Pl -- i0, 15 and 20 cover the payload
density range considered obtainable.
Comparison of the curves in Figure 37 with those in Figure 39 where the
stop mass effect has not been included shows that the curves in Figure 39
have shifted slightly to the left. For a given limiter size and total
weight, this shift corresponds to an increase in maximum allowable impact
velocity, or, for a given impact velocity and payload size, the shift
corresponds to a reduction in required limiter size. The inclusion of the
stop mass effect will also result in increased load factors. For ease of
comparison, the curve for Pp/Pl = 15 from Figure 40 is plotted in Figure 38.
It can be seen that there can be an increase in load factor by as much as
13 percent for values of Y_ near the knee of the curves. Impact velocities
below 200 ft/sec will yiel_ values of Yp generally above 0.5 where it can
be seen that consideration of the stop mass effect has only a small effect
on load factor.
It should be pointed out that the equations on which the trade-off charts
have been based are fairly general. These basic equations may be used to
design spherical impact limiters constructed of other crushable materials
in addition to balsa with the proper substitution of values for the para-
meters _, Pl, and G o.
Two additional charts are given in Figures 148 and149 of Appendix 6.6.
These are alternate presentations of Figures 39 and 40 . These two
charts will be useful to determine values of Yp for impact velocities
approaching the limiting impact velocity. The use of the design trade-
off charts will be illustrated in the following section.
d. Computation Procedure Using Design Trade-off Chart. The general
trade-off curves given in Figures 39 and 40 may be used to determine
spherical impact limiter requirements for a fairly wide range of parameters.
The use of these curves is best illustrated through the following example
and step-by-step procedure.
(i) Given a payload weight W D = 85 pounds and a
payload radius Rp =.542 _eet, the density of
the payload Pp is found to be Pp = 127.5 ibs/ft 3.
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(2)
(3)
(4)
(5)
(6)
(7)
(8)
(9)
(i0)
Select a value of limiter density, for the
example Pl = 8.5 Ibs/ft 3, and therefore,
Pp/Pl "- 15.
The efficiency factor for a balsa limiter of
Pl = 8.5 ibs/ft3 can be obtained from Figure 35
where _ : 14,150 + 360 Pl. Then _ = 17,210 ft-
ibs/Ib.
The value of Oo/p I is obtained from °o/P I =
_/I - e when ¢ = 0.2 for balsa. Then _o/Pl
= 17,210/1-0.2 ffi21,500 ft-lb/ib.
For Pl ffi 8.5 ibs/ft 3 the value of _ = o cross
grain/o parallel grain = 0.095 from Figure 36.
For values of c_ > 0.I0 use the trade-off charts
for _ = 0.12 while for values of _ < 0.i0 use
charts for _ = 0.08. Then, for Pl = 8.5 ibs/ft 3
use the charts corresponding to _ = 0.08.
With the value of C_o/Pl and the desired impact
velocity determine i/v2-_o/p2. For this example
let V : 200 ft/sec, then i/v z Oo/Pl = .538.
Entering Figure146 corresponding to _ : 0.08 with
the value of I/V 2 _o/Pl = .538 and for the curve
corresponding to PP/PI = 15, Yp is found to be
Yp = .500.
The total radius of the limiter plus payload is
obtained from R t = Rp/Yp = 0.542/0.504 = 1.08 ft.
The total weight of limiter plu_ payl_ad can be
computed from W t = 4/3 R Pl (Rt - Rp _) + Wp. For
the values of the various parameters determlned
previously, W t : 124 ibs.
The maximum load factor to be encountered during
the compression stroke can be determined through
use of the curves given in Figures 147 and 40.
For _ = 0.08 and with the value of Yp = .500,
Figure 147 is used to obtain the value of the
parameter R_n P l/_o. From the appropriate curve
for Pp/Pl :PI5, the value of Rpn Pl/°o : 0.055.
-I01-
(ii) The load factor is computed from n = (Rpn.
Pl/_O) X Oo/P I • i/Rp, or n = 2180.
It should be pointed out that this example represents only one way in
which the Design Charts can be used. The procedure may be reversed, for
example, and the maximum allowable impact velocity can be determined for
a given load factor and limiter size and weight.
e. Specific Design Curves from Trade-Off Charts. A more specific
set of design curves may be obtained from the general trade-off charts
through use of the procedure outlined in Section 5.2.2.d. Curves of total
weight of limiter and payload, total radius of limiter and payload, and
load factor as functions of maximum allowable impact velocity have been
generated in this manner for selected values of payload weight. These
curves are presented in Figures 41 and 45, for a balsa density of PI = 6.5
ibs/ft 3 and a density ratio of pD/pl = 15, corresponding to a payload
density of 97.5 ibs/ft j. The dehsity values used are typical of densities
from previous capsule and limiter designs.
The curves of Figures 41 and 42 are based on the general trade-off charts
given in Figures 37 and 38 and do not include the stop mass effect. They
are included here only for comparison with the sets of curves presented in
Figures 43 and 44 which include the stop mass effect. Comparison of
Figure 41 with Figure 43, and Figure 42 with Figure 44, will indicate the
error introduced in impact velocity for a given size and weight when the
stop mass is not included. This error is particularly apparent as the
limiting impact velocity is approached.
A study of Figure 43 for total weight of limiter and payload vs. impact
velocity, and of Figure 44 for total radius of limiter and payload vs.
impact velocity, reveals several points of interest. At a velocity of
V = 0 ft/sec the total weight and total radius are equal to the weight of
the payload capsule and to the radius of the capsule since no limiter is
required. For impact velocities approaching the limiting velocity, the
total weight and tot_ radius approach infinity for a given payload size
and weight. The reason for this can be seen in Figure 39 where the value
of Y_ = Rp/R t approaches zero as the impact velocity limit is approached.
To s_tisfy the condition that Y_ = 0, either R must go to zero for a given
limiter size, or as in the case here, R t must _pproach infinity for a given
size payload. Since the total radius R t must go to infinity, then the
weight of the limiter also must go to infinity.
Lines of constant load factor are also shown in Figures 43 and 44. These
lines will converge at W t = 0 and R t = 0 for zero impact velocity. It can
be seen that the maximum load factor for a given payload weight is reached
at about 375 ft/sec. For impact velocities greater than this value, the
load factor decreases while the rate of change in payload weight and size
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rapidly increases. This point in velocity for peak load factor, then, may
be thought of as an optimum design point. Increasingly severe penalties
are paid in terms of llmlter weight and size for impact velocity capabil-
ity above 400 ft/sec.
The variation in load factor with impact velocity for a given payload
weight is shown in Figure 45. These curves were used to obtain the lines
of constant load factor in Figures 43 and 44. It can be seen that load
factor goes to zero as impact velocity goes to zero. This is due to the
fact that the force developed must go to zero while the weight of limiter
and payload remains finite. The reason the load factor also goes to zero
at the limiting impact velocity may be easily explained. The load factor
has been defined as force/weight. As the impact velocity limit is approa-
ched, it was shown in Figure 43 that the total weight approached infinity.
Since the force now remains finite then the load factor must approach zero.
It can also be seen that the load factor is higher for low payload weights
compared to that obtained with high payload weights. This is due to the
larger limiter required to absorb the kinetic energy associated with the
high payload weights. The larger limiter results in greater impact stroke
capability. The force developed in the limiter during crushing is a func-
tion of contact area and available stroke. As the size of a spherical
limiter is increased, then, the force developed will increase as a function
of the square of the total radius while the mass will increase as the cube,
and therefore, the maximum load factor will decrease with increasing pay-
load weight.
Some additional curves showing the variation in total weight and total
radius with impact velocity are given in Appendix 6.6 for other density
values and density ratios. The data in Figures 150 and l51 of the Appendix
are for a limiter density of 6.5 ibs/ft 3 and a payload density of 130 ibs/
ft 3. Data in Figures _2 and153 are for a limiter density of 12 ibs/ft 3
and a payload density of 120 ibs/ft 3.
The preceding discussion considered the variations in total weight, total
radius, and load factor with impact velocity and payload weight for a fixed
value of limiter density and payload to limiter density ratio. In Figure 46
the variations in load factor, total weight, and total radius with impact
velocity are shown for a fixed payload weight and density for selected
values of limiter density. The data are presented for a payload weight of
i00 _s and a payload density of 130 ibs/ft 3. The payload radius corres-
ponding to these values is 0.5675 feet.
The same characteristics observed previously for variations in impact
velocity can again be found. It can be seen, however, that there is at
most a 4 percent difference in to_al weight below 450 ft/sec for balsa
densities ranging from 6.5 ibs/ft to 13 ibs/ft 3. At 500 ft/sec impact
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velocity, the difference in total weight is more significant with the
higher limiter density value appearing to be more favorable. The total
radius, i.e., thickness of limiter, required will also be less for the
higher limiter density values. The difference is on the order of one foot
between Pl = 6.5 ibs/ft 3 and Pl = 13 ibs/ft at an impact velocity of
500 ft/sec. If size must be considered, this difference can be significant
if high impact velocity capability is required.
The use of high density balsa, however, will result in significantly higher
values of maximum load factor. Where the trade-offs in limiter and payload
size and weight are considered on the purely analytical basis as has been
done above, the importance of the maximum load factor is not in_nediately
apparent. The thickness of material and weight of the structure making up
the payload is directly affected by the maximum load factor. Therefore,
additional trade-offs related to the construction of the payload and limiter
must be considered. A discussion of these problems is given in Section 5.10.
f. Additional Considerations. Some additional effects which can
influence impact limiter design have been considered. The data presented
up to this point have been based on impact against a flat surface, and in
addition, the limiter has been assumed to homogeneous, i.e., of constant
density. The limiter analysis has been extended to include the effects of
impact against a curved surface and the use of a non-homogeneous limiter
where the yield stress and b_sa density are not constant through the
limiter. The derivation of the force and energy equations are given in
Sections 6.2 and 6.3 of the Appendix.
Integration of the general force equation for the energy absorbed in
crushing of the limiter when these added effects are included cannot be
obtained in closed form and numerical integration techniques are required.
The general expressions for force and energy have been programmed for
solution on a digital computer. The computer program will permit the
trade-offs between the combined effects of impact on either flat, concave,
or convex surfaces, variation in limiter density, impact velocity, limiter
material, and payload size and weight to be readily determined.
(i) Impact on a Spherical Surface. Although the computer program
is required in order to generate data for detailed trade-off studies, some
general trends have been obtained. An integration of the energy expression
for impact on a spherical surface can be obtained in closed form if the
limiter is assumed to be made of constant density balsa and the stop mass
effect is neglected. The equation for energy absorbed during crushing of
the limiter is then
-ii0-
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Where Sf is the stroke and Sf =. (Rt - Rp) (i - e). The upper sign applies
to convex impact surfaces and the lower sign to concave impact surfaces.
Comparisons of the energy absorbed on impact with flat, concave and convex
surfaces have been made. In general, impact on a concave surface
will increase the energy absorption capability of a given impact limiter
over that obtained for impact on a flat surface. This is due to the fact
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that more of the limiter is brought into contact with the surface and
crushing takes place over a greater area. Conversely, impact on a convex
surface will reduce the capability of a given limiter.
As an illustration of the magnitude of the increase or decrease in capability,
assume that _ = 1/2, or the radius of a curvature of the surface is twice
the radius of the sphere. This may be considered as approaching the limiting
value of _ for which the equations hold while still retaining some physical
significance. For a typical limiter, assume that R_ = .496 ft, R t = 2.48 ft,
Sf = 1.5872 ft, Pl = 6.5 ibs/ft 3, and _ = 0.12. Th_n, for an impact on a
concave surface the increase in energy absorbtion over that obtained for
impact on a flat surface is about 38 percent. Impact on a convex surface
of similar curvature, _ = 1/2, will yield an energy absorption capability
73 percent of the flat surface impact capability. These values may be
related to mmximum allowable impact velocity by equating energy absorbed
to the kinetic energy at impact. For the assumed sphere the maximum
allowable impact velocities are
(i) Flat surface, _ = 0; V = 438 ft/sec
(2) Concave surface, _ = 1/2; V = 515 ft/sec
(3) Convex surface, _ = 1/2; V = 375 ft/sec
Several geometric restrictions are necessary due to assumptions made in
the derivation of the force equation. The radius of curvature of the
spherical convex surface, or hill, and the height of the hill must be
greater than
d =
(2 R T - Sf) Sf
2 [R s + (R T - Sf)]
where R t is the total radius of the limiter, Sf is the total stroke and
R s is the radius of curvature of the surface. For the spherical concave
surface, or hole, the radius of curvature must be greater than the total
radius of limiter plus payload. The depth of the hole required to satisfy
the assumptions must be greater than
(2 R T - Sf) Sf
d -
2 [R - (Rr ]s - sf)
A detailed study of the trade-offs for the impact on curved surfaces for
various limiter configurationsrequires a number of permutations of the
design parameters affecting limiter size and weight. To properly accom-
plish this study the computer program is necessary. This program will be
available for follow-on program studies and can be extended to cover curved
surfaces other than spherical.
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I (2) Non-Homogeneous Limiter .Construction Effects. Effects of non-
homogeneous limiter construction, i.e., a limiter constructed of layers
of balsa of different density and yield stress, can be investigated to a
limited extent by simplification of the general force equation. A closed
form integration of the force to obtain the energy absorbed in crushing
has been performed for an impact limiter consisting of two layers of balsa
of different density and yield stress when impacted on a flat surface. Two
force equations are required, one for the force in the outer balsa layer
and one for the force in the inner layer. For the two layer laminated
limiter the following definitions are required. The total radius of the
sphere is defined as Rt, the radius of the outer edge of the inner layer
as RI, the yield stress for the inner layer as Ol, and for the outer layer
as o2, and the ratio of cross grain yield stress to parallel grain yield
stress for inner and outer layers as el, and _2" In addition, if we define
RI/R t = ZI and (R t - S) R t = Z where S is the stroke then the force
equations are
2 2 °"2 2
I. Z 1 < Z
FV = 2_ R T _2 [Z (_2 - i) In Z + _ (i - Z )]
i II. ZI > Z
FV = 2_ RT 2 _I [Z2 (ffl - i) in Z_ + _ (ZI2 - Z2)]
+ 2 [_z ( 2 " l) In z 1+---2- (1 - z 1)]j
Integration of the force over the stroke from Z = i to Z = Zf yields the
expression for energy absorbed in crushing
r
r_ F dZ E - (1-_)
-_I_V3- = -- _- = _2 4--_'- _---2- (3 Zf3 in ZI + i " Zl 3)
II 2_RT 2_RT L
I
c_2 i 3 2 7L
i + _ [I - Zf - -_ (i - Z I ) - ZI (ZI - Zf)j
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+ a I Zf 3 (3 in I) + ZI3
+ -7-- (zI - zf) - -3-
lhese equations have been used to make some preliminary observations. For
a given payload weight Wp and total weight of payload and limiter Wt, a
reduction in load factor over a uniform density limiter can be obtained by
use of high density balsa in the outer layer of the limiter with low den-
sity balsa around the payload capsule. This can be accomplished for little
or no change in maximum impact velocity capability. _he reason for this
reduction in load factor is due to the fact that the dense material in the
outer layer permits a quicker build-up of the force while the stroke
remains the same as for the equivalent limiter made of constant density
balsa. If the dense balsa is placed near the payload capsule with lighter
balsa toward the outside of the limiter a significant reduction in impact
capability for the layered limiter is encountered over that for the con-
stant density limiter.
As an illustration, the following example may be considered. Assume a
payload weight of 50 ibs and a total weight of 610 ibs corresponding to a
payload radius of 0.463 ft and a total radius of 2.316 ft. If the limiter
is divided into two layers of equal thickness, then for an outer layer of
12 ib/ft 3 balsa and an inner layer of 6.5 ibs/ft 3 balsa, neglecting the
stop mass effect, a maximum impact velocity of 471 ft/sec is possible with
a maximum load factor of 2009 g's. A limiter of constant density of the
same weight as the layered limiter would be made of 10.84 ib/ft3 balsa.
The maximum allowable impact velocity would be 474 ft/sec and the maximum
load factor would be 2860 g's.
A similiar example was worked out for the reverse situation of a 6.5 ib/ft 3
outer layer and an inner layer of 12 ib/ft 3 balsa. The total radius and
payload weight were kept the same, hence the total weight dropped to 330 ibs
due to the decrease in volume occupied by the more dense balsa. For this
example the velocity capability was 425 ft/sec as compared to the equiva-
lent capability of a 330 Ib, constant density limiter of 442 ft/sec.
There are many possible configurations for the laminated limiter. In order
to perform a detailed study of balsa density variation effects, a computer
program is necessary. This program is available for investigating specific
preliminary design configurations.
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5.2.3 BALSA WOOD
a. Utilization of Balsa. The attempt to obtain better impact
limiter performance on the Ranger programs ended when the tests on the
assembled capsules indicated performance was sufficient such that the
capsule configuration and weight was within the limits which would produce
a successful mission. For this reason, many balsa characteristics were
not investigated; and as a consequence, there exist many areas where the
performance of balsa limiters could be improved. Relatively early in the
study program it became quite apparent that the performance of the balsa
impact limiter would play a significant role in the overall capability of
the capsule. Because of this, the analytical model previously developed
during the Ranger programs was re-evaluated and new parameters were intro-
duced so that the model would more closely represent the real world.
One of the parameters introduced in the new model was the cross grain energy
absorption capability of balsa wood. Direct measurements of this parameter
have never been taken, however, a measure of the relative strengths of balsa
wood parallel and perpendicular to the grain _=L, be c .._A- _o_L._ by comparing the
stress at the proportional limit in each case. Curves have been plotted by
the Department of Agriculture (Reference 2) for stress at the proportional
limit versus specific gravity parallel and perpendicular to the grain, and
from these, inferences can be drawn concerning the relative crush energies
of balsa wood.
Figure 47 illustrates the fact that there are two directions perpendicular
to the grain which must be considered. There can be tangential or radial
loading depending upon the orientation of the balsa wood's growth rings.
Figure A8 is a plot of the oerDendi_lar radial and tangential to the
grain stress as a percentage of parallel to the grain loading for various
balsa densities.
Although several areas yet remain to be fully investigated utilizing the
new, more complete model, an area of investigation which will yield a
significant increase in balsa limiter performance has been neglicted.
During the Ranger programs, over 300 pieces of balsa wood were subjected
to crush tests and the resultant crush energies recorded. The majority
of these tests were conducted on a 160,000 pound Riehle testing machine
with a constant deflection of two inches per minute with a 1.13 inch
diameter (I in2 area) punch pressed into balsa specimen in the direction
of the grain. The force-deflection curves were automatically recorded and
then integrated from the beginning of the strokes to the point of sharp
rise in the loading forces, indicating "bottoming" of the balsa specimen.
Because of the nature of the current contract, there could be no experi-
mental investigation of the performance characteristics of balsa wood.
Hence, it was impossible to test small, individual balsa specimens and
attempt to discover the reason different specimens exhibit different crush
energies.
-i15-
GROWTH
RINGS
PARALLEL
TO GRAIN
PERPENDICULAR
TANGENTIAL
CROSS GRAIN TERMINOLOGY
FIGURE 47
-I16-
AERONUTRONIC o,v,_ao,oF P.,LCO¢oRPo.,..'r,o.. ...._..... _";ordJ_'_'m/Kl_j_
6I
FIGURE 48
I 9 I0
5 6 7 8
DENSITY (Ibs/ft 3)
I -117-
ii 12
AERONUTRONIC D'V'S,ONOF PH,LCO CORPORAT,ON _........._";ord._;¢o'rr{_o.r_,'tc_n_,
b. Analysis of Test Data. During the current program, the results
of the many Ranger tests were accumulated and a statistical analysis con-
ducted using the data. A correlation analysis of crush energy onto balsa
density was performed on the data obtained from 172 tests conducted at room
temperatures. The results of this analysis is as follows:
= 14,150 + 360p
where
P
= specific crush energy ft-lbs/ib
= balsa density ibs/ft 3
and
= 17,241 ft-lbs/Ib (mean value)
= 8.60 Ibs/ft 3 (mean value)
= 9,689 to 29,9041(range)
p = 5.173 to 17.56 (range)
o_ = 3,482 ft-lbs/ib (standard deviation)
oP = 3.18 ibs/ft 3 (standard deviation)
Analysis of the regression coefficients reveals the following results:
O
a
_b
2
r
= 254 (standard deviation of _ intercept)
= 79 (standard deviation of slope)
= 5.32 percent (percentage of total variance explained by linear
regression equation)
Probability < 0.0005 that _ is independent of P.
The portion of the total variance in the parameter _ which is explained by
the regression equation is only 5.32 percent. This relatively small reduc-
tion in total variance is explained by the fact that the slope of the
regression line is near zero, that the variance of p is small, and that
the variance in _ for each value of p is quite large. Thus to reduce the
uncertainty in the estimation one or more of the above causes must be
reduced. The slope of the regression line cannot be changed because
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presumably it reflects the true characteristic of the balsa wood. A larger
dispersion of specimen densities could be chosen, however, the _ractical
limits of balsa densities seem to range between 5 and 15 ibs/ft j and decel-
eration considerations for most applications indicate the densities of
primary concern are between 6 and 8 Ibs/ft 3. _]lus the best way to reduce
the uncertainty is to reduce the variance in _; this can possibly be accom-
plished by increasing the number of test data; but, even more useful would
be to discover the cause of the large variance and select only particular
specimens. By analyzing and discovering the reasons why different specimens
of similar densities exhibit different crushing characteristics, one not
only reduces the uncertainty in the crush energy but particular pieces with
higher or lower yields can be selected or rejected and thereby improve the
overall design for which the balsa was being used.
For the application considered here, a relatively small improvement in balsa
performance will result in a significant improvement in capsule performance.
As can be seen in Figures 43 and 152, the percentage of total capsule weight
devoted to the limiter ranges from 20 percent to 8 0 percent. Thus, a one
percent increase in balsa performance will permit approximately a 3-4 per-
cent increase in overall capsule performance. This, when coupled _th the
fact that there has never been an attempt to improve the limiter performance
through balsa selection (other than restricted density), leads one to be
optimistic about the improvement in capsule performance which could result
from additional investigations of balsa characteristics.
c. Balsa Sterilization. The sterilization requirements will impose
some design constraints upon the balsa wood impact limiter, although none
severe enough to alter the overall limiter performance. During the Ranger
programs several balsa specimens were subjected to 125°C for 24 hours and
then tested as described earlier (Reference 3). These specimens became
brittle and unreliable, although those specimens which did not split apart
during testing exhibited about the same crush energy as unbaked balsa wood.
Three specimens which were baked at 125°C for 24 hours and then remoistur-
ized to i0 percent humidity did not exhibit any of the above characteristics
and behaved similar to unbaked balsa wood. Additional experimentation is
required in this area, however, it appears that if the outer limiter shell
is constructed to prohibit any loss of vapor (this should also be done to
prevent outgassing during transient), the performance of the balsa impact
limiter will not be degraded by sterilization requirements.
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5.3 FACSIMILECAMERA
5.3.1 DESCRIPTION
The function of the High Resolution Facsimile (HRF) camera is to record
a picture which is obtained by continuously scanning the surrounding
scene with a telescope having a very narrow instantaneous field of view.
The HRFcamera senses brightness data and transduces radiant energy into
electrical energy and establishes the format by which a scene is repre-
sented electrically. The HRFplayback machine performs the reciprocal
operation to present an accurate reproduction of the detected information.
The camera contains a fixed-focus optical viewing assembly, electro-
mechanical driving and scanning mechanisms that provide motion through
the view field, a photoelectric transducer and associated signal, and
synchronization and motor drive electronics. (Figure 4_. The synchroni-
zation electronics provides timing signals to insure accurate positioning
of the data readout.
A facsimile camera has already been developed for space applications by
Aeronutronic for use in the Ranger program. The camera scanned 50 degrees
vertical by 360 degrees horizontal to give a panoramic picture in which
the dynamic range of the data was i00:I (40 db) and the resolution was
better than 0.I degree.
The optical viewing assembly of the HRF camera may consist merely of an
objective lens that focuses the radiation through a pinhole onto a photo-
sensitive detector. The following evaluation of performance assumes this
to be a simple thin converging lens. The effects of chromat_r °,A _enz
eh_et_^ -_^--rativ,o will not be discussed, and only first order theory
of geometric optics are presented. IT practice, a thick rather than a
thin lens is used; but within the precision of first order theory, the
ana!ys_= and diagrams are interchangeable. It should be recalled that
the first and second principal planes do not usually coincide in a thick
lens.
In Figure 50a is shown a lens with entrance aperture D and a pinhole of
diameter Do a distance x_ behind the lens, as well as the image in object
space of the pinhole, a distance x2 from the lens. It can be shown that
this image pinhole is just as effective as a real pinhole in determining
whether or not flux from a source in object space passes through the real
pinhole ; in what follows, therefore, only the image pinhole will be
considered. Also shown in Figure5Oaare the distances Xl, x2, and x3
corresponding to the "near field," "hyperfocal distance," and "far field."
Figure 50b is similar to 50a except the pinhole has been positioned so
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that x3 = =; this is called the "matched condition." (Note: The
nomenclature "hyperfocal distance" for the distance x2 is incorrect in
the case illustrated in Figure 50a, but for uniformity it will be so
designated here.)
Inasmuch as the HRF camera is essentially a flux detector, as opposed to
a visual instrument, the most important relationship is: which points
in object space contribute to the flux "seen" by the sensor (photomul-
tiplier, etc.) and to what extent. Accordingly, in Figure 50 "half" of
object space is shown divided into three zones, which are defined as
follows:
Zone I Considering light sources in this zone, all flux
which is intercepted by the lens also passes
through the pinhole.
Zone 2 Vignetting occurs to some extent; that is, some of
the flux which passes through the lens does not
pass through the pinhole.
Zone 3 None of the flux which passes through the lens passes
through the pinhole.
Notice the relationship between these zones and Xl, x2, and x 3.
Figures 51, 52, 53, and 54 illustrate the method of determining in which
zone a point lies and also indicates how the amount of flux intercepted
by the system might be evaluated (vignetting diagram). The cone of flux
intercepted by the lens (_L) and the cone of flux intercepted by the pin-
hole (_p) intersect in a "cone" whose cross section at the principal
plane is indicated by the cross-hatched area (AA). This represents the
flux which passes through both the lens and the pinhole. Figures 55a and
55b show (schematically) the variation of AA with position in the object
field for the two different system configurations. The figures are inter-
preted as follows: (notice that again only "half" of object space is
considered) consider a series of infinite, uniformly radiant planes per-
pendicular to the optical axis; then Figure 55 illustrates the degree to
which flux from these planes is transmitted by the pinhole. That is_
except for consideration of the diminution of irradiance by the square
of the distance, the figures show the flux distribution "seen" by the
pinhole.
The angular resolution of the HRF camera is defined as the plane angle
subtended by a cone whose base is the pinhole (or its image) and whose
apex is the center of the lens (Figure 56 ). Obviously at the hyperfocal
distance, _ sharply defines the field of view of the optical system. As
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objects away from the hyperfocal distance are considered, however, the
significance of _ is no longer clear. Nevertheless, _ can be qualita-
tively accepted as defining the field of view of the system inasmuch as
a relatively small percent of the flux from the real field of view (where
the real field of view = Zone i + Zone 2) comes from that portion of the
field outside the cone _. The square-wave response of the resulting HRF
image will be somewhat less, however, than what might be expected if there
were a clear-cut angular resolution. That is, square-wave response in the
facsimile photograph will be maximum for objects at the hyperfocal distance
but will decrease as objects away from the hyperfocal point are considered.
Figure 57 illustrates the case where x 2 = _; i.e., the pinhole is located
in the focal plane. In this case, there is no place in object space
(except infinity) where c_ sharply defines the field of view. On the
other hand, the flux distribution in the real field of view is more
symmetrical with respect to the cone _ than in the other two configurations.
Figure 58 compares (in object space) the real fields of view for the
three system configurations, where all three have the same angular reso-
lution. The shaded areas represent Zone(s) i. Present Aeronutronic HRF
systems use the matched configuration inasmuch as it affords the nearest
near field as well as an infinite "depth of field" (x 3 - Xl) .
Referring to the geometry of Figure 56 : For flux from "near field"
objects
D
D o
xi - xi - (1)
For flux from "far field" objects
D
D o
x3 - x3 (2)
For small angles
D
Of = O
(3)
Combining equations (I) and (3) gives
=D (4)
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and combining equations (2) and (3) gives
x_-x;
o_=D , ,
x2 x 3
Gaussian lens equations for the points shown in Figure are
i i i
T= x-7+ x7-
1 i i
7-=x--T +x-I-
i I i
-_-=-_3 + __-rr-x 3
Combining first Equations (6) and (7) gives
i I i i x{ - x_
w _ f
X I X2 X½ X i X i X 2
and then Equations (7) and (8) gives
i I I i x_ - x_
x2 x_ x{ x_ x_x;
Combining Equations (4) with Equation (9) and rearranging gives
x2D
x I = D+x2
Combining equation (5) with Equation (i0) and rearranging gives
x2D
x3 = D - x2 _
If the far field is at infinity, as in Figure 56b , then x3 = = and
Equation (12) represents the matched condition.
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(7)
(8)
(9)
(1o)
(II)
(12)
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I
I
II or= D
x2
I I Ls ti
x2 = 2x 1
I x2 i tw
distanc._e.
I x_ = f
I If the le
inequalities.
D Do
xi < xi_x_
I D < Do
I| x-T _ _Proceeding as before leads to
x2D
x > _--
1 D+x2_
II x2D3 D -x2_
Letting x 3
I o>¢
I
Inserting this into Equation (Ii) yields
I
I
(13)
(14)
x2 is twice the distance of the near field and is called the hyperfocal
Also, when x 3 = _ then from Equation (8)
(15)
lens is stopped down by an iris, then Equations (i) and (2) become
(16)
(17)
(18)
(19)
(20)
= _ gives the inequality
The relationship between x I and x 2 similar to Equation (14) is
indeterminate.
For the case where the pinhole is placed in the focal plane, as in Figure57.
x_ = f ; x 2 = _ (21) (22)
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Equation (3) then becomes
D
O
ot = --_ (23)
Furthermore, combining Equations (4), (6), and (21)
D
C_ = x-- (24)
i
The focal ratio, f-stop, or f/number of lens is designated here as nf
and is the ratio of the focal length to the lens diameter.
f
nf = --_- (25)
The lateral magnification is m.
xl
m --
x I
(26)
Design trade-off parameters of basic concern are the diameter of the lens
of the viewing optics (and correspondingly the dimensions of the scanning
mechanis_ and the responsivity and noise characteristics of available
sensors. The parameters which are chosen must be such that at the low
light level and with reasonably small optics, radiation sufficient to
provide an adequate signal-to-noise ratio is received by the sensor at
the necessary scanning rates.
5.3.3 PHOTOME TRY
The spectral radiant flux incident on a facsimile camera, positioned as
in Figure 59 at a distance x from the surface of spectral radiance Nl,
is given by
2
Pil = N1 QD _S x (27)
where f2D is the solid angle subtended by the viewing optics at the surface
and _S is the solid angle subtended by the instantaneous field of view of
the camera. Therefore, for a lens of diameter D and instantaneous field
of view (i.e., angular resolution ) _ (defined by a circular pinhole of
diameter Do a distance x_ behind lens)
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_D ( _ D2
= -_-) 2
x
(28)
D
o_2 n 2
_S = -_- ( x_ ) = -_- _ (29)
The spectral radiance N% of the surface is defined as the flux reflected
(or emitted) per unit solid angle per unit area perpendicular to the
viewing direction per unit wavelength. If the power spectral density of
the illuminating flux in radiant flux per unit area per unit wavelength
is denoted by SX, where it is assumed that the source of this flux is
sufficiently far removed so that the rays from it may be considered
parallel, then the radiance is given by
N_ = p S_ _ (30)
The reflectance of the surface, p, is the ratio of reflected to incident
flux, and the goniometric characteristic, E, may be a function of the
viewing angle g, the azimuth angle _, and the lighting angle e (Figure59).
In the spectral regions considered here, both p and _ are assumed to be
independent of wavelength. For a Lambertian (diffuse) reflector
I
= ( _ ) cos ¢ (31)
In other cases _ may be more complex, such as the apparent scattering
that has been observed on the moon and Mars when viewed from the Earth;
it has been postulated to obey the photometric function _, shown graphic-
ally in Figure 60.
i
: ( _ ) _ (32)
Combining Equations (27), (28), (29), and (30) , therefore, and if the
transmissibility of the optics is K, then the spectral radiant flux
received by the sensor is
I
I
I
I
I
2 D2 o_2
P% = (-_-) K P _ Sl (watts/micron) (33)
The radiance can be expressed alternatively in terms of the luminance of
the surface.
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Luminance is defined as the radiance detectable by the human eye and is
given by
B = 929 _ j' p _ S% e% d% foot-lamberts (34)
where ¢% is the luminous efficiency of the "standard observer" in lumens/
watt.
Inasmuch as p _ has been assumed independent of wavelength, Equation (34)
can be solved for that product: for solar radiation outside the earth's
atmosphere,
8 -5
p _ _-- x I0 B (35)
17
whereas for solar radiation at sea level (at noon on a clear day)
i0 -5
p __ x i0 B (36)
If the upper and lower luminance extremes in a scene are BI and B2, the
corresponding number of grey shades, S, is defined by
BI/B 2 = 2S/2 (37)
In most applications, the HRF camera must respond linearly over a dynamic
range (BI/B2) of nearly I00:i
According to well-known laws of illumination, the spectral radiant solar
flux outside of the Mars atmosphere is simply that outside of the Earth's
atmosphere decreased by the square of the ratio of distances of the two
planets from the Sun. In terms of irradiance,
(Sl)Mars "
XEarth
EMirs
2
watts/cm 2(Sl)Earth (38)
Figure 61 shows Sl at both Earth (i AU) and Mars (perihelion = 1.381431 AU,
aphelion = 1.665951AU, semi-major axis = 1.523691 AU).
The variation of the distance of Mars from the Sun is given in Figure 62
for the (Earth) years 1969 - 1973.
-140-
o/
/
/
/
/
/
/
/
/
/
/
-141 -
I
o
o
cq
c;
,""4
Z
Z
<
M
0
,,D
[.,.1
¢Z
L9
i-,.
OZ
O
-1
:E
h
-1
{3
Z
0
(/1
"1
:E
:E
h
"1
Z
0
"1
I,
-1
Z
0
{n
:E
_E
h
Z
O
:£
b-
J
/
J
)
)
)
J
u_ _ co N
(SilNN 7V311_IONO_.I.S_f) NNS _10_1..-I S_IV_ --IO 33NVISIC}
-142-
"l-
P
Z
0
_ O
_ z
W
Ill
I--
!°
r_
P_
!
,,--t
' t
[--t
P4
_4
H I
t
I
!
I
!
The spectral radiance of the Martian surface as seen on the surface is
given by
N% = px E a SX watts/cm2/steradian/micron (39)k
This is derived from Reference (i). The scattering characteristic _ of
the Martian surface has been postulated to be the same as that for the
lunar surface:
1
= --_ _ (40)
The photometric function _ is shown in Figure 60. It is seen to be
wavelength independent. The reflectivity PX is the ratio of reflected
to incident flux. The transmission coefficient c A of the Martian
atmosphere is given by
cA = px sec @ (41)
where Ph has been given in Reference (I) and @ is the lighting angle
(angle to sun from local vertical). Values of pk and oh are given in
Table 53-1and Figure 63,
The radiance of the surface is NX:
Nh = PX _ °h SX
The results in Figures 64 through 67 are for combinations of:
" Illr
\
I
I
I
I1_
%,._,j Sun a_!e to vertical _ = 20 degrees,
40 degrees, and 60 degrees.
(o'l _=mp-,"_ unale to vertical @ = 0 de_ree,
._U oegrees, al[lQ 12 u_M-_=_.
(3) Angle between the sun and the camera
= 0 degree, 90 degrees, and 180 degrees.
The shift towards the red is accounted for by the rise in reflectivity
with wavelength. The greatest illumination levels result for the sun
directly overhead. A dynamic range of 20:1 results for these combinations.
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TABLE 5.3-I
MARTIAN RADIOMETRIC CHARACTERISTICS
I
i
I
i
I
I
k
Microns
<0.3
0. 350
0. 405
0. 425
0. 455
0. 460
0. 495
0.520
0.543
0.580
0.598
0. 640
0. 700
0. 800
>0.9
*Reference (i)
Pk
0.240
0.240
0.240
0.240
0.242*
0.246*
0.272*
0.289*
0.335*
0.405*
0.442*
0.528*
0.640
0.840
1.000
o k
(Pk)
¢ = 0°
0.000
0.025
0.051.
0.119.
0.306*
0.334*
0.453*
0.540*
0.599*
0.692*
0.711-
0.741.
0.780
0.790
0.800
20 °
0. 000
0.020
O. 042
0. 104
0.284
0.311
0. 430
0.519
0.579
0.676
0. 695
0.727
0.768
0.778
0.788
40 ° 60 °
0. 000 0. 000
0.008 0.001
0.021 0.003
0.062 0.014
0.213 0.094
0.239 0.112
0.35 6 0. 205
0.447 0.292
0.512 0.359
0.618 0.478
0.641 0.505
0.676 0.549
0. 723 O. 608
0.735 0.624
O. 747 0. 640
80°
m
0. 000
0. 000
0.000
0.000
0.001
0.002
0.015
0.029
0. 055
0.120
0. 140
0.178
0.239
0.257
0.276
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5.3.4 SENSORS
The rms signal current Is generated in the sensor by the flux of
Equation (33) is proportional to the responsivity R% (amperes/watt) of
the sensor. Integrating over the entire spectrum,
I = (n/4) 2 K D2 _2 p _ _ S% RX d% amperes (42)
s
The minimum detectable signal is that which barely exceeds the noise
generated within the sensor and associated electronics. A fundamental
source of noise is the statistical fluctuation of the signal itself. The
rate of arrival of photons from a source is statistically fluctuating,
and the magnitude of this fluctuation sets a limit on the threshold signal-
to-noise ratio of a detector. Although quanta obey Bose-Einstein statistics
rather than classical statistics, in the wavelength region of interest here
the difference between the two models of random variables is negligible.
If t is the dwell time over which the camera observes _n average of n pro-
tons, then the average rate of arrival o____photons is n/t, and according
to the model the rms fluctuation is _ n/t . The corresponding rms
fluctuation in the number of photoelectrons generated in the detector is
_--e • For an ideal quantum detector, therefore, the average signal-to-
rms noise ratio is
N
o /__tI
V/--E- e e s
e
(43)
where e is the electron charge in coulombs.
In real detectors, additional noise mechanisms are always present so that
the signal-to-noise ratio is less than ideal. Internal noise mechanisms
within a solid-state detector and its electronic circuits usually appear
as low frequency variations, their amplitude diminishing with frequency
("i/f noise"). For this reason, mechanical interruption by chopping the
incident radiant flux is normally required in order to place the electrical
signal at a higher "noiseless" frequency region where it may be properly
amplified. Subsequently, the signal is demodulated to its normal low
frequency.
Because the noise mechanism associated with solid-state detectors is
easily identifiable and predictable, a host of descriptive performance
parameters have been suggested, foremost of which are detectivity D* and
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noise equivalent power NEP. Complete system performance may be specified
in these terms. Monochromatic detectivity D* (pronounced D-star) has
been defined for a i cps bandwidth:
dV /V
* ½ s n cm-cps2/watt (44)
DX = (AAf) Pk d%
where
A
2
= sensor area illuminated during laboratory measurement of D*, cm
Af = noise bandwidth of circuit in which sensor is to operate, cps
dV s = differential signal resulting from the radiation PX dk, rms volts
V = noise, rms volts
n
T)
= radiation on the sensor per unit wavelength, watts/micron
dk = differential wavelength, microns
After rearranging, integrating, and substituting Equation (33), this
becomes
(n/4) 2 K D2 2 p E_ D*
V /V = max j' SX D* d_ (45)
s n _ k,n
•v -
The normalized detectivity D_ . is related to the peak or maximum
,-$LL
deLectivity by
D_ = D* D*max k,n (46)
The "effective power" Pe watts on the sensor includes only that illumina-
tion from the source which produces an output from the detector. Denoting
the sensor transfer characteristic or responsivity by RX then
Pe = _ PX RX, n d% (47)
where
R k = R Rk ,n
max
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But D_, n = R_, n
2 D 2 _2 dX (48)
Pe ( _-- ) K p _ Rma x J Sk D*
---- _,n
Another parameter that is used to describe sensor performance is Noise
Equivalent Power NEP. It is the input required to produce a unity signal-
to-noise ratio:
Pk dx
(NEP) X - dVs/Vn (49)
Again, the value of NEP is not a constant but must be associated with a
particular spectral source. If the detector is intended to be used with
tungsten lighting, the NEP will usually be specified as being measured
with black bodies ranging from 2870 degrees K to 2950 degrees K.
If the equivalent noise input is expressed in luminous flux, lumens,
instead of radiant flux, watts, then it may be called Noise Equivalent
Lumens NEL and
D* = I_-_f--) r (50)max NEL
where r is a conversion factor from lumens to watts which is tabulated for
some detectors.
Because of the limited quantity of data and since there is no requirement
to generate that data at super speeds, there does not appear to be a
minimal bandwidth constraint on data acquisition. Also, if a memory
system is used as a time buffer prior to transmission, then the only
possible restriction could be to record motion such as dust storms.
However, for this presentation that condition has not been assumed to be
within a definition of the MFC mission. Consequently, since image point
dwell time may be long there does not appear to be any great need to
quantitatively evaluate the high impact capability of an "exotic" detector
such as a multiplier phototube which is considerably more sensitive and
"faster" than a solid state detector. Also, photoemissive surfaces may be
degraded or even damage by direct high intensity radiation; they also
require high voltage dc-dc convertors.
Cooled solid-state detectors are not seriously considered here because of
the added complexity of storing low temperature liquids for cryogenics
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into which they must be immersed for sensitive operation. Lead telluride,
tellurium and germanium are therefore not considered.
Another criterion for selection is that based upon reasonable mission
objectives it would not appear wise for the first lander on the Mars
surface to conduct imaging in any wavelength spectrum other than either
the visible or near infrared region. The detector should exhibit a major
portion of its useful spectral response between 0.3 and 1.5 microns so
that it can be efficiently matched to the radiation spectrum. This
eliminates indium autimonide, indium arsenide, lead sulfide, and lead
selenide.
Thermocouples, thermistors and Golay cells although operable in the
uncooled state are much to insensitive and slow to warrant serious
consideration. The detectors that are left are shown in Table5.3-l_Known
characteristics considered to be of major importance are peak detectivity
D*ma x (_ max, fc, i); wavelength at which D*ma x occurs, k max; chopping
frequency, fc; sensitive area, A; a figure of merit as a measure of
sensitivity defined by
Dmax N%, n
Sensitivity = A½
d_
cps 2/watt (5 i)
where NX, n is the relative radiance spectrum on the Martian surface;
time constant; wavelength region; and typical load resistance. Although
information on temperature ranges for both stable (linear) operation and
unit survival and shock resistance is of vital importance, data on it is
so sparse that it is virtually non-existent for most types.
Other parameters which are either redundant or have second order effects
are
(i) output impedance,
(2) voltage or current requirements,
(3) dynamic range,
(4) size and shape of housing,
(5) bandwidth, and
(6) relative spectral response.
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Because of the elimination process just discussed, of the parameters
listed in Table5.3-11those qualities that should receive prime attention
are (i) a medium to low time constant, (2) very small sensitive area,
(3) low resistance, (4) high sensitivity, and (5) medium to high chopping
frequency.
Even though the sensitive areas for both the cadium sulfide and cadmium
selenide detectors in Table 5.3-11 tend to assure a confident estimate in
extrapolated performance to the required 10 -4 cm 2, their time constants
are much too large to be useful. On the other hand time constants of the
ENL silicon detector are excellent but linear extrapolation from large
to small detector operation is not justified. Their sensitivity values
may not be a realistic measure of performance for small chips. For both
of the above reasons the RCA silicon detector is also a risky choice. Of
those remaining not enough is known about thallous sulfide, selenium-
selenium oxide and copper-cuprous oxide to allow any of them to be
selected. Finally between gallium arsenide, and TI silicon the choice
is clearly the latter even though it has been reported that Philco's GaAs
is stable to 230°F as compared to 145°F for Tl's silicon.
In summary, the LSX-511 silicon photo transistor is selected as the
detector model for this study. It has good sensitivity while uncooled
and being used at moderate scanning rates. The data quoted is very
reliable for the small area and high chopping frequency since it recently
was put through exhaustive test and evaluation for use with the Lunar
Facsimile Capsule. It is relatively inexpensive, and considerable
experience has been logged with large quantities of this detector for a
multiplicity of uses. This detector's spectral transfer characteristic
is a good match to the solar spectrum and its dynamic response is much
wider than the electronic circuitry. Because of its small physical size
(housing) and mass it has been impulsively shocked at many thousands of
g's without incurring damage or change in operation. Silicon transistors
w_e _1_ used in the Lunar Seismometer Capsule for Ranger Flights 3, 4,
and 5 because they could survive the extreme temperatures of sterilization
wnlle germanium cou _ _not.
!
5.3.5 PERFORMANCE
This section summarizes by way of a set of illustrative graphs the
photometry, optics and picture coverage as trade-off performance of the
HRF camera.
Figure 68 shows the spectral distribution of radiation from the sun out-
side of both the Earth's and Mars' atmospheres. The relative shapes of
the curves are identical. The absolute curves differ merely by the loss
in radiation with the square of the distance from its source, the sun.
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Based upon published data, both the atmospheric attenuation and reflectance
of Mars are given in Figure 69 . It is interesting to note that the atmos-
phere within this wavelength region has similar absorbing properties to
that on earth. Figure 69b shows that the average reflectance is much
higher and more variable for Mars than for the moon where it varies from
0.04 in the maria to 0.2 at the craters. Given these values, it is also
assumed that the reflectance of the moon is not wavelength dependent. It
should be mentioned that the data above 0.7 microns on both curves of
Figure 69 are reasonable extrapolations of that obtained from JPL. Also
the reflectance is an average value for the entire surface as viewed from
a great distance.
Another effect that changes the magnitude of radiation reaching the camera
is the scattering characteristic of the surface. At JPL's recommendation,
the photometric function is used. With the geometry as defined in Figure 70,
the maximum and minimum spectral radiances one can expect on the surface
are shown for the mission in which Mars is at perihelion. To obtain
these curves, the atmospheric attenuation of Figure 69 has been modified
to account for the sun located at other than the zenith. Notice that the
Notice that the reflectance characteristic shifts the sun's radiation
spectrum toward the near infrared making it a better match to silicon than
even at the earth's surface. Note also that at 0.8 microns the range
between the threshold peak radiance and the maximum peak radiance is from
about i to 12 mw/cm2/ster/micron. Although an extreme geometric condition
is used to establish the threshold, conservation suggests that a level one
order of magnitude below that shown should be assumed tO account for unfor-
seen variations in reflectance and more severe scan angles.
In Figure 71 is shown a peak threshold radiance of 0.I mw/cm2/ster/micron
in accordance with the above discussion. These curves show theoretical
performance using an LSX-511 silicon detector which yields a peak-to-peak
signal to rms noise ratio of 15 db at threshold. At a bandwidth of
1500 CDS (assume the use of a memory system) end at 0.1 degr_ _,_n1,,_¢_,
note that the lens aperture required is only about 2.5 rmm whereas for the
moon _
the moon is closer to the sun and there is no lunar atmospheric attenua-
tion, the difference in assumed reflectance models allows the lens to be
smaller. Of course the lens may be made larger for the MFC and increased
resolution can be gained. A practical upper value for the size of the
lens of present camera designs would be about I0 mm which would yield a
resolution of about 0.03 degree. A lower limit would be about i _n.
Not illustrated in Figure 71 is the large gain in resolution that can be
achieved by scanning and transmitting the data in real time, say at 3 cps
(12 bits per second at 4 bits per data point). However, a more useful
system would be one which scanned at a 1500 cps rate and used a time buffer
for slow playback. With 0.I degree resolution the near field would be at
a distance of about 2-1/2 feet.
-157-
o I I I I I I I
0 0.2 0.4 0.6 0.8 1.0 1.2 1.4
WAVELENGTH, MICRONS
(b)
FIGURE 69. ATMOSPHERIC ATTENUATION AND REFLECTANCE OF MARS
=158-
m_
_01931_0 _0 _S_O_£_g 3A11_r13_
N
I 1 I. I I I I
" c;
o
o
_OHDIN/H3ZS/.,_9/_,,T.VMII_TW '_._TV_(IV'H _3V3HNS
(,
-159-
o0
WDNYZSIG _IVDOAHq_/H £V
qZIS ZN_4qZN q_I_VAqOSqN (L_V N qZ_kTVIG _AI_D_£_O
o
.,,4
O
m
o
o
f,,
m ttl
.r,i
D-t
o
Z
0
0
r_
i--4
p_
I
I
-160-
I
!
AERONUTRONIC D,V,S,ON OF PH,LCO CO.PO.AT,ON ....... c. _O--_'_'(_(_7./Z(_)
Given the total number of picture bits that can be accommodated by the
power supply and telemetry system, from Figure 72 the resulting view field
may be found. For example, if one million bits can be transmitted and
4 bits per picture element are generated during analog-to-digital con-
version then 1/4 million 0.l-degree picture elements covering a view field
of 2500 degrees 2 would comprise the picture. This could be a square
50 ° x 50 ° or a rectangle i0° x 250 ° or 7° x 360 ° or even manysmaller
pictures the total coverage of which would be 2500 degrees 2. The number
of equivalent _ shades of grey would be 24 = 16 which is analogous to
a dynamic range of 216/2 = 256:1 or 48 db. The gain in picture coverage
by going to 3 bits per picture element is only 8 degrees on a square format
and does not appear to be worth the factor of 2 sacrifice in grey levels.
Even though Ranger telemetry was analog not digital, the number of
equivalent picture bits have been determined to be about 8 million
(3.74 bits per picture element). The operating points are shown on
Figure 72.
Finally, having chosen dle resolution and near field, choice in selection
of the remaining optical parameters is shown in Figure 73. With the same
size pinhole as that used for the LFC, the lens would be little more than
cut glass with a focalmtio of about f/30.
5.3.6 MECHANIZATION
The MFC consists of the subsystems as depicted in the functional diagram
of Figure 49. A mirror surface scans uniformly through a vertical angular
field of view and directs radiation from the scene into the clear aper-
ture of the objective. An internal pulsed light source shares the scanning
mirror to provide electronic synchronization during mirror dead (scene
vignetting) time. The vertical scanning assembly is also rotated in
azimuth to provide a 360 degree horizontal angular capability. Power
is supplied to the vertical and horizontal scanning drive motors from
an amplifier which is frequency stabilized. A stability reference signal
may also be transmitted to the playback system to assist in reproduction
of the facsimile picture.
The camera contains a fixed focus optical viewing assembly. The objective
lens collects radiation from the scanning mirror and then transforms the
radiation onto a detector. A small diameter pinhole is placed close to
the detector, near the image plane of the objective, to define an instan-
taneous field of view and the near field distance. The interior of the
telescope contains several graduated light baffles and many smaller
baffles or threads on the inside of the tube to limit unwanted reflec-
tions. The tube also is coated with a low reflectance optical black
paint to reduce light scattering. A mechanical chopper is located between
the pinhole and detector near the image plane to modulate the incident
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radiation to permit a.c. electronic signal amplification. If desirable,
the chopper disk can be fabricated of optical transmitting material and
sectors coated to provide a spectral filter chopper. A suitable detector
is positioned to collect all of the modulated radiation passing through
the pinhole. The detector signal from the scene and the optical synchron-
ization pulse are amplified by the preamplifier and further electronically
processed and transmitted_ a playback system.
a. Components. Referring again to Figure 49 , the system components
are as discussed below. A typical concept of the high resolution (HRF)
camera may be seen in the schematic layout of a typical camera in Figure 74
showing both rotating and a nodding mirror scanning concept. The optical
window transmits radiation from the scene to the scanning mirror. The
primary function of the window is to provide a seal. The length of the
window limits the total vertical scan angle and the width should be
sufficiently wide not to vignett the instantaneous field of view. The
thickness should be such that the flatness and parallelism should not
limit the optical abberations.
The mirror assembly provides a high reflective flat surface which
uniformly scans through a vertical scan angle. The implementation of
the scanning mirror can be accomplished by several techniques, two of
which are illustrated in Figure 74. Figure 74b depicts a camera util-
izing a nodding mirror quite similar in design to the Lunar Facsimile
prototype camera previously developed by Aeronutronic. Figure74a illus-
trates a spinning mirror design normally associated with, but not limited
to, fast scan modes. The optical properties of a mirror are such that
the scene angle of incidence equals the reflectance angle so that as a
mirror facet rotates the instantaneous field of view continuously scans
the total vertical angular scene field and directs the radiation within
the instantaneous field of view onto the ob ectives. Vignetting occurs
at both the leading and the following edges of a mirror facet resulting
in a strip of lower brightness at the top and the bottom of the
facsimile picture. Therefore, only the non-vignetting portion of the
mirror is used to produce a picture and the resulting vignetting time is
utilized for transmitting synchronizing and stability reference signals.
The vertical drive gear train provides mechanical drive to the scanning
mirror. It is important that the scanning mirror scan speed be constant
so that the resulting facsimile picture will not retrace the scene and
give redundant information or skip portions of the scene. The data
bandwidth would also be effected which would cause the contrast (film
density) to be reproduced incorrectly. The data bandwidth is directly
independent on the drive worm and gear ratios since they determine the
rotational rate of the scanning mirror.
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Vertical and azimuth drive hysteresis synchronous motors are used to
ensure reliable video and scanning synchronization. Motor drive signals
may be derived from a frequency standard. The frequency standard output
is amplified to control power transistor switches. These switches
connect either motor at the frequency standard rate typically between
+14 volts and 14 volts resulting in a 28-volt peak-to-peak square wave.
The azimuth drive worm is mounted to the base structure which does not
revolve. The worm gear is hubbed into the azimuth tube and contains
sufficient teeth to revolve the azimuth tube at the desired rpm compatible
with the vertical scan. It is important to keep the azimuth revolving
structure to a minimum size and weight to reduce the power requirements
of the drive motor.
The gear box may be used to gear down the normally high rpm motor to
provide a smooth azimuth scan motion compatible with the vertical scan-
ning mirror.
A frequency standard (such as a tuning fork) is utilized to provide motor
drive signals to ensure scanning synchronization. The amplified frequency
standard output is used to drive both the vertical and horizontal scanning
motors. A stability reference signal may also be transmitted for similar
use with the playbaci_ system.
A synchronous optical pulser may be positioned so that the angle between
the synchronization pulse and the scan line beginning can be measured
directly and become a constant of the camera system. The synchronous
optical pulser is implemented by using a smaller collimated light source
mounted within the field of view of the mirror but outside of the non-
vignetting scan field. The light source would be located so that a
leading edge of a facet on the vertical scanning mirror could observe
the light source and the detector returned to a zero input condition to
facilitate blanking of the video signal prior to scanning the normal
field of view. The collimated bundle diameter should be kept small so
that positioning during installation will not be critical. The light
source is a tungsten filament lamp powered by rectifying and smoothing
the mirror drive motor power supply.
The objective is used to collect scene radiation reflected from the
scanning mirror. The objective is located vertically below the mirror
assembly and is an achromat lens coated and corrected for the scene
spectral region of interest. The lens is optimized for both diameter
and focal length. _le diameter is optimized to minimum scene irradiance
(low-lights) to ensure that the detector will produce a signal-to-noise
ratio of at least 2:1. The focal length is optimized within the con-
straints of the pinhole diameter to produce the desired instantaneous
field of view and i00 percent square wave response at the hyperfocal
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distance. The pinhole is electroformed on a small disk of nickel foil
and aligned in its mount to lie on the optical axis and in or near the
focal plane of the lens.
The Mar's surface spectral radiometry dictates that a silicon detector be
used as the camera transducer to achieve maximum spectral response. The
detector and preamplifier for the Mars Facsimile Camera are considered
as an integral unit due to the fact that the preamp must be located as
close as possible to the detector to minimize detector lead capacitance.
The size of the detector must also be kept small so that the inherent
capacitance will not limit the detector response tim_ or increase the
noise signal. The detector should be positioned to receive all of the
radiation transmitted through the pinhole aperture. The detectom signal
is amplified and then transmitted to the remote playback system to pro-
duce a facsimile picture of the scene scanned by the camera.
b. Previous Desisns. Aeronutronic has designed and developed
prototype subassemblies and supporting ground equipment for the Lunar
Facsimile Capsule (LFC) shown in Figure 75. Two prototype capsule
assemblies were subjected to severe environmental tests, including
impacts up to Its8 feet per second and 4300 peak-g loads followed by
long-term functional testing at 10 -6 Hg vacuum. No degradation of any
kind due to impact was experienced, and the six 360-degree pictures
taken with Prototype No. 2 Assembly exceeded all design objectives for
picture quality. The capsule has a calculated reliability of 96.5 percent.
From 8-1/2 to _ hours are required to produce a 360-degree horizontal view
by 50-degree vertical view picture. Table 5.3-111 lists the weight, volume
and power requirements for the Lunar Facsimile Camera.
Figure 76 depicts a design for the development of a fast scan, high
resolution facsimile camera which offers all of the desirable performance
features of the L_C and provides a complete 360-degree panoramic coverage
500 times faster. The detector illustrated is a multiplier phototubej
because of the time constants associated with the fast scanning mode of
operation. The fast scan HRF camera design contains demonstrated prin-
ciples of operation, simplicity of design, well-known fabrication
techniques, reliable operation, and expected performance meeting or
exceeding that required. The estimated weight budget for the fast scan
HRF camera is given in Table 5.3-IV.
5.3.7 STEREO AND MULTISPECTRAL CONSIDERATIONS
The advantages of stereo recording the Mars surface would include
photogrammetric determination of quantitative surface information and an
improvement in the realism of the presentation of the finished product
after playbacL. Both benefits are realized through stereo viewing in
the absence of fiducial marLings on the Mars surface by which comparative
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TABLE 5.3-III
WEIGHT, VOLUME AND POWER REQUIREMENTS FOR LFC
SUBASSEMBLY
Top Tube Assembly
Preamplifiers (2)
Motor
Ref. Lamp
Azimuth Drive Assembly
Motor
Motor Drive Elec.
Signal and Syne El_'-_ -
WEIGHT VOLUME
ALLOCATION, ALLOCATION, CONTINUOUS
POUNDS CUBIC INCHES POWER, WATTS
i .2 12.0
0.60 6.0
0o7 1 A 0
.L'-#' • 0
r_. #,_ 20.0
0.15
5.0
O.5O
5.0
5.0
0.i0
Total 3.35 62.8 15.75
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TABLE 5.3-IV
BREADBOARD FAST SCAN HRF WEIGHT BUDGET (ESTIMATED)
WE IGHT
SUBASSEMBLY (POUNDS)
Top Tube Assembly 2.04
Azimuth Drive Assembly 1.33
Telescope .36
Sensor Assembly .72
Interface Hardware i.i0
Electronics 3.00
TOTAL 8.55
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size or distance measurements can be made. The use of objects deployed
from the capsule into the field of view or the utility of delayed
duplicate pictures using changing shadow angle effects would certainly
enhance monocular viewing. It should be noted that either a stereo or
duplicate picture scheme requires additional transmission of picture
bits and might be precluded by the power limitations imposed by the
number of batteries encased in the capsule.
Implementation of stereo scanning can be accomplished either by two
sensors (individual objectives) separated either horizontally or ver-
tically along a known baseline or by monocular duplicate viewing
accomplished by a known linear displacement of the basic head after
completion of the first horizontal sweep. The basic limitation to
obtaining scientific enhancement of the picture data is the difficulty
of obtaining a long baseline between the two correlated viewing positions.
The error in establishing the distance to an object from the basic paral-
lex angle is proportional to the distance squared and the angular
resolution of the system, and inversely proportional to the baseline
dimension. The sensitivity of the distance error to angular convergence
error limits the usefulness of stereo measurements to relatively close
distances. For a stereo base of 150 mm and an angular resolution of
0.i °, the accuracy of distance measurement is as follows
DISTANCE
_RS)
DISTANCE ERROR
_ (_TERS)
0.25 0.00074
i .0 0.012
i0.0 1.2
30.0 i0.0
50.0 30.0
Thus, for 0.I ° resolution and a stereo base of 150 mm, the useable dis-
tance measurement range is limited to less than 50 meters. At distances
much less than 50 meters objects could be assessed with fair accuracy.
At the near point of the field of view (about i meter), the granularity
of surface material may be measured to millimeter size.
The subjective enhancement of the lunar surface pictures afforded by
vertical stereo coverage is very difficult to assess. For instance,
normal stereo projections use a horizontal baseline and since one does
not usually view a scene with the head turned sidewise the stereo pic-
tures tahen with a vertical baseline may lose subjective quality simply
because it is taken from a less familiar posture. Also, the second
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picture taken by monocular duplication may show different shadow lengths
in the two pictures. This maynot significantly effect the quantitative
scaling of the picture, however, the overall subjective appearancemay
be considerably degraded by this effect. Since the vertical stereo
method is an unusual method of taking stereo pictures, it may be advis-
able to perform simple experiments using the previously developed
Aeronutronic Facsimile Camerato take delayed pictures on Earth to
simulate the effect of Sunmotion and to evaluate the effects, if any,
of the vertical baseline.
Several possibilities exist to acquire a stereo capability for either
vertical or horizontal baseline operation. The vertical drive mechanism
depicted in Figure74a was purposely mounted so that it could be easily
relocated to simultaneously drive two vertically displaced spinning
mirror systems. The duty cycle scan efficiency of the mirror as shown
is less than 50 percent so that if two mirror assemblies are required
they can time-share their data by alternately recording a scan from one
then the other; a modesimilar to the original Aeronutronic prototype
slow scan Lunar Facsimile Camera. _^_^L=rtime sharing the data and
allowing for insertion of sync and blanking pulses, utilization of rf
_=ncm_cc_n _m_ _nd. hence, nower will be _reater than .0 percent
efficient.
For horizontal baseline stereo, there are two types to consider. Two
cameras can be used, each spatially fixed relative to the other. In
this case, the baseline is continually changing throughout the azimuth
sweep. The line data is time-shared between cameras as described above.
The efficiency of scanning being less than 50 percent requires no mod-
ification to either camera. One of the cameras would not need a
reference frequency source since it would be synchronously controlled
by the other camera.
The constant horizontal baseline concept requires only one camera
assembly but two sets of optics. The scanning mirrors in this case
would be similar to those utilized in the slow scan camera. During less
than 50 percent of the sweep, one camera would receive radiant flux from
one mirror as it scans down. When this scan is completed, a mirror at
the other side reflects flux into the second telescope while sweeping up.
Both sweeps use the same detector and signal separation is accomplished
at the remote playbacL station through utilization of the synchronization
pulses.
The nodding mirrors perform the vertical scanning and the azimuth scan
drive could be located at the end of a bell crank to turn the entire
assembly around a radial arm. This technique requires 180 degrees of
azimuth sweep before the fields of view begin to overlap to provide
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stereo pictures. Therefore, a 360-degree monoscopic picture is recorded
during the first 180 degrees azimuth sweep and then stereoscopic pictures
during the remainder of the total 360 ° sweep.
The spectral reflectance of the Martian surface peaks at about 0.8 microns.
The bulk of the effective radiation is at longer wavelengths than the cut-
off response of the human eye. The facsimile pictures will depict scenes
similar to those commonly recorded by infrared film. The interpretation
of such photographs will require specialized training since objects
acquire a different enhancement than is normally observed in a solar
balanced spectrum photograph.
There exists the prospect of taking monoscopic color pictures with a
facsimile system which is only slightly modified from the basic system
used to take monoscopic black and white pictures. The same basic hard-
ware and the same basic communication equipment can be used to transmit
channels of color information. A system consideration in transmitting
channels of color information is the fact that the radiation level at the
sensor in each color band is reduced from that existing in the monoscopic
black and white system. The amount of reduction would be dependent on
the spectral bandpass and transmission of the filters used to isolate
the spectrum bands.
One convenient method of implementing the color separation would be to
coat a quartz chopper disk in segments with different filter materials
and to coat the desired opaque sections to produce a reflection surface.
If more than one filter material is used on alternate segments, the
fundamental frequency component would assume a lower value and the rms
amplitude would be lower since each filter would time share a scene.
For instance, if three filters were used the effective radiation level
would be reduced by the ratio of the total effective energy (HT) avail-
able to the effective energy transmitted by one of the filters (HFI).
Energy Reduction
H T
HF I
Using three filters implies that any one filter assumes a fundamental
frequency of 1/3 of the nominal frequency of the chopper and arms
amplitude degradation of 1/3 as shown below.
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The total filter number one degradation for this case would be
H T
Total Degradation = 3 x
Hf I
The loss of energy arising from the use of filters can be regained by
degrading the angular resolution of the system. _his may be an accept-
able procedure since the occurrence of color may be more significant
than the attainment of increased resolution in a black and white picture.
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5.4 TELECOMMUNICATIONS
5.4. i REQUIREMENTS
Communication will be required between the Mars Facsimile Capsule (MFC)
and the Earth for data transmittal to Earth, and possibly for Earth Command
to the MFC. Two basic methods are considered: i) direct MFC-Earth, and
2) relay via the spacecraft (S/C). Orbital relays are also a possibility
but were not within the scope of this study. It is assumed that the MFC
contains data storage capability as required, so the data acquisition and
transmission rates may be selected independently.
The general communications problems may be deduced from the mechanics of
the situation. The MFC will be communicating between fixed points on two
spinning planets, a vast distance apart with a very limited payload capa-
bility on Mars. The NASA Deep Space Network (DSN) is scheduled to have
stations at Goldstone, Canberra, and Madrid with the conmmnd and reception
capabilities assumed in this report by the end of 1967. (Reference i).
• O
These statlons are approximately 120 apart and within _ 40 u of the Equator.
Their placement permits continuous surveillance and coulnand of objects more
than i0,000 miles from Earth. There need be no communication blind periods
......... ,, rc.a,i:n, u ........., _h=_= w_1] he blind periods (i_noring a
system of orbiters or satellites) due to the rotation of Mars which has a
sidereal period of 24 hours, 37 minutes.
The required communication distance as a function ofcalendar date is shown
in Figures 77 and . 78 . The extremes of Earth-Mars distance are 0.4
and 2.6 AU. The relative velocity between Earth and Mars or the S/C will
typically be the order of 18 km/sec. This results in a doppler carrier
frequency shift of 140 kcps at 2,300 mc. For velocities much smaller than
the speed of light, the doppler shift is given by f Vr
= • fstatic'
where V r is the radial velocity, C is the velocity of llg_ and fstatic is
the frequency with no relative motion. (Reference 2). There are also much
smaller doppler frequency cP_nges due to the rotation of Earth and Mars.
The doppler effects occupy a much larger frequency region than the data
modulation spectrum. However, the carrier signal is tracked at the receiv-
ing station so that excess reception bandwidth together with an attendant
power penalty are avoided.
The MFC telecommunications considerations are not unique and are very similar
to those of the present Mariner C. Of importance are the long transit
time, the large communications distance, and special impositions due to the
hard landing capsule environment. The latter suggests a simple rugged system
of limited size and weight.
5.4.2 FORMAT AND ERROR CONSIDERATIONS
The MFC is a wideband experiment and the amount of data transmitted is
likely to be limited by the primary power available in the MFC. It is
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important, therefore, to select a system which is efficient in terms of the
amount of data transmitted per watt-hour of energy expended. It is seen in
Section 5.5 that the RF power achievable is in the range i0 to 20 watts.
Therefore, the data transmission rate is relatively low and direct analog
modulation of the carrier is not practical as a very large modulation index
would be required resulting in a poor threshold. Recent analyses have shown
that Analog/FM/PM is approximately 3 to 6 db poorer than PCM/PSK/PM. It is
therefore assumed that the picture data (elements) will be digitized for
transmission. This will be most convenient for storage in the MFC if also
required. A different quantized system (Reference 3) recently disclosed by
JPL, designated MFS, is very promising and is discussed in Section 5.4.3.
A possible MFC data format, very similar to that of Mariner C, is shown in
Section 4.4.2. This particular format is convenient to use for 4 bits per
picture element. Approximately 20% of the data bandwidth is required for
synchronization.
There are subjective effects of picture quantization which should be exam-
ined. These effects result from the fact that the eye is very sensitive
to step changes in intensity. The eye senses these even when relatively
small, especially when there are large areas to compare, and as the quan-
tization increments are increased the effect becomes quite objectionable.
The rms error criterion for quantization error would appear to be a useful
one since it weighs large errors more heavily than the small ones which
may arise in various other parts of the system. However, some experimental
evidence is needed to assess the pictorial effect for various quantization
increments. Fortunately, two recent papers, References 4 and 5, are avail-
able which display still scenes of differing resolution. Note that in
Figures 31 and 32 of Ref. 4, reproduced here as Figure 79 (with con-
siderable loss in detail), only 3/4th of the encoding range is assigned
to the scene. Therefore, the pictures for 2, 3, 4, 5, 6, and 7 digits
represent, in order, 3, 6, 12, 24, 48, and 96 shades. These pictures demon-
strate that four bits (12 shades) give a pleasing picture with little appar-
ent loss of detail. While it is generally agreed that 6 bits are needed to
approach the appearance of a good analog system, this represents a 33%
reduction in the number of scene elements which can be transmitted with a
fixed number of bits. Since the MFC is bit limited a trade-off must be made
between total scene data and scene resolution. Such a trade-off was out of
the scope of this contract as it involves subjective as well as quantitative
analysis.
Reference 5 is primarily concerned with methods for improving the appearance
of pictures of quantized shading. The author, Roberts, proposes a scheme in
which pseudo-random noise is added to the picture signal before quantization
and the same noise is subtracted fzom the received signal before display.
This scheme breaks up the edges in the picture due to quantlzation and dis-
tributes the errors throughout an area, making it less noticeable. Roberts
also recommends the use of "companding", compressing the dynamic range of
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the signal before transmission and expanding it to its original range after
reception. Since the eye perceives brightness as the square root of inten-
sity, higher errors can be tolerated in bright areas. For a uniform channel,
the signal should be compressed by the factor square-root-two before trans-
mission.
The use of Roberts' scheme for the reduction of resolution with the addition
of pseudo-random noise is not suggested for the MFC application. There is
some added complexity and the pseudo-random sequence must apparently be at
least one raster in length. The apparent improvement would appear to be
objectionable from a scientific viewpoint, as it is entirely subjective.
The information content of the transmitted pictures is slightly reduced by
the added noise.
It is considered valid to assume that the various errors from different
sources are not correlated so that these may be added on a mean-square
basis.
2 EF 2 2 2E T = + EQ + Ere s
where
ET =
total rms error in the reconstructed video
signal
EF = rms error due to fluctuation noise in the
con_nunication channel
EQ =
E =
res
rms quantization error
rms "residual" error
Of the many possible error sources only E and E are controlled by the
communications link design. Therefore, a_l othe_ errors have been consider-
ed together as Ere s. Ere s (residual) is the error remaining when EF and
EQ are removed. Ere s includes all the error sources in the optics and
electronics of both the camera and the reproducer.
An exact expression for EF, normalized to full scale value of I, is
(Reference 6):
/
=/E 2N + i
EF
2N - i
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where
N = number of bits per word, and
= bit error probability
It is assumed intuitively that if fluctuation noise causes no more than one
word (picture element) in I00 to be in error the picture will be faithfully
reproduced with very l_ttle loss of information. Therefore, if N = 4,
_ 1/400 = 2.5 x I0-J, and
E F =/2.5 x3 10-3 1517
= 3.075 x 10.2
The normalized rms quantlzation error is i/2 /_times the quantization
increment (Reference 7). So, for N = 4
EQ : i i
2-7-
i i
2 J-_ 16
1.804 x 10-2
I0"2 4.. prao_=l flgure, thenIf it is assumed that E = 3 x _ ......... .
res
E T _3.075) 2 + (1.804) 2 + (3.0) 2 x iO -2
-2
= 4,66 x I0 = 4.66% of full scale.
A total error under 5% rms is in keeping with the requirement for 13 levels
of resolution. This is also a worst case error as the communications
systems will be designed for E = 2.5 x 10-3 to be worst case. Just a 2 db
ma___n wil_ reduce the bit error probability by a factor of I0 and EF by
i0 to 1%. Then
12 2 32E T = + (1.8) + x 10 -2 = 3.64%.
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Above 3 db margin the fluctuation error becomes negligible and
E T /(1.8) 2 += x 10 -2 = 3.5%.32
5.4.3 DIRECT LINK
Calculations have been carried out which relate transmission bit rate, trans-
mitter power, and distance as shown in Figure 80 . Details of the calcu-
lations and assumptions made are given in Table 5.4-1. Except for trans-
mitting antenna gain, other parameters either are not controllable or are
set at the best attainable values. The effect of transmitter antenna gain
change is readily investigated by adjusting the power output scale to keep
the product of antenna gain and power a constant (e.g., a 3 db change in
gain modifies the power scale by a factor of 2).
The calculations are based upon use of the Mariner C, or similar, data
format. This is a very efficient system which the DSN is already equipped
to handle and for which performance data are known. Recent theoretical
work (Reference 8) indicates that approximately I db improvement may be
obtainable by utilizing a single sinusoldal subcarrler. The straight line
portion of the curves (Figure 80 ) are for constant modulation indexes for
the Mariner C data and sync subcarrler of O d _ 0.908, and 8 s = 0.451.
These are the maximum values allowed (with tolerances) to prevent loss of
carrier lock which occurs if the phase shift (including phase noise)
exceeds 90 °. At the x's on the curves, the carrier tracking system is at
threshold (worst case value). To maintain carrier lock at lower power the
modulation index must be reduced to leave a greater fraction of power in
the carrier and the curve dips down becoming asymptotic to the power re-
quired for tracking. Operation in the curved region is less efficient in
terms of bits/watt-hour and should be avoided if the H_FC experiment is
energy limited, as is currently indicated. It would be useful to improve
the threshold of the carrier tracking system, if possible, to increase the
efficiency of operation at low bit rates. The most obvious way would appear
to be through reduction of the carrier tracking bandwidth which is taken as
12 cps, the present minimum value at the DSIF. Reduction of this value
would require development of an extremely phase-stable transmitter. This
would be difficult in the HFC application where a pressure mount RF crystal
is probably necessary because of its impact resistance. It was demonstrated
on the Ranger program that transmitters utilizing pressure mount crystals
can be made sufficiently stable to operate within the 12 cps bandwidth.
There is one other modulation method of interest which was reported recently
by JPL (Reference 3). It is a multiple level FSK designated MFS for
"multiple frequency shift". It is a non-coherent system and avoids the
carrier tracking threshold of coherent PM. Comparison of the two systems
displays an advantage for MFS approximately equal to the modulation loss
factor of the PSK data subcarrier. This is to be expected if both systems
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TABLE 5.4-1
DIRECT CAPSULE-EARTH PCM/PSK/PM MARINER C FORMAT
6
7
8
9
I0
ll
12
13
14
15
P_Tn
Total Transmitter Power
Transmitting Circuit Loss
10 watts
Transmitting AntennJ Cain
t
Transmitting Antenna Polnt/n8 Loss
|
Space Loss
@_ 2295 NC,
Polarts&tton Loss
R- 1AU
92.9 x 106 S. Hi.
bceivlng Antenna _tn
Receiving Antenna Pointing Loss
Receiving C_rcuit Loss
VALtt •
+40. O0 dbm
- 2.00 db
+12.00 db
-3.00 db
-263.17 db
-0.25 db
+61.0 db
-I.0 db
-0.I db
Net Circuit Loss _ 2 through 9 -196.52 db
Total Received Power 1 + 10 -156.5_ db
+183.83 dbml
cpsReceiver Noise Spectral Density (N/B)
T system = _0°K _ 5°K ,
Carrier Modulation Loss
L
Received Carrier Power 711 + 13
Carrier A_C Hoise
(2]_ - 12 cps )
16 Threshold SNR in 2_LO
17 Threshold Carrier Pmmr
18
19
20
21
Perforu_.nce Margin
CAneR (Tvo ay)
Threshold SNR in 2BLO
Thz_ahold Carrier Pmmr
Perfor_nce Nsrsin
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-4. i db
-160.66 dlxn
+10.79 db
+2.0 - 0rib
+I,0 -0.Sdb
+O -2.0 db
:+3.0 - 0 db
+0.25 db
±I.0 db
+0.i db
+0.i db
+5.45 -3.95d!_
+7.45 -3.95dr
]_Hlson
AIqD
Hanson
ADP
Harrinston
ADP
Karrlngton
,_P
Link
ADP
Harrtngton
_DP,
Wall
JFL
Wall
JIrL
Wall
•t mm
+.76 -.67 dt /PL
Link
+.9 -/,.0 db ADP
+s35 -495dr
+0 - 0.41 dt
_r
22
23
24
25
26
27
28
29
3O
TABLE 5.4-I (Continued)
31
32
33
34
35
36
PARAMETn
CAR_ZR PI_RF_Z
Threshold Sl_ in 2_..
J_J
Threshold Carrier Power _- 12 + 15 +
22
Performnce Margin 14 -23
Modulation Loss O = 0.809
o
Received l_ca Subcarrler Poml_
+ 25
VALUE
+6.0 db
-167.04 dkn
+6.38db
TOLERANCZ
+0.76 -1.08 db
+9.11 -6.03 db
SOtnLCE
R. Wall
APL
-4.6 db +0.6 -0.7 db
-161.12 dbm +8.05 -4.65 db
+9.21 db, cps
+7.5 db _+0.5 db
-167,12 dkn +1.26 -1.17d]
Link
Ai}P
]Sit l_te (l/T) 8.33 bls
Required ST/N/B p - 2,5 x 1%-3
• lib ,
PerforlnceMtrsin 26 - 29
Ll.c c.xej 
ModuXmt£on Loss % = 0,451
S
Received $ync 8uburrler Power 11 +
--- 31
8y_ AI_ Noise IM
(2 o - ) ,
-l
  ,boid t, 1 cps
Threshold Subcarrier Power 12 + 34
t. ,
Performance Mar$in 32 - 35
+6.80 db
-10.5 db
-167. %2 dbm
+9.31 -5.82dt
+0,2 -0.3 db
+7.65 -4.23 dt
+11.0 db +0.5 db
"172.83 dbm +1.26 "1.17 db
+5.81 db 4"8.91 -5.42 db
Link
ADP
C0NJglrrs:
Item 1 Power is a variable in the parametric plots. 10 watts _s a practical
value fct_ a small, 12" co 16", capsule payload.
6
Cables and connectors 1.5 +0.5 db, lselator 0.5 _+0.I db.
These data are representative of a small helix of about 4_ ° half-
power besmwldth.
Distance is also taken as an independent parameter for the para-
metric plots. 1AU is appragtmately the mean distance (or greater)
for likely launches during 1969.
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TABLE 5.4-1 (Continued)
12 = I0 log KT
( _ )dbm/cps i0 "3 =
30 + I0 log 1.38 x 10 -23
+ i0 log 30 = 30 - 228.60 + 14.77 = 183.83 dbm/cps.
13, 25, 31
15
Reference 8 presents the relationship between modulation
index and modulation loss. The indexes 9_ = 0.809 and
@ = 0.451 are taken from Ref. 9 and are _aken to be
m_ximumvalues.
0.809 tad. 46 ° 21'
0,451 rad. 25 ° 50'
9peak 1.260 rad, 72 ° ii'
A phase-stable crystal-controlled transmitter will be
utilized in the capsule to permit use of the 12 cps
tracking loop bandwidth.
28 Noise is allowed to corrupt not more than i picture element
per I00. If 4 bits are utilizedqper element a bit error
probability of I_400 = 2.5 x I0 -_ can be allowed (i.e,
essentially all corrupted words have only i bit in error).
From Figure 25 Ref, II ST/N/B is found to be about +6 db.
Adding 1.5 db for practical factors as suggested in the
reference gives 7.5 db.
It is seen =--- =L =-_1
...... c .... a that all three thresholds have a nominal margin
of about +6 db and a small positive minimum (negative tolerance) margin. To
maintain these margins, a reduction in transmitter power must be accompanied by a
reduction in modulation index and data rate. The fraction of total power left in
the carrier is approximately doubled by halving the modulation index. If both
es and 8D are halved the following results:
P P' Power
onn a n ANA Ratio_ VeUU _
;D = 0.451 ;D = ;[i_; p,/p
s s
M s
0,386 0,804 2.080
0.346 0.120 0.347
0.089 0.041 0.460
The margin in the table will be maintained if the transmitter power is reduced to
10/2.08 = 4.8 watts and the bit rate reduced to 8.33 x 0.347 = 2.9 bit/sec. Since
the power in the sync channel dropped less than that of the data channel, a slight
improvement in the bit rate would be obtained by increasing the ratio eD/ e_. How-
ever, it is likely that sync detection will become less efficient as the de_ection
bandwidth drops below i cps (and a very stable crystal or fork reference is required).
A plot of bit rate versus power becomes asymptotic to I0 x 0.386 = 3.86 watts, the
power required for tracking.
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are operated with near optimum detection. The power advantage for MFS is
4.6 db in the linear region of the curves of Figure 80 , and its advan-
tage would increase below 8 bps. To achieve this performance, a complex
detection system is required (as was used in the Venus radar bounce experi-
ment). It is not known whether this system will be implemented operation-
ally in the DSN. If it should be, MFS would be a prime candidate for the
MFC application because of its considerable power advantage. This would
reduce the weight of batteries required for a fixed amount of data and would
simplify the transmitter development.
A 16-1evel (frequency) MFS system would be comparable to the PCM format
described in Section 4.4.2 with 4 bit resolution of each element. An MFS
system of up to 32 levels is considered practical.
5.4.4 SPACECRAFT RELAY
A study was made of the merits in the use of the flyby spacecraft as a relay
for the MFC-to-Earth data transmission. The relay method would appear to
have merit if the already existing transmitter/power system (of estimated
20 watts RF output) and the relatively high gain (assume +23 db) Earth
pointing antenna on the S/C could be utilized.
Analysis of the MFC communications via the S/C requires separate consider-
ation of two communication links; that of the capsule to S/C, and the S/C
to Earth. The S/C to Earth link may readily be analyzed using the cal-
culations for direct transmission given in Section 5.4.3. It is assumed
that the RF power is 20 watts and the antenna gain is +23 db.* Table
5.4-1 is applicable except for an II db improvement (12.6 x in power) in
transmitting antenna gain and a 3 db increase in power. Figure 80 may
be used with the power scale reduced by the factor 1/12.6. Therefore, at
I AU distance it would be possible to utilize a transmission rate of 210
bits/sec, from the spacecraft to Earth based upon parameter values consider-
ed to be conservative for 1969 launches.
The MFC to S/C link requires entirely different considerations. Figures
81 , 82 _ and 83 show the communication geometry for a typical
flyby/lander Mars mission. The trajectory was chosen to yield a near
equatorial landing site. The lander was separated at 200,000 km, and its
speed increased I00 meters/sec, to assure line of sight contact with the
vehicle for a period after landing. The periapsis altitude employed was
1500 mi. Through the use of a somewhat larger periapsis altitude, it would
be possible to eliminate the dip below the horizon which occurs about 1.5
hours after landing. It is assumed that the MFC antenna would have
* This assumes a modest growth in power of +3 db over that of Mariner C
and a comparable antenna.
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essentially hemispherical coverage so that pointing would not be required,
and that transmission is possible from the MFC to the S/C whenever the S/C
is at least 5° above the Mars horizon. With these assumptions the periods
available for transmission can be seen from Figure 82 , for a typical
1971 flyby/lander mission. The transmission periods and the communication
ranges (from Figure 83 ) are tabulated in Table 5.4-11.
TABLE 5.4-11
TABLE OF COMMUNICATIONS INTERVALS
Period of Transmission Available
Capsule to S/C,
Hours after Separation
Interval Ranse_ KM
Hours Minimum Maximum
I. 17.5 to 19.0 1.5 10,200 20,400
2. 21.5 to 33.0 11.5 35,700 156,300
3. 46.5 to 58.0 11.5 , 297,500 417,000
4. 71.5 to 83.0 11.5 554,500 670,000
5. 96.0 to 107.5 11.5 805,000 922,000
The typical transmission period available (11.5 hours) is nearly I_ the
Mars day; however, for the trajectory shown the first available transmiss-
ion period is short, 1.5 hours, followed by a dip of 2.5 hours below hori-
zon. Other trajectories could eliminate this d_p. However, even for the
case tabulated, if power is a limitation it is preferable to attempt all
transmission during the first interval. For example, the ratio of avail-
able time for the first two periods is ii to I, subtracting 0.5 hours for
margin. The ratio of maximum distances is 156,300/20,400 = 7.67. Since
the maximum data rate varies inverse]y as the square of the distance and
(7.67) 2 = 58.9, over 5 times as much information can be transmitted during
the first brief interval as compared to the next longer interval with equal
transmitter power. Also, for the later intervals the sun lighting con-
ditions are unfavorable during most of the transmission period so that MFC
data storage would still be required.
The most useful co_unicatlons analysis will be for the maximum range of
the first interval, 20,400 KM. A fixed antenna on the S/C of 30 °
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beamwidth can be pointed to cover the MFC during the period of transmission.
Such an antenna would yield a gain of about +14 db. A minimum scene of 24 °
by 24° with 0.I ° resolution represents a total transmisslon of 276 kilobits
assuming N = 4 and 15% added bits for synchronization and identification.
This represents a transmission rate of 77 bits/sec over a one-hour interval.
An important question to be answered is whether a reliable method for S/C
receiver acquisition _the MFC RF signal can be found. This is because the
frequency shifts will be very large compared to the modulation bandwidth.
One important frequency effect is that due to doppler. The S/C is receding
from Mars at approximately 2.8 km/sec, causing a frequency shift of 21.6 kc
if a 2300 mc carrier were used, or 2.2 kc if the frequency were reduced to
230 mc. The doppler effect due to Mars rotation is 10% as large (surface
velocity = 0.24 km/sec). These (doppler) effects are known a priori and
could be accounted for with some uncertainty in receiver tuning. There are
also other random effects which are estimated as follows:
a) ± 0.005% Recvr. L.O. instability = _ 11.5 kc at 230 mc
b) + 0.005% Trans. instability = _ 11.5 kc
m
c) _ 0.0025% Trans.shift at impact = _ 5.8 kc
Total (peak) + 28.8 kc
The one-shot nature of the transmission suggests a wideband non-coherent
receiver for reliability; however, it is found that the power required at
2300 mc is prohibitive. In reaching this conclusion, operation at 230 mc
was assumed which reduces path loss by 20 db as compared to 2300 mc.
Operation at still lower frequencies should be considered but antenna
implementation becomes a problem. At 230 mc, +14 db gain requires a para-
bola of 3.5 ft. diameter or an equivalent antenna on the S/C. The MFC
antenna, for hemispherical coverage, might be wire turnstile at the top of
the extension tube, with each arm at least 15" long. To achieve usable
performance, a system was assumed using the PCM/PSK/PM format in which the
S/C receiver has a 60 cps tracking bandwidth at 230 mc and has a built-ln
search function which scans until lock is achieved. This complicates the
receiver but is well within the state of the art and lock-on times of a
minute are reasonable with a sweep of +50 kc.
Another advantage of VHF operation is that increased transmitter efficiency
is possible. Two S-band solid state transmitters are described in Section
5.5 which depend upon the generation of 36 to 40 watts at 382.5 mc. There-
fore, to put the relay system on a competitive basis, a 40-watt transmitter
is assumed (of about 40% efficiency). Calculations are shown in Table
5.4-111 which indicate the feasibility of transmitting from the capsule to
the S/C at i00 b/s for I hour (to 20,400 km) for a total of 360 kilobits total.
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I Total Transmitter Power 40 watts
----21- Transmitting Circuit Loss
3 Transmitting Antenna Gain
4 - Transmitt£nS Antenna Po£ntins_ Loss
5 Space Loss'
" 6 Polarl_tlon Lon
7 bce£vins Antenna Gain
TABLE 5.4-111
PCM/PSKIPM
PARA_ZTER .... VALUE
+46.00 dbm
8 Recslvtn8 Attt:ennm PointlnS Loss
9 Recei_in8 CJurcuit Loss
" 10 Met Circuit Loss -- 2 through 911 Tocal Received P_r
' 12 Receiver Noise Spectral Density (N/B)
T system - _ 3200UK '
13 Carrier Modulac£_ Loss
" 14 Reeeived Carrier Power
15 Carrier A_R__.Noise _
(2BLO-" 60 ) "
• _X___ PtI_O_!ANrJ - TI_._XI_ (eme--way)
16 Threshold SI_ in 2BLO •
17 Threshold Carr£er Po_r
18 Performance MI_in
i " _-
X9 Th.sho'ld SNR tn 2_
20
Threshold Carrier Powr
21 Perforulnce MIrsin
-2.00 db
+2.00 db
-165.9 db
- -1.5 db
+14.00 db
..m
-1.5 db
-154.9 db
mi08.9 db_
-163.6 dbm
-4.1 db
-i13.0 dbm
17.8 db
A -195 -
TOLERANCE
+2.0 -0.0db
+i.0 -0.Sdb
+1 -2.0db
m.m
+1.5 db
+1 -3 db
+0.5 db
+5 db -7.5db
+7 db -7.Sdb
+ ldb
+0.9 -l.O'd
+7.9 -8.5 db
+_1 db
e
SOURCE
Hanson
AEP
Hanson
ADP
Harrington
ADP
Harrington
ADP
Harrington
.A_P
HAD.80D.
ADP
*
TABLE 5.4-111 (Continued)
NO.!
22
------4
PARAMETER
Threshold Sl_ In 2BLO
23 I Threshold Carrier Power 12 - 15 - 22
VALUE
6.00
-139.8 d'l.,m
! TOLERANCE
+2 db
I
25
26
27
28
29
l_rformnce Marsln
e
Modulation Loss o
- 0.809
+26.8 db
-4.6 db
t
-113.5 dbm
+9.9 -10.5 db
+0.6 -0.7 db
Received Data Subcarrler Pm_r +7.6 -8.2 dt
Bit Rate (I/T) I00 bls 20 db.cps .
7.5 db +0.5 db .Required ST/N/B pW = 10-2t
l_hreshold Subcarrier Power
30 Performance Marsln
c
Modulation Loss e
s
= 0.451
-136.1 dbm +_ 1.5 db
31
32 !
33
34
+22.6 db
-10.5 db
Received Sync Sub_rrler Power
36
Sync APC Noise
(2 Lo - ) 12
SOURCE
Werst case
+16.3 db
_orst Case
+9.1 - 9.7 db +12.9 db
+0.2 -0.3 d!
+7.2 -7.8 db
+0.5 db
o.
-119.4 dhn
+10.8 db
Threshold SNR £n 2SLO Icps +11.0 db
Threshold Subcarrler Power -141.8 dbm
Performsnce Msrsln +22.4 db
+_1.5 db
Worst case
+8.7 -9.3 db
+13.1 db
COMI_NTS :
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A worst case margin of 12.9 db remains which could be removed by reducing
power to a very readily obtained 2-watts which would also avoid possible
corona breakdown. However, part of the margin might better be traded-off
in simplifying the required S/C receiver. For the calculations, assume
data and synchronization performance comparable to that attained at the
DSlF (Reference i0) and assume receiver noise and carrier threshold equal
to that of the Mariner C S/C receiver with the addition of a search function.
Also increase the carrier APC (automatic phase control) noise bandwidth
from 20 cps for the Mariner C receiver to 60 cps to simplify implementation.
The calculations are based upon a bit error probability of 2.5 x 10-3 which
is the desired overall value. Finally, the S/C to Earth link should be up-
graded by a factor of ten which requires a 2 db increase in transmitter
power or a comparable reduction in retransmission bit rate.
One other factor which must be considered is the relative reliability of
relay transmission versus direct transmission. JPL has carried out a rather
detailed reliability comparison, Reference 12, for the Mariner 69 and
Voyager projects. In the JPL analysis, capsule transit time, Ti, is taken
to be 4,000 to 8,000 hours (166.7 to 333.3 days). The capsule operation
time or experiment duration is taken to be between i0 and 2,500 hours
(presumably covering a wide variety of experiments). For standby condition
of the capsule during transit, a failure rate 20% of normal operating value
is assumed mainly to account for out-of-limit parameter deviations rather
than catastrophic failure of parts. Representative data comparing the relia-
bility of direct and relay telemetry and command are shown in Figure 5.4-8,
taken from Reference 12. The upper pair of curves, for Pt (CR) = I, assume
that the capsule release (CR) and landing function has performed properly.
There is a distinct advantage for the direct approach which is not sur-
prising when it is considered that 6 series subsystems are involved compared
to 19 for the relay method. For command transmission there is no significant
difference in reliability between the two methods for experiment times up
to i00 hours. Beyond this point the direct method becomes advantageous.
5.4.5 EARTH COEMAND
It may be desirable to have an Earth-MFC conmmnd capability to control the
MFC-Earth data transmission interval and possibly also control the HRF
camera. The additional equipment initially required in the MFC will weigh
approximately 3 Ibs.,with subsequent control functions being added at
essentially the cost of the necessary activation or control devices.
A telecommunication design control table, Table 5.4-IV, indicates more
than adequate performance of the command link at i AU distance assuming
the receiving (capsule) antenna is to be a helix of +12 db on axis gain
and up to 3 db pointing loss. By June 1965, three DSN stations, those at
Goldstone, Canberra, and Madrid, are scheduled to have command capability
with i0 kw RF power and 85 ft. antennas of +51.0 db gain. These stations
are approximately 120 ° apart and within_+40 ° of the Equator. Their
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ITABLE 5.4-1V
EARTH TO MFC COMMAND
NO. PARAl_TER
........... +.......
1 Total Transmitter Power 10 kw
I _ 2 Transmitting circuit Loss
F 3 Transmitting Antennm Gain
J 4 Transmittins Antenna Pointin8 Loss ---5 Specs Loss
VALUE
+70.0 dbm
-0.4 db
+51.0
-262.5
@ 2115 MC, f R =
Polariution Loss
1AU
TOLERAHCE S_
JPL Msmo
No. 33-83
I! I!
II II
Link
Re_elvlas _ntenna Galn
Receiving Antenna Pointing Loss
+i -0 db
9 Receiving Circuit Loss
-0.3
10 Net Circuit Loss _"2 through 9
U
12
'I$
14
• Systsm - __ NF = /_ dh
Carrier Modulatioss Loss
m
Received Carrier Power
+12.0
x •846
-2.0
-202.2 db
Total Received Power -132.2 dbm
• eceiver Noise Spectral Density (N/B) -170.0 dbm/cps
o
-0.7 db
"-132.9 dbm
A
l_ Carrter APC Noise
(2_L O " 20 cps
16
17
Threshold SI_ in 2BLO
18
19
20
21
+13.0 db*cps
Threshold Carrier Power
Perfq_mance _rsin
¢,AlmneR N_y_lt :-. _lJo (Twv-vay)
Thrsshoid SNR in 2KLO
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Ths_shold Carrier Pover
Performnee l_rsin
Harrington
ADP
TABLE5.4-IV (Continued)
NO.
22
23
24
25
26
27'
28
29
30
31
32
33
34
35
36
PARANZTItlt
camu _n aum 
Threshold Sn tu 2IILo
Threshold Carrier Pmm r _-12 + 15 +
22
Performance Mar|t_ 14 - 23
Na4ulatLon Loss x . 154
,b
VALUe T0_ SOUWCZ
+6.0 db "*
-151.0 dba
+18.1' db
-8.13 db - *
Received Data Subcmrrier Pmmr -141.3 dbm
0 dbBit _te (lIT) 1 h_,
Jp
ltmquired ST/N/B P - 10 -.5
Threshold Subcarrier Power 12 + 27 +
28
PerfornanceNtrsln ., 26 - 29 T
14odulat Lon Loss
beeived 87n¢ 8ubatrrLelt Pmmr
m
Syn¢ APG Noise If(2 o - )
Threshold S_ £n 21LO
Threshold Subcarr/sr Paver
Performance lqlrsln
+20.1 db '_"
|
coNl_r_:
p
* Values taken frea J. C. Sivrimsett , "Cem_ud TechnLquss For the Remote
Control of Intst'plautary |pacecrafC",- Procesdinss' of the 1962 National
Telemetry Camference, Vol. 2_
t Spr/nseCt {nclude8 4 db "d_tectlon loss" which would .reduce margin to
16. I db.
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placement permits continuous surveillance and command of objects more than
i0,000 miles from Earth.* At a distance of 2 AU, path loss would be in-
creased 6 db which is readily accommodated.
One bit/sec, command rate was assumed as this was standard for Mariner C.
However, for the MFC few commands would be required and bit rate would not
be an important factor. Also, extreme low probability of error would not
be necessary to prevent a catastrophic error so short command words could
be used. Therefore, a command bit rate well under i bps could be used.
It may be desirable to acknowledge commands. If so, this can be accomplish-
ed with the camera data transmission system. A coherent transponder is not
necessary as (presumably) ranging is not desired.
A preliminary design has been carried out for a suitable command receiver
for low weight, hiKh impact application. It is shown in block diagram
form in Figure 85 The receiver will respond to PCM/FM/PM commands from
the DSIF facility. It employs a low noise, high gain, circulator-coupled
tunnel diode RF amplifier followed by a hybrid ring balanced mixer. This
first mixer utilizes tunnel diodes to obtain a low noise, low loss conver-
sion. The first IF amplifier and the second balanced mixer use three UHF
silicon transistors. The combined gain of these two stages will be 40 db
minimum. The second IF amplifier, phase demodulator and subcarrier discrim-
inator circuits are of standard design. Oscillator frequency stability will
be on the order of 5 PPM.
The phase reference signal and all of the mixer injection frequencies are
obtained from a single phase stable crystal controlled oscillator. Step
recovery diode frequency multipliers will be employed due to the very high
efficiencies and circuit simplicity obtainable with these devices. It is
estimated this receiver could be packaged in 30 in. 3 and weigh about 2.0
ibs., including the circulator of 0.5 ibs. With the use of another cir-
culator, a single antenna could be shared for transmit and receiver. There
would not, however, be simultaneous transmit and receive capability. Earth
would command the MFC transmission on for a predetermined length of time,
and further command would await cessation of transmission.
5.4.6 DSIF PARAMETERS
The DSlF parameters assumed in various places through Section 5.4 are sunmmr-
ized here for ready reference. It is expected that all of these capabilities
will be operational by the end of 1967, according to Reference i. Even if
* In addition, the Goldstone Venus site has a I00 kw transmitter and 85 ft.
antenna for R&D but which can be made available for operational use.
-201-
o°H
Ill ,_l
(J
°_I
n
"io_l (u
°_
m m m
o
II
0
I--I II II
r-I .IJ I_
r_
"_ _
.H
1
0
8
,._ r,..l u'_ m
-202-
r.3
l
tr_
co
II
AERONUTRONIC D,V,S,ON OF P..kco CORPORAT,ON .......... _;_ord_go_-r_rn_a_ny_
schedules sllp, they should be installed and operating by the expected 1969
MFC launch.
Data Reception
Receiving antenna gain 6.0 + 1.0 db
Receiving antenna pointing loss 1.0 +0.I db
Receiving c'ircuit loss 0.i + 0.1db
Effective system temperature 30°K + 5°K
Carrier tracking bandwidth 12 cps
Carrier threshold SNR (one
way track)
0 db for maintenance
of lock 50% of time;
+ 6 db for telemetry
data
It is assumed that carrier loc_ and synchronization to the Mariner C for-
mat are accomplished within 2 minutes at 8-1/3 bps data transmission rate.
Command Transmission
Transmitter power i0 KW
(i00 KW at Goldstone only if required)
Transmitting antenna gain + 51.0 db
Transmitting circuit loss 0.4 db
5.4.7 CONCLUSIONS
It is concluded that there are several feasible modes for transmission of
the MFC data to Earth. The most straightforward method in terms of proven
techniques would be to utilize a Mariner C or similar format (PCM/PSK/PM)
in a direct transmission to Earth. This permits a relatively low data rate,
2 to 20 bps, and requires an impact resistant S-band transmitter of i0 to
20 watts RF output. A new system, MFS (multiple frequency shift), is
promising and if the required detection equipment is implemented in the DSN,
this system offers a 4.5 db improvement over the PCM/PSK/PM format and also
simplifies the transmitter implementation.
Transmission via the S/C (spacecraft) as a relay is also feasible and a
transmission bit rate of I00 to 200 bps is attainable with a transm_sion
period of i to 1.5 hours utilizing a VHF (230 mc) transmitter of 4 to I0
watts. This transmitter would be much simpler to implement than an S-band
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unit. Use of the spacecraft as a relay requires a new S/C receiver develop-
ment, limits other S/C uses, and operates at somewhat degraded reliability.
Using the minimum number of shades of gray, it will be necessary to ensure
that the encoding range is covered for a given scene. This implies use of
signal compression and/or an adaptive encoder. The square-rooter helps in
this regard as it reduces the dynamic range in decibles by a factor of 2.
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5.5 TRANSMITTER
5.5. i SUMMARY
Several implementations of an S-Band transmitter suitable for use in the
Mariner Mars HRF Capsule have been considered. Desired power levels range
from i0 watts to I00 watts. Survival of 3000 g landing impact is required.
Choice of the power output stage requires a thorough evaluation of overall
transmitter design at these power and "g" levels because of the relatively
large mass and critical internal dimensions of applicable vacuum tube
devices. Required operating life is short so that vacuum tubes are
practical in this regard.
Four types of output stage devices are examined and evaluated including:
(i) Vacuum triode cavity amplifier
(2) Varactor multiplier
(3) Amplitron
(4) Traveling Wave Tube (TWT)
Various transmitter configurations capable of I0 watts output, or 20 watts
utilizing paralleled output stages or multiple antennas are shown. These
techniques allow use of small tubes and semiconductors with known impact
survival history. They also reduce the power requirement of the individ-
ual power output stage to that realizable by solid state multipliers which
provide greater reliability than large single stage devices. Emphasis is
upon the i0 to 20 watt range both because of the availability of active
devices and because usable data rates result.
5.5 .2 REQUIREMENTS
The telecommunications calculations indicate that output powers in the
range of i0 watts to I00 watts may be required at 2295 mc. Overall trans-
mitter efficiency is to be as high as possible to minimize battery weight.
Carrier phase jitter must be held below two to three degrees necessitating
a stable crystal-controlled source to allow use of the narrow 12 cycle
carrier tracking loop bandwidth in the DSlF. As the 20-watt power level
is presently beyond attainment with solid state multipliers (without using
power summing techniques), use of vacuum tube devices are to be considered
which will survive the 3000 g environment. The period of actual data
transmission will be the order of 5 to 30 hours. This plus test and
checkout time would result in a total required operating life of perhaps
500 hours at most.
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5.5.3 CONFIGURATIONS
A number of transmitter configurations are possible depending primarily
upon the type of power output stage utilized. All configurations include
a solid state 2295 mc crystal controlled signal source consisting of a
transistor crystal oscillator, buffers, power amplifiers, and multipliers.
This approach is consistent with previous experience with reliable solid
state multipliers at high g levels.
Three possible output stage configurations are shown in Figure 86 . The
simplest configuration (Figure 86a) utilizes a single i0 to 20 watt
output device such as a TWT, Amplitron or varactor multiplier driving a
single antenna. This represents the most efficient configuration in
terms of size, weight, and dc-rf conversion efficiency but is, of course,
dependent upon obtaining a suitable active device which will survive
impact.
The configuration shown in Figure 86b utilizes two output stages such as
a small ceramic triode cavity amplifier or varactor multiplier each
driving a separate antenna to double the total power. An output power
level monitor can be included which would reduce bit rate and deviation
to ensure maintenance of carrier lock in the event of a drop in output
power. Then increased reliability, or at least partial mission success,
could result due to the redundancy. Some degradation in overall carrier
phase stability results from the random phase jitter contribution of each
output stage, but this is expected to be small compared to that of the
crystal oscillator.
The configuration shown in Figure 86c utilizes a single antenna driven by
multiple output stages through a hybrid power combiner. The hybrid
performs the functions of isolation, impedance matching, and power summa-
tion. Isolation between output stages provided by the hybrid network
prevents mismatch caused by failure of one output stage from seriously
degrading power output from the remaining stage. As with the previous
approach, small ceramic triodes or varactor multipliers may be used with
increased probability of surviving the 3000 g environment. Because of
the multiple output stages, carrier phase stability is degraded slightly
and volume and weight are increased. Efficiency is also lowered due to
the hybrid insertion loss of from 0.5 db to 1.2 db.
A logical extension of the dual output stage using hybrid power combiners
is to use four output stages and three power combiners to provide 40 to
80 watts output. With output level monitoring, and bit rate and devia-
tion adjustment provisions three channels can be lost without completely
losing communications.
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FIGURE 86. VARIOUS S-BAND TRANSMITTER CONFIGURATIONS
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5.5.4 OVERALLIMPLEMENTATION
a. _TWT Output Stage. Hughes Aircraft Corporation (HAC) has a series
of TWT's for operation at 2295 mc, with the following characteristics:
TUBE CW POWER OUTPUT SIZE, SHOCK QUAL.
TYPE @ 2300 MC (WATTS) DIAMETER X LENG_ G LEVEL
HAC 314H 2.5 1.375" x 7.982" 450 g by HAC
HAC 349H I0.0 1.588" x 7.982" No test data
HAC 379H 20.0 1.40 " x 9.06 " No test data
HAC 394H 5 to 20.0 1.380" x 9.195" No test data
Figure 87 shows a typical S-Band transmitter configuration utilizing a
20-watt 379H TWT output stage. Because of the high power gain of this
tube (30 db) the 2295 mc drive requirement is only 20 milliwatts which
allows use of a single stage X20 step diode-type multiplier. This causes
an appreciable reduction in both complexity and power levels in the signal
source as compared to other designs. In spite of the high overall dc-rf
efficiency and relatively small size of this system, it is believed that
no existing _T could be impact qualified without an extensive development
program.
b. Amplitron Output Stage. Figure 88 shows an amplitron in the
output stage. The drive level requirements exceed that available from a
step-diode multiplier so conventional varactor diode multipliers are used
at reduced efficiency and some volume and weight penalty. As with the
_T, extensive development would be necessary to ruggedize the amplitron
at 3000 g levels. Additional weight results from the requirement for a
well regulated power supply.
c. Vacuum Triode Power Amplifiers. A range of ceramic-meta!
triodes with CW power outputs of 2.5 to 40 watts are available which
operate at 2295 mc. These are listed below along with several cavity
amplifier packages. As indicated, four of the smallest devices of 2.5
and 5 watts output have been shock qualified at either 3000 or 26,000 g's.
These may have been shoc!ed only in one direction at 26,000 g's as they
are used in instrumented gun launched projectiles by the Army's Harry
Diamond Laboratories. While the largest tubes may be capable of with-
standing 3000 g impact with re-design, it is considered that smaller tubes
would be more likely candidates. Therefore, the transmitter configuration
shown in Figure 89 utilizes 2 triode-cavity amplifiers driven from a solid
state 2295 mc signal source to obtain 20 watts output. This represents
probably the best configuration in terms of implementation with some
degree of impact survival assurance. Use of the triode output amplifiers
-209-
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with power gain eliminates the need for a high power transistor amplifier
such as used in the all-solid state transmitter. Although the triodes
are not as efficient and do not have the power gain of the TWT or ampli-
tron, they appear to be much more rugged and capable of impact
qualification.
TUBE CW POWER OUTPUT SHOCK QUAL.
TYPE _WATTS) @ 2.3Gc G's
GE 2835 5.0
RCA A-21509 5.0
GE 1372 2.5
GE Y-I124 2.5
Siemens 2C39BA 24.0
ML-8534 25.0
Eimac EM 4523* 20.0
Eimac EM 4524* 80.0
Resdel P-30H* i0.0
Trak 2975* i0.0
GE Z-5267 40.0
GE Z-5099A 19.0
3,000 g's Aeronutronic
3,000 g's Aeronutronic
26,000 g's Harry Diamond Lab.
26,000 g's Harry Diamond Lab.
No test data
No test data
No test data
No test data
No test data
No test data
No test data
400 g's General Electric
* Complete cavity amplifier packages i0 db gain.
d. All Solid-State Transmitter. Present limitations on solid state
transmitters are inherently those associated with transistor power
amplifiers. UHF power transistor capability is summarized in Table 5.5-I.
RCA reports 20 watts at 430 mc from a prototype transistor (TA2675) power
amplifier (i device), which in turn results in a 14.5 watt output at
2.2 k_nc from a X3 X2 varactor multiplier following a p_sh-pull 40 watt
amplifier. The availability of this device makes high power, solid-state
S-Band transmitters feasible. A pair of 2N3375's can supply 15 watts
output as an amplifier or I0 watts output as a frequency doubler at 383 mc.
Harry Diamond Labs is presently using the RCA 2N3375 for gun-launched
projectile telemetry at 26,000 g levels with good success. They use it
above this level but then they encapsulate the device internally. The
TA2675 utilizes the same overlay construction as the 2N3375 and is
expected to exhibit the same resistance to impact damage. Similar results
can reportedly be obtained from a pair of Clevite's new 3TE240 r-f power
transistors rated at 8 watts/device output at 400 mc. There will be no
problem in obtaining varactors to handle these output power levels to
15 watts, especially if balanced multiplier circuits with two varactors
per stage are used.
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TYPE
NO.
2N3137
2N2884
OO38
2N3553
2N3375
Selected
2N3375
TA265 8
RCA TA2 675
(Prototype)
TABLE 5.5-I
UHF POWER TRANSISTOR CAPABILITY
CIRCUIT
(1)
OUTPUT OUTPUT POWER
FREQUENCY POWER GAIN EFFICIENCY
GC WATTS db % 42)
A 0.25 0.50 7.0 NA
A 0.50 0.25 4.0 NA
A 0.25 1.75 5.4
B 0.25 2.00 ---
B 0.50 0.75 ---
D 0.50 0.75 ---
D i .0 0.35 ---
NA
40
33
35
15
A 1.0 i .0 7.0 50
B 0.50 2.0 --- 70
B 1.0 i .0 --- 50
A 0.25 2.5 7.5 NA
B 0.50 i .5 --- 30
A 0.25 3.0 6.0 50
A 0.50 i .8 5.5 40
B 0.50 2.5 --- 40
C 1.0 3.5 5.4 NA
A 0.4 8.0 6.0 40
A 1.0 i .0 4.5
A 1.0 1.4 3.0
A 1.5 0.5 3.0
A 0.43 20.0 6.0 40
I
I
I
I
I
I
I
1
1
li A = amplifier
B = oscillator
C = amplifier/multiplier
D = oscillator/multiplier
2. NA = data not available
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The 2N3375 and the TA2675 are the most suitable for the MFC power
amplifier application. A 20-watt design utilizing selected versions of
the shock proven 2N3375 is shown in Figure 90. Four devices are required
in a push-pull-parallel power amplifier configuration in each output
channel. Overall efficiency is low because of the hybrid power combiner
loss of 1.2 db and losses associated with paralleling transistors in the
383 mc power amplifier.
An alternate 14.5 watt solid-state design shown in Figure 91 is presented
which can be implemented by use of the TA2675 transistor. These units
are expected to be available in the third quarter of 1965. This config-
uration is discussed in detail because it is believed that this approach
represents the most direct and efficient solution to the MFC transmitter
requirement. This design presumes that a push-pull pair will develop
40 watts at 383 mc. In order to handle this power at 383 mc, balanced
varactor multipliers are used which allow operation of the varactors
within dissipation ratings. Past experience with balanced multipliers
has yielded conversion efficiencies of 65 - 70 percent when tripling from
144 mc - 432 mc at i00 watt input levels. Circuit symmetry provides
harmonic rejection for spurious suppression. Efficiency is high because
no additional lossy filters are required. This design, therefore,
utilizes balanced tripler and doubler multipliers both for high power
high efficiency frequency conversion, and for spurious rejection. Over-
all efficiency of the transmitter is expected to be 11.6 percent.
The crystal controlled oscillator and the buffer amplifier stages of
Figure 92 are operated in the common base configuration at the crystal
frequency of 47.8125 mc. Phase modulation is achieved in the collector
circuit of the buffer amplifier. The use of a balanced modulator allows
large deviation angles while maintaining excellent linearity. The very
high fT of the 2N2708 allows both high gain and efficiency to be realized.
_ _,,=h-_,,_h f_n,,_nev doublers are emoloved in the transmitter Past
experience with this circuit indicates that its performance far exceeds
that attainable with either single transistor or varactor doublers. Due
to the symmetrical nature of the circuit and the fact that parametric
mode frequency multiplication is not being employed, spurious or unwanted
outputs are virtually non-existent. Isolation between the input and out-
put circuits is high and neutralization is not required.
The push-pull power amplifier design of Figure 93 is based upon the RCA
TA2675 transistor described earlier. Reported amplifier performance for
this device states an output power of 20 watts CW at 430 MC. Standard
RCA practice is to specify a transistor at the point where a minimum of
6 db power gain and a minimum 40 percent collector efficiency is avail-
able. These values should not be constructed as being the maximum gain,
efficiency or output power available from the device.
-215-
Io _
_, :_ -- _
_ i ,
I
. F---n !
_ _ l II
i ° " ' ' i
o _ _ _ _ _ I I
_, _. _ L-41: - J
II II II _I: l l r_
i
' I ++ rtl
o d _ o o
_ " " " _ I I
,,-I 0
'-' _ _ l I u
I,-,,IT ¢ 't_
• _ ._ _ _ ;_ :_ _1 I
r-. _ _ I I
_ . _ _4 • ,n L I
,-4 _0 ,.-4 ¢'_ ,-4 _O
II II It II II II II
u -216- =
0 _ '0 .,'_ 0
_n
_. • o 0
I
_F _
N It tl
H
_.t r..r-I
[--t
!
I--4
r._
-217-
0
• r,,.
-]- ±
L_ r--
0 _D U
!
- _.__
_ •
_ -- "G
, _ --"'1 ..L,_
O
>
,,,-,4
>
+
I
0
0
I-I
rJ
0
H
-218-
+I-I
I.-t
I.-4
H
0
N
r-_
[---i
m
H
H
-219-
!
AERONUTRONIC D,WS,ON o_ PH,LCO CORPO_AT'ON ........ J_O_ord_)/or(_'O_/_(_n_, I
I
I
_he push-pull amplifier design is straightforward with neutralization
being readily accomplished through the use of capacitive cross-coupling.
Critical device matching is not required since they are, in effect,
isolated from each other during their respective conduction angles. Even
order harmonic rejection constitutes the second major advantage inherent
with this configuration. Thus the even order signals generated by the
previous doubler stages will not be propagated but will instead be
cancelled.
Varactor frequency multipliers must be employed in the final two stages
of the transmitter due to the power and frequency limitations of available
transistors. The same advantages inherent in balanced diode mixers and
transistor multipliers are recognized in balanced varactor frequency
multipliers. Figure 94 depicts the evolution of the balanced doubler.
A basic single ended doubler is shown in Figure 94a. Lw and Cw tune the
diode to the input frequency while the desired second harmonic output is
tuned by L2w and C2w. L w is calculated as a function of frequency and
the varactor characteristics. The value of L2w is always equal to one-
fourth the value of Lw.
Lw _ (2 _ f) (CD)(VBR)
and
Lw
L2_ =
The general case equation for N order is:
L
_D
LNw =7
It should be noted that the value obtained for L2m is exactly equal to
the inductance measured from the center-tap to either end of Lw. Figure94b
indicates how the second harmonic component may be obtained through use
of this technique. The diode is charged during only half of the input
waveshape and "discharged" during the following half cycle. This
alternate half cycle may be used to advantage by driving a second varactor.
The second diode may in fact replace the tuning capacitor Cw which results
in a balanced diode system. Since the desired output is taken from a
point common to both diodes, the center tap, the resulting circuit is
termed push-push. The completed push-push doubler is shown in Figure 94c .
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A simple extension of this technique yields a push-pull tripler
configuration. Twopossible circuit types are indicated in Figure 95.
The first type would find application where a single ended output was
required; while the second type supplies a balanced, push-pull output.
This second schemeis used to drive the symmetrical, cavity doubler
output stage.
The balanced cavity doubler functions in exactly the samefashion as its
lumped-constant equivalent described above. Figure 96 details the
complete multiplier chain.
In this case the cavity line, L4, is a foreshortened half wave length at
the input frequency, which serves as Lw, and a foreshortened full wave
length at the desired second harmonic output frequency. The push-pull
input is derived directly from the balanced tripler. Output tuning is
accomplished by C4, C5 and a portion of the cavity line.
The principal sources of information for the design carried out above
are listed in a bibliography at the end of this section.
5.5.5 CONCLUSIONS
Table 5.5-11 comparesthe characteristic of the four approaches examined.
The triode cavity amplifier with solid state driver configuration may be
the most practical of all configurations examined, especially if two
antennas could be utilized to eliminate the hybrid. It is intermediate
in efficiency and impact resistance. If a suitable 20 watt tube becomes
available, this approach becomeseven more attractive. Crossed field
amplifiers are not presently available at S-Band and do not seemto offer
any significant advantages at low power levels over TWT's. Drift tube
klystrons require elaborate frequency control circuits and maynot lend
themselves well to high phase stability or phase modulation. Transistors
are about to becomeavailable with power capabilities above 40 watts (per
pair) at 380MC. The all solid state approach should be examined further
is an output power in the range of 15 to 30 watts or less is required.
The following advantages are inherent in the all solid state design:
(i) Greatest probability of impact survival based
upon prior testing of similar multiplier chains.
(2) No pressurization of HVpower supplies to
minimize arcing.
(3) Minimumimpact qualification costs.
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TABLE 5.5-II
SUMMARY OF S-BAND TRANSMITTER CHARACTERISTICS
Power Output
Power Input
Efficiency, Percent
Weight, Pounds
Volume, in3
Degree of Impact Resistance
Density, ib/in 3
20 w
i00.2
24.9
6
120
Poor
0.05
H
20 w
52
36
180
Poor
0.05
H
0
m n|
20 w
113
17.7
9.25
185
Fair
0 .O5
¢o
¢,q
20 w
266
7.5
12.6
210
Good
0.06
|
oo
o
14.6 w
126
11.6
9
139
Good
0.065]
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Disadvantages of the solid state approach include:
(i) Low overall efficiency, estimated 7.5 to
11.6 percent.
(2) Highest carrier phase jitter due to additional
multiplier channel (X48).
4
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5.6 ANTENNA
5.6.1 REQUIREMENTS
The basic requirement of the antenna is that it radiate microwave energy,
of the appropriate polarization, towards the Earth and that the angular
energy density radiated in the direction of the Earth be sufficient to
satisfy the requirements of the telecommunications link. The electrical
and physical characteristics that the antenna must have in order to perform
the above function are listed below.
a. Physical Characteristics of Antenna. In the current conceptual
design, the antenna will be stowed in a folded configuration atop the
camera tube until the capsule comes to rest on the Martian surface. After
the camera tube is deployed, the antenna is erected so that it and the
tube are colinear. Therefore, the physical characteristics of the antenna
must ensure that it survives impact and that it remains accurately erected
under the environmental conditions listed below and that it has the desired
electrical and radiation characteristics. A detailed electrical and
mechanical design of the antenna would define the requisite physical
characteristics.
b. Antenna Environmental Factors
(i) Temperature. There are two modes of temperature environment to
which the antenna is subjected. The first is the sterilization process
which occurs _llile the antenna is stowed in its non-erected configuration
within the capsule. For flight qualification, the antenna must erect
properly and operate satisfactorily after three cycles of 36 hours each
at 145 degrees C.
After deployment on the Martian surface, the antenna must operate in a
maximum atmospheric temperature around zero degrees C. The amount of
direct heating by sunlight depends upon the physical structure and is
probably not important in view of the low atmospheric temperature. The
minimum night time atmospheric temperature is near -68 degrees C. The
antenna should function properly during exposure to the daytime temper-
atures and following exposure to the night time minimum temperature.
(2) _. The antenna must withstand 3000 g to 5000 g while in
its stowed configuration within the capsule. This level of shock should
not impair the erection or electrical function of the antenna.
(3) Wind Loading. In view of the location atop the camera tube,
the antenna should present a low cross-section to the Martian winds. In
addition, the structure must be sufficiently rigid that the antenna
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performance during exposure to wind is not degraded. The maximum wind
velocity is 60 meters per second (probably in late afternoon) and it is
less than 30 meters/second 80 percent of the time. The antenna should
also be unaffected by wind-carried sand and dust particles.
c. Radiation Characteristics. It is anticipated that the antenna
will be erected to point its main lobe along the local vertical after
deployment from the capsule. The polarization of the radiated energy
should be circular and of the same sense as the receiving antenna. The
antenna gain should be sufficient to satisfy requirements of the tele-
communications link, but not so high that a too narrow beamwidth unduly
restricts the time per day that the Mars-Earth vector lies within the
antenna beamwidth (transmission time). These considerations are discussed
further in the following section.
d. Electrical Characteristics
(i) Input Impedance. The input VSWR of the antenna should be
minimized in order to maximize transmission efficiency and power handling
capability.
(2) Power Handling Capability. The antenna should be capable of
transmitting 20 to 30 watts into the Martian atmosphere without voltage
breakdown. Careful design of the feed point will obviate voltage break-
down problems. Antenna breakdown in the Martian atmosphere is discussed
in Section 5.6.3.
5.6.2 ANTENNA GAIN-BEAMWIDTH OPTIMIZATION
This section evaluates various antenna beamwidths for a Mars capsule which
has a fixed vertically-oriented transmitting antenna. A conclusion is
reached on an optimum beamwidth range for the MFC. The analysis does not
censider the practical antenna factors such as wind-loading, efficiency,
polarization and mechanization.
It is assumed that the capsule contains an antenna which is erected to
the local vertical by gravity. This is a simple, reliable antenna
configuration which utilizes the capsule orientation system also required
by the facsimile camera. Data is transmitted over the antenna at a preset
time which is measured from some event such as landing impact, sunrise, or
noon. The amount of data transmission which occurs (for a fixed transmitter
output) depends on the antenna gain in the Earth direction and how long the
antenna is pointed towards the earth.
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a. Con_nunication Geometry. Figure 97 shows the communication
geometry involved from the landing site on Mars. For a given antenna
beamwidth "6"3 there is shown a corresponding latitude angle "6" centered
on the landing site. If the Earth normal vector is within this region,
communication from Mars to Earth is possible at some time during the day.
Figure 98 is a planar map of Mars, with a solar referenced longitude,
which illustrates the same geometry in a different fashion. The map
represents a landing condition for a 1971-type i trajectory. The geom-
etry changes very little for any period of several weeks.
The landing site can be thought of as a point on Figure 98which moves
across the map at a fixed latitude. Surrounding the landing site is a
circle which subtends a solid angle at the center of Mars equal to the
antenna beamwidth. Communication with Earth is possible whenever the
Earth vector is within this circle.
b. Antenna Gain Versus Beamwidth. The conceptual design of the
Mars Facsimile Capsule includes a 10-turn helix antenna, the selection
of which is described in Section 5.6.4. Also shown there is an expres-
sion for the directive gain as a function of the half-power beamwidth.
Gaindb = i0 log
where
K
(B.W.)
B.W. = Half-power beamwidth in degrees
K = Factor Dependent on sidelobe and backlobe
radiation (dissipation losses are accounted
for in transmission circuit)
As a helix is made longer, the beamwidth narrows and gain increases, and
this relationship is plotted in Figure 99. Using this result, the
communication capability in terms of bits/second for a fixed distance
and power output can be determined by using Figure I00. Therefore, curves
of data rate capability versus antenna beamwidth are also shown in
Figure 99 for two distances and a fixed transmitter power. These data
rate capabilities exist between the half power points of the antenna beams
which have the beamwidths shown on the abscissa.
c. Maximization of Data Transmission.
(i) Transmission Time Per Day. Transmission time per day is
dependent on how long the fixed antenna beam encompasses Earth. The
maximum possible transmission time per day is
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T = 24 X _ hours
360 °
where _ is that angular portion (beamwidth) of the antenna beam within
which the antenna gain is sufficient to maintain communication at a
prescribed data rate. In this discussion, _, is the half-power beamwidth.
The transmission time T may be reduced by any of the following pointing
loss errors
(I) Transmission timing error
(2) Landing trajectory error
(3) Vertical erection error
(4) Displacement of the landing site from the
latitude where the earth is vertical.
Timing errors are important only when they are a significant part of the
daily transmission time. They will be assumed to be negligible for
transmission times in the range of one to ten hours. Errors in the
longitude direction can be compensated for by transmitting for a longer
period of time (at the expense of battery energy). Errors in latitude
cannot be compensated for and therefore will be analyzed in more detail.
Latitude pointing error is composed of site displacement plus two
independent errors -- vertical erection and landing trajectory. Each of
these two errors is made up of many independent components. Therefore,
it seems reasonable to sum the antenna pointing error in the following
manner:
S
where
¢
s
_L
_E
2'+ 0 +_E
= latitude pointing error
= site displacement in latitude from the Earth vector
= landing error in latitude
= erection error of antenna from vertical
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The reduction of the transmission time by the latitude pointing error is
best explained by the following sketch:
s •
/ %
e ]_ "_{3/2
% P
= latitude pointing error
= antenna beamwidth
= effective beamwidth
or
The preceding equation naturally shows that when the latitude pointing
error is equal to one-half the antenna beamwidth, the effective beamwidth
becomes zero. Since, transmission time
T = 24 X ----E---_hours
360 °
this means the transmission time is also zero. Figure 99 shows the useful
transmission time per day versus antenna beamwidth for the three cases of
antenna pointing error equal to 0°, 7° , and 14° . A typical value for the
pointing error will be calculated
+J 2 2
= O s eL + ¢E
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with _ = 0 (by site choice)
S
3 _L = 6.8o (according to JPL)
3 _E = 5o (estimate)
= 0 +J(6.8) 2 + (5) 2 = 8.4 °
This result shows that a useful antenna should not have a beamwidth less
than 16.8 degrees.
A Mars Facsimile Capsule which utilizes a conventional chemical power
source will have a limited operational life measured in days rather than
months. The cold nature of the Mmrtian night means a considerable amount
of energy is required to survive each additional day. Therefore, it is
necessary to maximize the total amount of data which can be transmitted
to Earth each day. If the transmitter is limited in power output, then
it becomes necessary to optimize the antenna gain and beamwidth.
The expression below gives the amount of data which can be transmitted
each day under the stated conditions.
Data Amount = (Bit Rate) X (Transmission Time)
Conditions: PCM/PSK/PM
MARINER "C" FORMAT
RECVR. ANTENNA GAIN = +61 db
EFF. NOISE TEMP = 30°K
CARRIER NOISE B.W. = 12 CPS
TRANSMITTER OUTPUT = 20 WATTS
This function is plotted in Figure I01 with antenna beamwidth as the
variable. For a distance of i AU a_d a pointing error of 7° , the maximum
transmission capability is 2.6 X i0_ bits/day for a beamwidth of 19 ° .
However, the curves show this is not a reliable operating point because
a small increase in pointing error could eliminate all transmission. A
better operating point would be at a beamwidth of 40 ° to give a trans-
mission capability of 1.5 X 105 bits/day.
It is concluded from Figure i01 that for 1AU, the optimum antenna beam-
width falls within the range of 20 ° to 70 ° . This corresponds to an
antenna gain range of 19 to 7.5 db. Once a specific mission is estab-
lished and a maximum pointing error is stipulated, refinements may be
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made in the above analysis to include optimization of transmitter power
and antenna gain. Also, practical considerations of antenna deployment,
wind loading, efficiency, polarization and fabrication may impose further
restrictions on the antenna design, and these are discussed in Section 5.6.4.
5.6.3 ANTENNA VOLTAGE BREAKDOWN
The high frequency breakdown of antennas and other components in the
Earth atmosphere has been investigated in detail, and the mechanism of
breakdown is fairly well understood. Generally, the problem is not
amenable to analytical solution, and the most useful results to date are
empirical data and curves derived from systematic experiments. High
altitude simulators have been used extensively, both in research efforts
and in routine testing of operational hardware.
Despite the fact that the constituents of the Martian atmosphere are
largely conjectural, the same investigative techniques are being used in
order to establish the voltage breakdown characteristics (power-handling
capability) of antennas operating on and near _rs.
The stipulated Martian atmosphere is as follows:
Nitrogen 35 mb (87.5%)
Carbon Dioxide 3 mb (7.5%)
Argon 2 mb (5.0%)
40 + 20 mb
The total surface pressure of 40 mb corresponds to about 30 n_nHg.
Recent publications (Reference i) indicate that there is no ambient
ionization below about I00 kilometers and thus, surface conditions on
Mars can be simulated adequately by using a vacuum chamber.
Investigators at Raytheon (Reference 2) and General Electric (Reference 3)
have performed breakdown tests in which the Mars atmosphere was partially
simulated. In the former, a i mc bandwidth antenna with 140 degree beam-
width (type unknown) was found to have a maximum power capability of
50 watts. In the GE tests, pure argon was used at pressures between 0.i
and 4.0 millibars and the antenna was a quarter-wave monopole designed
for 240 megacycles. The conclusions were that the breakdown power levels
in argon are about 50% lower than in air for the same antenna. The
minimum breakdown power level was a pressure of approximately 0.4 milli-
bard in both air and argon. The report stated that the use of pure argon
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represented a worst case, since the addition of other elements would raise
the breakdown level by increasing the electron loss by attachment. This
should be especially true if water vapor is present, since published
results (Reference 4) indicate that the breakdown power goes up as
humidity increases.
An experimental study (Reference 5) was also performed which included
antenna breakdown measurements in the presence of a gas mixture which was
essentially the same as the stipulated Martian atmosphere listed above.
The results showed that the breakdown power levels in the simulated
atmospheres were essentially the same as in Earth's atmosphere air. After
this conclusion was established, subsequent tests were performed in air
for various antennas including monopoles, crossed dipoles and helices.
The minimum power to cause breakdown of a 6-turn axial mode helix at
3000 mc/s was found to be about 125 watts at a pressure of 3 n_n Hg. At
15 mm Hg (about half the Martian surface pressure) the peak pulse power
required for breakdown increased to more than 6000 watts. Since the
transmitter power for the Mars Facsimile Capsule telecommunications link
is probably in the range of 20 to 30 watts, the helix antenna (described
in the following section) proposed for operation at the Martian surface
pressure of 40 ! 20 millibars should not encounter voltage breakdown.
5.6.4 ANTENNA DESIGN
The previous discussion has established the performance specifications
for the Mars Facsimile Capsule antenna. The size of the radiating
structure is limited by the space available in the capsule prior to
deployment and wind load factors during transmission. The optimum beam-
width range for maximum data transmission per day was deduced for a fixed
transmitter power and specified distances and pointing errors.
a. Selection of Antenna Type. The optimum beamwidth is shown to
be in the range of 20 to 70 degrees, corresponding to antenna gains of
19 to 7.5 db. The telecommunications analysis of Section 5.4 is based
on a nominal antenna gain of 12 db, with a 3 db pointing loss at the
half-power points.
The "frequency-independent" class of antennas, typified by the conical
log-periodic spiral, is not considered here because the beamwidths are
generally broader than 70 degrees. The same is true for the turnstile
and conical helix antennas. It is further concluded that an antenna type
should be chosen which could be easily adapted to future changes in gain
requirements by simply varying the size of the radiating structure.
Array type antennas are not considered because of the difficulties
associated with erecting and feeding such devices. The helix and the
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parabolic reflector are two of the more suitable configurations remaining
for discussion. The helix antenna is inherently adaptable to applications
requiring erectable devices because it closely resembles a coil spring.
Either mechanical erection or inflation may be used to deploy the helix;
in fact, inflatable helices have been commercially available for some time.
The parabolic reflector and feed combination form a more complex elec-
trical and mechanical structure. The reflector surface and the feed
location must be established precisely for efficient antenna operation.
A comparison of the helix lengths and parabolic reflector diameters
required for various values of gain are shown in Figure 102. The para-
bolOid has a significant size advantage for gains above 13 db. However,
the wind load factor is much more severe for the reflector than the helix.
Assuming a helix enclosed in a circular cylindrical sock, the maxlmum wind
force (Reference 6) for a 12 db gain helix is i.I pounds including a gust
factor of 1.5. The maximum wind force for a 12 db gain paraboloid,
exclusive of feed structure, is 4.1 pounds. These calculations were made
using a maximum dynamic pressure of 3._6 psf, which was calculated for
the maximum Martian surface pressure of 60 millibars and wind velocity of
60 meters/sec. The helical antenna is chosen, therefore, because of its
ease and reliability of erection, mechanical and electrical simplicity,
and low stowed volume and wind loading.
A plot of the gain versus beamwidth for the helix antenna is shown in
Figure 103. The gain in db is defined as
K
G = I0 log
(B.W.) 2
where
B.W. ,, half power beamwidth in degrees.
K is a factor dependent largely upon the level of the sidelobe and back-
lobe radiation intensity relative to the level in the main beam. In much
of the early literature, K has been taken as the number of square degrees
in a sphere or approximately 41,250, thus assuming that all the energy
radiated by the antenna is distributed evenly throughout the prescribed
beamwidth. In practice, K is determined by accurately measuring antenna
gain and beamwldth.
An excellent discussion (Reference 7) of more accurate values of K
indicates that this factor is not a constant but depends upon the details
of the antenna design. As an example, a parabolic reflector which is
only two wavelengths in diameter has higher sidelobes than predicted and
a K - 27,900. By doubling the size of the reflector, the level of the
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sidelobes and their angular displacement from the main beam are reduced,
and K = 34,000, and increase of 0.86 db. Similarly for the helix antenna
(Reference 8), the side and backlobe radiation is reduced as the helix
is made longer, and the angular displacement of the sidelobes from the
peak of the main beam is reduced. When a radiation pattern is essen-
tially a figure of revolution, as assumed here, sidelobes of the same
angular width and relative intensity will degrade antenna gain to a
lesser extent as their angular displacement from the main beam peak
decreases. As a helix is lengthened, its main beam becomes narrower,
the angular width and angular displacement of its sldelobes decreases,
and the level of back radiation decreases. These latter three factors
all contribute to an increasing K as the main beamwldth decreases. The
measured radiation patterns (Figures 6 through 20 of Reference 8) demon-
strate the above pattern characteristics. The helic gain-versus-beamwidth
curve of Figure was plotted by using Stegen's value of K = 30,000 for
the narrowest beamwidth considered and gradually decreasing this to 25,000
for the broadest beamwidth helix.
The relations between gain and size for a paraboloid and a helix are shown
in Figure 102. The helix data was plotted by taking the measured by
taking the measured beamwidths-versus-number of turns from Figure 21 of
Reference 8. The helical lengths are somewhat pessimistic, since the
circumference of the experimental helices was 0.92 wavelengths. If the
circumference of the helix is increased to i.i wavelengths, a significant
beam narrowing occurs, although the length of the helix is held constant.
For helices no longer than 3 wavelengths, this narrower beamwidth means
increased gain. The paraboloid gain-versus-diameter curve is based on a
55 percent aperture efficiency. This is probably the best that can be
obtained with an unfurlable device.
b. Preliminary Antenna Design. The eventual choice of an erection
technique for the helical antenna would evolve from consideration of
sterilization and operational temperatures, impact survival, wind loads,
degradation from wind-carried particles, power handling capability,
weight, stowed volume, and other factors. Since such a decision is not
within the scope of the present study, mechanical erection is arbitrarily
chosen for the purposes of presenting a conceptual design.
The sketch in Figure 104 indicates the dimensions of the antenna envelope,
which is a circular cylinder. The following table summarizes the elec-
trical and mechanical characteristics of the 12 db gain helix. For
higher gains, the only numbers that change are number of turns and length.
These, however, increase rapidly with increasing gain, as shown in
Figure i0_.
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Gain
Half Power Beamwidth
Number of turns
Length (excluding ground plane)
Ground Plane Diameter
Helix Pitch Angle
Helix Diameter
12 db
42 degrees
i0
11.5 inches
4.2 inches
13 degrees
1.7 inches
Any of several types of mechanical telescopes, metal or dielectric, may
be used in the center of the helix. The telescope projects a flat, cir-
cular dielectric disk the proper distance along the axis of the antenna,
thus deploying the helical winding which is terminated at the disk. The
winding itself should have high electrical conductivity and should deploy
so that the pitch angle is constant along the helix. The ground plane of
the antenna is also erected, and may take the form of radial and concen-
tric wires or closely spaced spiraling wires.
5.6.5 ALTERNATE ANTENNA IDEAS
Besides the vertically-oriented helix, there were other antenna ideas
briefly considered during the study but discarded because they are too
complicated for a reliable hard-landing capsule. However, they are worth
describing because they may have application on more advanced landing
capsules. The Mars Facsimile Capsule has rather severe antenna restraints
with respect to wind stability, egress from the payload, and power avail-
able for tracking or aiming. Also, the high impact shock makes it
undesirable to depend on complicated mechanisms.
Three alternate antenna orientation methods, judged not applicable to the
MFC, are described below:
a. Fan Beam Antenna - Sun-Oriented. There are several ways to
construct a fan-beam antenna which has a radiation pattern much wider in
one vertical plane than in the orthogonal vertical plane (reference 9).
Two such antennas are illustrated in Figure 105 . The objective in using
such an antenna on the surface of Mars would be to orient it in such a
fixed position that the Earth stays within the beam during much of the
time that line-of-sight visibility exists between the landing site and
Earth. In other words, the major antenna plane would be made nearly
coincident with the ecliptic plane. This method would allow increased
communication time with a fixed antenna and would be useful at landing
sites away from the equator.
It is assumed that such an antenna would be pointed from a vertically
oriented payload. The first pointing step would be to aim the center of
the antenna towards the Sun at noon. The final step would be to wait for
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FIGURE 105. ANTENNAS WITH FAN BEAM PATTERNS
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about four hours and then rotate the antenna about its center axis until
the Sun appeared in its major plane. The antenna plane would then match
the apparent plane of the Sun's motion across the Mars sky. Assuming the
angle between the Earth and Sun were small, communication with Earth would
then be possible for a considerable period each day.
b. Fan Beam Antenna - Earth-Oriented. The same method described
above could be extended to actually make the antenna plane coincide with
the apparent plane of the Earth's motion across the sky. This could be
achieved by first aiming the antenna as previously described. Then, the
antenna could be displaced, at a right angle to its major plane and along
the polar axis, the number of degrees by which the Sun and Earth differ
in latitude from Mars. This amount changes slowly with time as shown in
Section 5.1.2.
c. Helix Antenna - Sun Tracking. The type of helical antenna
which is mainly considered in this report could be made more useful if
it were provided with a simple tracking mechanism. Tracking of Earth
during the Martian day will probably not be possible by optical means
because of the sky brightness effect on Mars. Inertial and radio-
frequency tracking appear quite complicated. However, it should be fairly
easy to track the Sun by optical means unless clouds i_terfere. Even a
coarse tracking mechanism could double the communication time of a
50 degree beamwidth helix antenna. Of course, this method is most use-
ful when the angle from Mars between the Sun and Earth is small. This
Sun tracking method would remove the restrictions on landing site loca-
tions imposed by the use of the simple vertically-oriented antenna.
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5.7 CAPSULE ELECTRONICS
5.7.1 DATA HANDLING
Data handling for the Mars Facsimile Capsule consists of converting the
photo detector output to a digital signal and storing it for playback
until conditions for Mars to Earth transmission are optimum. In summary,
it is anticipated that the data handling system for the capsule will con-
sist of very compact micro-circuitry for the analog to digital converter
and logic circuits. The space and weight for a suitable A/D converter
need not exceed 5 cubic inches and 5 ounces. The particular data stor-
age method remains to be selected, however, its selection will be based
upon a trade-off between minimum weight and maximum reliability. Tape
recorders can be developed which store 106 bits, weigh approximately 8
pounds and occupy 60 cubic inches. Because of their electromechanical
complexities extensive testing may be required before sufficient relia-
bility can be achieved to survive the stringent environment of the capsule.
Conversely, magnetic core storage for 106 bits would occupy 200 cubic
inches and weigh 25 pounds. Such units have already been built and per-
form with good reliability. The large units have not been tested at high
impacts but small units display outstanding resistance to shock.
a. Analog to.Di$ital Converters. The analog to digital converter
for the Mars Facsimile Capsule has very modest requirements relative to
the current state of the art. The required sample rate is not expected
to be more than a few thousand samples per second with a resolution of
four bits. A suitable A/D converter with a conversion speed of I0 to 20
s per bit utilizing integrated circuits could be packaged within the
constraints of 5 in. 3 and 5 oz. This estimate is based upon two reported
units:
(l) "Integrated Electronic Analog-to-Digical Converter"
Proc. IEEE, Dec. 1964, p. 1712.
Ii bit (with W.W. precision resistors) resolution.
2/_sec/bit conversion rate
8 in. 3 volume
0.75 watt power during conversion
(2) Fairchild Technical Data Sheet for Model F-615
(combination integrated circuits and printed circuit boards)
i0 bits 75.9 in. 3 5/_sec/bit 4 watts
Verbal from Fairchild representative:
Reliapacket (high density) version
12 in.3 for i0 bits.
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b. Tape Recorders. Tape recorders are functionally well suited to
the data storage and playback requirements of the MFC. Continuous sequen-
tial recording and playback, which are the requirements of the facsimile
signal, can be obtained from a tape recorder by employing its simplest
mode of operation.
Continuous loop recorders which would permit recording and playback with-
out rewinding represent a most attractive means of tape handling. An
additional advantage is that only one drive assembly is required in this
mode of operation although two different speeds will be required. This
method, however, poses problems of supporting and moving a sufficient
quantity of tape without making the recorder too large and heavy. The
more conventional two-reel recorder may also prove to be applicable. The
tape storage for two reels is more compact and rugged even though two
reels are used. An additional drive must be implemented to rewind but
this can be provided by a clutch and gear assembly. Both systems must be
equipped with fast record and slow playback drive because of capsule oper-
ational requirements to record a picture as rapidly as possible and trans-
mit at a data rate compatible with the transmitter.
A main consideration to imolementatlnn....... of = tape ......_._ a_ is +_^_,,=require-
ment to survive the 3,000 g landing impact. The most common application
for high impact recorders requires only tape survival, and not post-
impact operation as does the MFC application. However, tests of actual
recorders have demonstrated operating survival of 3000 g for 3 milli-
seconds. Considerable experience has been accumulated by several record-
er manufacturers in providing recorders for ordnance and impact survival
tests. Very compact recorders have been built which survive the shocks
as severe as the proposed facsimile capsule, however, much of the data
exists in classified reports. The consensus of manufacturers is that
recorders to meet the MFC impact requirements are within the state of the
art. A tabulation of these recorders is given in Table 5.7-1.
A current difficulty which plagues the application of recorders to extra-
terre_tial space missions is the absence of a magnetic tape which can
survive heat sterilization. The problem stems from the difficulty in
finding a heat resistant adhesive to bind the oxide material to the tape.
The tape itself is sufficiently heat resistant but the binder softens and
sticks to adjacent tape in the reel or to the supports during high temper-
atures of sterilization. With the recent advent of mandatory heat steril-
ization, it is anticipated that heat resistant adhesives will be developed
in the not too distant future. Of course, this problem can be eliminated
by paying the weight penalty which is associated with a metal recording
tape.
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c. Magnetic Core Storage. Large magnetic core memories and small
ruggedized core memories have both been extensively developed. However,
large impact ruggedized memories have not been developed largely because
of expense and limited need. Memories in excess of one thousand bits for
sequential writing and reading have successfully undergone impact testing
at Aeronutronic (Reference I). This memory, however, did not utilize
micro-circuits and consequently is not as small as presently available
memory systems. A typical larger memory employing micro-circuits has been
developed by Autonetics, Division of North American Aviation. It is cap-
able of enduring launch environments and is 200 cubic inches in volume,
weighs 25 Ibs., and stores approximately 106 bits. The memory is the co-
incident current type assembled from memory elements .025 inches in diam-
eter. The power required for operation is approximately 40 watts. It
utilizes semiconductor micro-circuits and multilayer printed cirduit
boards and is compact and readily adaptable to a more ruggedized design.
A substantial effort is currently being made to determine and improve the
reliability of this memory. The products of this and other similar efforts
can be instrumental in producing a reliable ruggedized memory suitable for
the Mars Facsimile Capsule. Table 5.7-11 lists parameters of the North
American memory system, a representative memory plane, and estimates for
_C memories prepared by Electronic Memories, Inc.
Multi-aperature memories developed by Aeronutronic and other manufacturers
are potentially suitable to this application but since their main attri-
butes _e high speed and non-destructive readout, neither of which is im-
portant to the facsimile capsule, it isnot likely that their choice would
provide any outstanding advantages. Magnetic film memories which may
ultimately provide a high density memory system currently are limited to
small high speed data storage.
5.7.2 TIMING AND SEQUENCING
Following impa _ of the HRF Capsule with the Martian surface, a number of
sequentially times events will occur. Depending upon ultimate system
design and requirements, these events may include:
(I) Removal of the balsa impact limiter
(2) Venting of the flotation fluid
(3) Porting of the flotation shell
(4) Extension of the camera top tube
(5) Dep$oyment of the antenna
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(6) Initiation of the camera and data storage
(7) Initiation of the data transmitter
Previous hard-landing capsules have utilized a G switch activated during
retro-acceleration to initiate required timing sequences. This switch
could be supplemented by a separate timer initiated by a bus separation
signal and with a time interval exceeding the 3 sigma landing and erection
times. The initial events such as porting and deployment are relatively
uncritical in regards to timing accuracy. The time periods associated with
these events may extend from I0 minutes to 30 minutes. Time intervals in
this range can be easily controlled by the simple RC charging type timer
circuits successfully used on past Ranger capsule projects.
In lieu of an Earth-Mars command system, a sequencer may be required to
control camera operation and data transmission for 2 to 4 hour periods
over a 2 to 4 day span. The camera operating period will be chosen to
optimize lighting conditions and the data transmission period will be
chosen to match the period when the vertically-oriented antenna is aimed
towards Earth. These operating periods can be timed from either the
initial landing events or ..... a tlme corresponding to a measured location
of the Sun (such as sunrise or noon).
5.7.3 IMPACT RESISTANT DESIGN
For the Mars Facsimile Capsule mission, it is required that the electron-
ics withstand impacts to 3,000 g's 500 fps and subsequently operate reliab-
ly. While this would have seemed a formidable task a few years ago,
sufficient experience and information exists from several sources to put
the electronics design within the present state-of-the-art.
Aeronutronic has qualified many individual components and subsystems,
bonding methods, etc., for several Ranger payloads. (Reference 2). Ex-
tensive shock testing of components, subsystems, and capsules was per-
formed resulting in developed equipment with high reliability at the
design level of 3,000 g, 3 msec. Many of the system tests were limited
to the design level as this represented a limit for the testing equip-
ment; however, many electrical components and small subassemblies were
tested to 12,000 g, 0.4 msec. duration, using instrumented, manually-
operated hammers. In a more recent program at Aeronutronic with the
development of an instrumented rocket launched device, several additional
components were tested. These were subminiature VCO's and summing ampli-
fiers. These devices utilize thin film interconnections and resistors,
and pico transistors and diodes. There were no failures after repeated
shocking of epoxy encapsulated units. Earlier non-encapsulated units
suffered several failures due to lead breakage, primarily due to movement
of the larger components (capacitors).
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A shock resistant two-watt L-band solid state transmitter was developed
and tested at JPL.(Reverence 3). These units have survived repeated shocks
at 3,000 g, 200 fps. Impacts of i0,000 g, 200 fps, have been carried out
with damage only to a ceramic trimmer capacitor and the RF quartz crystal.
The capacitor has already been redesigned and a more rugged RF crystal is
under development. JPL has tested the transmitter components and other
varied components at shock levels of i0,000 to 20,000 g's, 200 fps.
Various military agencies such as the Army's Harry Diamond Laboratories
(HDL) have successfully developed telemetry systems which survive launch
from closed-breech guns. The acceleration experienced is of long duration
and reaches 250,000 g in the case of projectires instrumented by HDL and
fired from a 16-inch gun for upper atmosphere research. In general, they
use internal device encapsulation at levels above 25,000 g's. Both G.E.
and Fairchild manufacture an "entertainment" line of completely encapsul,
ated transistors with good performance characteristics. The gain-bandwidth
product of some of the Fairchild units is in excess of 800 mc and the G.E.
devices have been used at 250,000 g's by HDL with good results.
To summarize, it may be said that most types of components and subsystems
required for the MFC have been qualified for 3,000 g, 3 msec. duration,
shocks or higher. These include a great variety of semiconductors, UHF
triodes, passive components, incandescent lamps, trimmer capacitors,
potentiometers, connectors, a core storage memory, a sealed silver-zinc
battery, hysteresis-synchronous motor, fork frequency standard, RF quartz
crystal, etc. Having the required catalog of shock proof components, it
is possible to build reliable electronic systems by mounting the components
rigidly within a stiff structure to prevent force amplification.
There should be no serious problem in obtaining reliable electrical and
electronic subsystems for the MFC. A careful development program will be
required including component qualification, careful structural design and
packaging, followed by subsystem qualification to establish the desired
confidence level of shock survival.
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5.8 POWER SOURCES
Space vehicle electrical power subsystems currently use three energy sources;
nuclear energy, solar energy and chemical energy. Associated with these
energy sources are converters which transform the available energy into
electrical power at rates which are compatible with their respective loads.
Photovoltaic solar cells, fuel cells, electrochemical batteries, thermionic
and thermoelectric converters are typical devices that are utilized. In the
following paragraphs these energy sources and their conversion devices will
be examined for their suitability as a power subsystem for the MFC.
5.8.1 MFC REQUIREMENTS
The nominal MFC power requirements are stated below in order to confine the
range of evaluation parameters for potential power sources. Since MFC
capsule weight and space are at a premium, these are the determining factors
for selecting a given power source providing all other requirements can be
met. The capsule energy source must endure and function in accordance with
the conditions and requirements which are outlined as follows:
a. Sterility. The energy source must be fabricated and furnished to
MFC capsule assembly operation in sterile condition as established by
standards for interplanetary missions.
b. Assembly Heat Sterilization. Must be capable of surviving type
acceptance heat sterilization consisting of three cycles of 145°C dry heat
for 36 hours and flight acceptance sterilization of three cycles of 135°C
dry heat for 24 hours.
c. Preflight Readiness. Must be in an active state before launch.
d. Launch Environment. Must survive typical launch transients of
shock, vibration and decompression.
e. Space Transit. Must survive 6 to 9 months of space environment
during transit to Mars.
f. Shock. Must survive a landing shock on Mars of approximately 3000
earth g's of deceleration for 3 milliseconds in an unspecified direction.
g. Operate in the Martian Environment. Mean temperature -40°C, sparse
atmosphere 20 to 60 millibars, reduced gravity, etc.
h. Power. Provide approximately 250 watts of electrical power for a
minimum of two hours plus several watts of power during standby and camera
operation after the Martian landing.
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i. Confinement. After capsule assembly the energy source must operate
unattended and by remote control because it will be sealed into the capsule
envelope. This envelope will also severely limit the amount of heat that can
be dissipated from the capsule.
5.8.2 CHEMICAL BATTERIES
Chemical batteries play a substantial role in the supplying of electrical
energy to space vehicles.
Even where chemical cells are not the source of power, they are still used
extensively for accommodating transient load peaks which exceed the capability
of the primary energy source.
Features which make batteries attractive to space applications are rugged-
ness, compactness, efficiency, availability and reliability. Table 5.8-1
lists presently available battery types and their salient features. This
is a general list of batteries currently in production and is not limited
to batteries used in the missile and space field.
The two general classes of batteries are primary and secondary• The primary
battery is supplied in the charged state, is discharged in use and is disposed
of because it cannot be recharged. The secondary is normally supplied
uncharged, is charged before use and is recharged as required during its
useful life.
Space vehicles preflight evaluation procedures normally impose requirements
which can only be met by rechargeable batteries; therefore, primary batteries
have had very limited application.
Tables 5.8-11 and 5.8-111 list the most common cell reaction currently in
use. The three electrode material combinations generally used for space
batteries are nickel-cadmium, silver-cadmium and silver-zinc .... are
• _y
inherently rugged, lightweight, sealable, rechargeable and can supply high
peak loads.
A battery is normally made up of several electrochemical cells each of which
is composed of a cathode, an anode and an electrolyte in a separator which
isolates the electrodes from each other. This arrangement supports an
electrochemical reaction which can be made to take place so that the electrical
part of the reaction proceeds by way of a circuit external to the cell, while
the chemical part of the reaction occurs by way of ionic conduction through
the cell electrolyte.
The type of chemical reaction that can be used in an electrochemical cell
is known as an oxidation-reduction reaction, a reaction in which one chemical
species gives electrons to another. By separating the two species, one of
which is the anode and the other the cathode, and controlling the flow of
ions between them, battery engineers make devices in which essentially all
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TABLE 5.8- II
HALF-CELL REACTIONS, POTENTIALS, AND CAPACITY DATA FOR VARIOUS ANODE MATERIALS
Anode Material Half-Cell Reaction
Half-Cell Potential
(volts)
Theoretical Ampere-Minute
Capacity
E°Aeld E°Base per gram per cm s
Sodium
Magnesium
Magnesium
Aluminum
Zinc
Zinc
Indium
Cadmium
Iron
Lead
Lead
Hydrogen
Hydrogen
2.71
2.37
1.67
O.76
0.13
0.37
0.00
2.67
1.245
1.0
0.81
0.88
Na = Na ++e- 69.9
Mg+2OH- = Mg(OH)2+2e- 132.2
Mg --- Mg+++2e - 132.2
AI = AI+++ +3e - 178.9
Zn +2OH- = Zn(OH)2 +2e- 49.2
Zn = Zn ++ +2e- 49.2
In +3OH--- In(OH) z+3e- 42.0
Cd +2OH- = Cd(OH)_ +2e- 28.8
Fe+2OH- = Fe(OH)_+2e- 57.6
Pb = Pb+++2e - 15.6
Pb +SO,- = PbSO, + 2e- 15.6
H, =2H++2e - 1596
HI+2OH- = 2H_O +2e- 0.828 1596
TABLE 5.8-III
HALF-CELL REACTIONS, POTENTIALS, AND CAPACITY DATA FOR VARIOUS CATHODE MATERIALS
67.8
230
230
483
351
351
307
248
455
176
176
112
112
Anode Materials Half-CeU Reaction
Half-Cell Potential
(volts)
E°Aeid E°B_
Theoretical
Ampere-Minute
Capacity
Per Per
Gram cm *
Manganese Dioxide
Manganese Dioxide
Mercuric Oxide
Lead Dioxide
Lead Dioxide
Nickel Dioxide
Silver (11) Oxide
Silver (I) Oxide
Silver Chloride
Cupric Oxide
Cuprous Oxide
Cuprous Chloride
Bismuth Oxide
Oxygen
Chlorine
MnOl+4H++2e - = Mn+++ 2HIO
MnO2+H_O+e- = ½Mn2OvH20+OH-
HgO+H20+2e-= Hg+2OH-
PbO2+SO_-+4H++2e - = PbS04+2H20
PbOz+H_O+2e- = PbO+2OH-
NiO2+2H20 +2e- = Ni(OH)2+2OH-
2AgO+H20 +2e- = Ag20 +20K
Ag20+H,O+2e-= 2Ag+20H-
AgCl+e-= Ag+CI-
2CuO+HiO+2e-= Cu20+20H-
Cu20+H20+2e- = 2Cu+2OH-
CuCl+e-= Cu+CI-
BiaO_+3H20+6e- = 2Bi+6OH-
O2+2H20+4e- = 4OH-
Cl,+2e-= 2C1-
+1.23
+1.685
+0.222
+0.137
+1.360
+0.17
+0.098
+0.247
+0.49
+0.570
+0.345
-0.159
-0.357
-0.457
+0.40
37.4 188.1
18.5 93.1
14.8 165
13.4 125
13.4 125
32 ,-dlO
13.9 99.2
11.2 62.5
40.4* 261"
20.2 121
16.7 58.9
20.7 184
201 229
45.3 68.0
* Calculated on the basis of 2-electron change per mole of oxide.
t Potentials reported are operating potentials, i.e., under load conditions.
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of these electrons can be made to flow through an external circuit, thereby
converting most of the chemical energy to electrical energy during the
discharge of the cell.
The cathode electrode consists of a mass of electron receptive chemicals
held in intimate contact with a metallic plate through which electrons
arrive f=om the external circuit during the discharge reaction. This terminal
receives electrons and by the conventional definition of current flow is a
source of current and is identified as the positive pole (+) of the battery.
A typical reaction which in this case takes place at the cathode of a
silver-zinc cell is shown in Figure 106 . The chemical reaction is as
follows:
2 Ag O+ H20+ 2 e --)- 2 Ag + 20 H (l)
The stable state of this reaction is indicated by the right hand expression
which is also the discharged state. The external circuit supplies the two
electrons (2e') which are required to support the reaction. The theoretical
half cell voltage from Table 5.8-11 for this reaction is + 0.570 volts.
The anode consists of another chemical which readily gives up electrons and
is similarly held into close contact with a metallic member through which
the electrons can be conducted into the external circuit. Chemically anode
materials are characterized by the ease with which they give up electrons
and go into solution, thus forming positive ions. This anode is the terminal
of the cell marked negative (-) to be consistent with conventional current
flow.
The equation of the companion reaction of the silver-zinc cell that occurs
at the anode is:
g + 20 H-_ g + 2 e" (2)
n n (OH)2
Again the right hand expression is the stable or discharged state and is
characterized by an excess of electrons (+ 2 e') in the right hand expression.
The theoretical half cell voltage shown in Table 5.8-111 for this reaction
is 1.245 volts. The sum of the half cell voltages at the electrodes yields
a combined open circuit cell voltage of 1.82 volts.
The third component of the battery is the electrolyte. The electrolyte
does not change as a result of the basic reaction but merely provides the
medium through which the transfer of ions can take place. Combining equa-
tions (i) and (2) yields the over-all discharge (in the direction of arrow)
reaction which occur in a complete cell:
Ag 20 + En + H20-)'2 Ag + g n (OH)2 (3)
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Equation (3) shows that there is no over-all effect on the electrolyte taking
place during discharge. The hydroxyl ions and the electrons balance out
between the two equations thus producing no net effect in the electrolyte.
Actually, two reactions occur at the cathode of the silver-zinc cell. The
foregoing is the divalent reduction of silver and is the more energetic. It
is cormnonly referred to as the peroxide reaction. The second reaction, which
is the monovalent reduction of silver, also occurs. Its equation is also
shown in Table 5.8-111. During the charge cycle the transistion between the
monovalent and the divalent potential is quite distinct. Its occurrence
depends upon the charge rate and the construction of the cathode plate itself.
A typical charging curve is shown in Figure 107 .
The previous discussion although highly simplified is representative of the
reactions occurring in most alkaline batteries.
a. Battery Construction and Sealing. Batteries can be made capable of
surviving shocks due to impacts. Batteries are normally constructed on a
cellular basis, that is, a single anode, cathode and separator set are
assembled in an insulated container. These separate cells are then assembled
into a battery to provide some specific voltage multiple of the individual
cell. The individual cell must be designed large enough to produce the
required current since it is not practical to connect cells in parallel.
Minute differences in cell potential cause excessive circulating currents
and differences in internal resistance cause current to divide unequally.
Cells operate very well in series as long as they are reasonably similar.
The most common type of cell construction is the pocket type where the active
materials in porous state are cemented or bonded to metal plates formed with
pockets or holes. This method is used more for commercial batteries because
it is relatively inexpensive compared to other methods.
A more recent technique of manufacturing battery plates uses the sintering
technique. A typical sintered plate uses powdered carbonyl nickel formed
around a nickel screen or perforated plate. This formed plate is heated
in the presence of cracked ammonia thus producing a porous rigid nickel
plaque with a large surface area. The sintering process can be applied to
other metallic electrode materials. The sintering process is followed by
further processes which deposit or form hydroxides on the surfaces of the
plates to give the proper quantity of active material. Rectangular or
circular electrode plates are then assembled by pressing them together with
the separator materials into thin rectangular of circular blocks. These
assemblies are relatively dense and because of the presence of reinforcing
metal plates or screens can stand very high impacts when properly supported.
A more specialized type of construction which has been employed less frequently
in the fabrication of wet cells, but is commonly used in dry cells, is the
"duplex" structure or pile construction (Reference 3). Here a porous zinc
disc is attached to one face of a silver foil disc which has a silver-silver
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oxide disc attached to its opposite face. These assemblies are alternately
stacked as shown in Figure 108 with a separator disc to form a series-
connected battery pile. By making the electrode and separator discs larger
in diameter than the active materials and subsequently embedding the entire
battery assembly in a plastic jacket a very rugged assembly is produced.
This provides a very compact arrangement of electrodes and results in high
energy density. Not much data appears in the literature regarding the shock
resistance probably because it has not presented a problem. Typically,
250 mah circular nickel-cadmium button cells have been accelerated at
50,000 g's and higher and continued to operate. This form of construction
has been successfully used in the fabrication of a battery for the lunar hard
landing capsule. This particular capsule was tested and survived impacts at
3000 g's for durations of 3 ms (Reference 3).
A frequent requirement for space batteries is that they be sealed against
gas or liquid leakage. The purpose of sealing the cells is twofold. First,
it prevents evaporation of the electrolyte in space vacuum and second, it
permits cells to be operated under continuous overcharge condition, where
oxygen is evolved at a steady state pressure. It is not difficult to prevent
evaporation of the electrolyte, since seals for this purpose need resist only
modest pressures. To prevent leakage of oxygen during overcharge, however,
is extremely important and considerably more difficult.
Evolution of gas from the electrode occurs because the normal battery reaction
is replaced by the water disassociation reaction as the electrodes approach
full charge. Recombination of the evolved hydrogen and oxidation is difficult
to accomplish and maintain (Reference ii), and has not been accomplished on
a practical basis. However, an alternate technique is utilized that takes
advantage of the fact that oxygen will enter into a reversible reaction with
the metallic cadmium or zinc anode material. To make use of this phenomenon,
the cathode, where the oxygen is formed during overcharge, is deliberately
formed with less active material than the anode so that oxygen evolution
occurs long before hydrogen evolution. This oxygen then diffuses through
the electrolyte and separator and reacts with the anode. Because this re-
combination of oxygen depends upon diffusion of the oxygen through the
separator the cell pressure contributes to the reaction and an equilibrium
between overcharge rate and cell pressure is reached.
The recombination rates achieved in nickel-cadmium cells are considerably
higher than those attainable in standard silver-cadmium and silver-zinc cells
(Reference 9). An obvious factor favoring the nickel-cadmium cell is the
easier access of oxygen to the impregnated cadmium electrodes through the
porous felt separators. A second factor is the effect of soluble organic
separator products in the electrolyte of silver cadmium cells. This material
produced by chemical attack on the separator is absent from nickel-cadmium
cells.
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There is essentially no evolution of oxygen from the silver anode during
charge as compared to nickel or lead (Reference i0). Consequently sealed
silver-cadmium and silver-zinc cells produce no appreciable pressure rise
until the cell is fully charged. As full charge is reached the pressure
rises abruptly until an equilibrium pressure is reached which depends upon
the oxygen recombination rate and the charge current. The pressure gradually
returns to the initial pressure after termination of the charge current.
As has been pointed out, the anode is purposely made with a larger capacity
than the cathode. Thus, overcharging produces oxygen at the cathode before
the anode is completely charged. The oxygen then diffuses to the anode
and is electrochemically reduced. In normal operation, therefore, the anode
is never completely charged; accordingly, hydrogen is never evolved. If
oxygen leakage occurs, however, the differential between the capacity of the
cathode and anode is reduced. When this differential reaches a certain value,
hydrogen begins to be reduced at the anode, and excessive pressures develop
because there is no mechanism for recombining hydrogen.
Thus, the most important reason for hermetic sealing of space batteries
is so that they do not lose their overcharge tolerance through gradual loss
of their excess negative capacity (Reference 2). The three methods of
sealing cells are with plastic cases, metal cases and combination plastic
lined metal cases. Plastic cases are either pre-cast with the battery
assembled into them later or the case is formed by encapsulating the assembled
battery (pile construction is this type). The metal case, usually stainless
steel or nickel plated steel, requires insulated terminals and places the case
at the cell potential. The cell must be insulated from surrounding conductors
but is inherently rugged.
An insulated metal case combines the good features of both types at the
expense of increased weight and cost. For high impact batteries, the most
convenient procedure is to utilize a plastic battery shaped to fit the space
vehicle structure. This battery is then potted into the structure giving
the ultimate in support to the battery (Reference 3).
b. Sterilization. By international agreement, which is advocated in
the United States by the National Academy of Sciences, all spacecraft which
are designed for extra-terrestrial planetary landings must be sterilized and
sealed prior to launch. This sterilization is accomplished by assembling
spacecraft from sterile components in a sterile environment. The final
sterilization is accomplished by subjecting the spacecraft assembly to a dry
heat bake for 24 hours at 135°C. The subassembly components of the space-
craft must also be sterilized before final assembly and therefore they will
require another heat sterilization cycle of 24 hours at 135°C. As a minimum,
the spacecraft must be capable of sustaining a third cycle of heat steriliza-
tion to allow the disassembly of the spacecraft for repairs and subsequent
resterilization.
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As a means of assuring that the components of the spacecraft are capable of
sustaining the preflight heat sterilization procedures, all component proto-
types will be qualified b_ requiring them to survive three cycles of 36 hour
heat sterilization at 145 C.
Until recently space batteries which have been evaluated for current require-
ments have proved to be inadequate to survive the qualifying sterilization
procedure at 145°C temperature (Reference 12). However, on 25 January 1965,
it was publicly announced by the Astropower Laboratories of the Douglas
Aircraft Company that they have perfected an inorganic separator for a silver-
zinc cell which permits survival and even operation during sterilization
temperatures. Their success has evolved from a three-year independent develop-
ment program which produced batteries capable of operating for 2000 hours at
100°C while simultaneously surviving 2000 charge-discharge cycles. Fift_
hours of operating life is reported at 150°C. Heat sterilization at 150-C for
108 hours of a non-operating battery produces no measurable effect on battery
performance. Energy density of this battery is reported to be comparable
to conventional silver-zinc batteries.
_,,e maln v,=_=c_e _v vuL=_ing sterilizable batteries has been the unavailability
of sterilizable separators. Presently used cellulose type separators are not
capable of resisting the chemical attack of the electrolyte and soluble electrode
materials upon them at elevated temperature. The solution to this problem is
being sought by Radiation Applications, inc., under contract to JPL. This
work is in the initial stage of collecting and screening materials, consequently
no results have been reported. Independent research on separators is also
being pursued by Carl F. Norberg Research Center of Electric Storage Battery
Company.
Success in heat sterilization of electrode materials has been accomplished
by specially preparing the electrode and performing the sterilization in the
uncharged state. The advantage of this procedure is derived from the fact
that the electrode materials are in their most chemically stable state when
in the discharged state. Plastic battery case materials are also generally
unable to withstand sterilization temperature. Nylon Zytel 38 shows promise
as a sterilizable case material but the sealing material is attacked by the
KOH cell electrolyte; thus making this case material marginally successful.
Other work on battery sterilization in the industry has generally concluded
that nickel-cadmium batteries have the best chance of surviving sterilization.
The reason is that the electrode materials are not very soluble in the nickel-
cadmium battery; therefore, the caustic effects of their presence in the
electrolyte is greatly reduced. In addition, because the electrodes are
relatively insoluble, the battery can use more heat resistant separator
materials and still operate reliably.
Nickel-cadmium batteries, however, are affected by secondary chemical
reactions which tend to irreversibly reduce the battery performance with age.
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This process is accelerated by the temperature and pressure of sterilization.
Although investigations of this phenomenon are in progress no conclusive data
is available on the actual extent of this effect.
Nickel-cadmium button-cell batteries have been produced by Sonotone for which
they claim the ability to survive sterilization. Gulton Industries also
indicated that they could produce sterilizable nickel-cadmium batteries.
Chrietzberg of Electric Storage Battery recommends metal cased nickel-cadmium
cells for current sterilizable applications (Reference 13), although they are
not presently producing nickel-cadmiumbatteries. Unfortunately, the highest
energy density that could be expected from nickel-cadmium is approximately
12 watt-hour per pound which is below a useful value for the MFC program.
c. Temperature Characteristics. Storage temperatures for silver-zinc
and similar batteries normally range from -55 to 100°F with the greatest loss
of charge and life occurring at thE higher temperatures. Satisfactory operat-
ing temperatures are from 0 to 160VF, with the best operation occurring at the
higher temperature at the expense of service life and reliability. Optimum
• o . nstorage temperature is near 0 F and optlmum operati g temperature is near 70°F.
These operating temperatures are based on batteries currently in use and
therefore not capable of being heat sterilized. Comparing this range of
temperatures to the 300°F sterilization temperature illustrates to some extent
what happens to batteries when they are heat sterilized.
An insight into some of the low temperature characteristics of an alkaline
battery are revealed in the phase diagram of a potassium hydroxide solution
shown in Figure 109 . This diagram shows that for highest resistance to
freezing the electrolyte should have a KOH concentration of 30 percent.
Fortunately, this is fairly close to 20 percent, the best concentration for
electrical purposes, therefore, batteries for low temperature survival are
quite feasible. Since the electrolyte concentration remains constant during
the discharge cycle there is no change in its resistance to freezing with
state of charge. There is a tendency for the electrolyte to become slightly
diluted as the battery experiences many charge-discharge cycles. However, in
a silver-zinc battery where the number of charge cycles are not great this
effect is negligible.
Direct effects of temperature on the energy density of typical batteries
at the optimum discharge rates are shown in Figure ii0 . Referring to the
expected mean tempterature on Mars of -40°C, it would appear that even a
silver-zinc battery would be approaching marginal performance. However,
since the transit temperature would approximately be 0°C as it approaches
Mars, good initial battery performance could be expected. Thermal control
would be necessary to limit the temperature drop in the initial period on
Mars until the first transmission to Earth was begun. At this point the
temperature in the capsule would rise substantially because the transmitter
would be dissipating approximately I00 to 200 watts inside the capsule.
Thermal control again would be necessary to limit the capsule temperature
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rise to an acceptable level. When held to acceptable limits, the tempera-
ture rise would affect the battery performance advantageously by raising
it to a more efficient operating point. Conversely, if the thermal control
were effective in limiting the low temperature while the transmitter is not
operated, the silver-zinc battery should operate quite efficiently through-
out its Martian llfe.
Summarizing the temperature effects which must be expected for the MFC
mission from a battery point of view, the following facts are revealed.
(I) Capsule sterilization temperature of 145°C for 108
hours must be endured.
(2) Transit temperature of 0 ° to 20°C for 7 to 9 months
must be sustained without appreciably effecting the
ultimate battery performance.
(3) Capsule battery temperature on Mars will have to be
maintained by thermal control.
(4) Transmitter dissipation will raise the capsule
temperature sufficiently to allow good discharge
efficiency.
d. Charge Retention. The MFC program requires a battery that could
be supplied by the manufacturer in the charged state, survive sterilization,
hold its charge for 6 to 9 months, and then perform as required. To meet
these requirements simultaneously is beyond the current state of the art.
Some ways, however, to achieve satisfactory battery power do exist.
The first possibility is to utilize a battery which is assembled in the
uncharged state and filled with electrolyte by the manufacturer. This
technique was used in the Lunar hard-landing capsule program. The advan-
tages of this lie in the fact that a more compact and rugged battery can
be produced if the battery assembly is done entirely by the manufacturer.
This eliminates the usual filling ports. The battery must be kept at a
low temperature to prevent deterioration during pre-use storage. The un-
charged state is best for storage because the battery chemicals are less
active in this state. Also, as was previously stated, sterilization
should be done in the uncharged state, after which it would be desirable
to charge and test the battery's ability to perform in the course of pre-
flight checkout.
Assuming that the battery has demonstrated satisfactory performance and has
been launched, we now are faced with the problem of supplying a fully
charged battery at the end of a 6 to 9 month transit time. The prospects
of the charge lastin_ this long are very poor as indicated by the shelf
life plots in Figure Iii These plots indicate that at best we could
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only expect a marginal survival of the battery charge. The main factor in
wet battery shelf life is the loss of capacity due to self-discharge.
In addition to the loss of charge through self-discharge, secondary effects
such as electrode polarization take place which temporarily reduce the
battery's ability to perform. Characteristically polarization of charged
batteries stored for several months results in the loss of as much as fifty
percent of the battery capacity. It is often possible to restore this loss
by passing the battery through several charge-discharge cycles. This loss
of charge results from the decomposition of the silver peroxide into silver
monoxide. Following the peroxide state, which reduces to monoxide in one
or two months depending on temperature, the oxide state reduces to metallic
silver which has a tendency to set up an ion barrier on the surface of the
active material. In addition to the lost electrical energy that this re-
duction represents, it also severely limits the accessibility of the remain-
ing charge and recharge capacity due to the ion barrier on the cathode.
Remedy of this situation is by means of high rate discharge and charge
cycles to restore the metallic silver to its original distribution and per-
formance. In silver-zlnc batteries with limited cycle life this is a radi-
cal measure not recommended for a highly reliable system. To prevent this
deterioration of cell capacity it is necessary to discharge the cell and
recharge it at two to three month intervals.
Therefore, long charged stands are undesirable because the charge dissipates
through self-discharge and also the battery loses capacity because of its
tendency to become permanently polarized. A charged silver-zinc secondary
or similar battery will require some cycling to maintain battery performance
at an acceptable level at the end of a 6 to 9 month transit.
A second approach to solving the transit and sterilization survival would
be to use a reserve type battery which is fabricated in the dry charged
state and activated remotely by adding the electrolyte immediately before
use. The storage llfe of the reserve battery is excellent. However,
sterilization causes oxygen to evolve from AgO e I..... _.... _ ^--_-^ +_^
zinc electrode, (Reference 13), thus losing about 50% of its capacity.
This loss combined with the weight penalty of the electrolyte storage and
activation mechanism tends to reduce the battery energy dens_y to rela-
tively low value. This potential low energy density coupled with undes-
irable mechanical complications with respect to shock tend to make this
battery in its present state of development a poor candidate for MFC.
However, the Missile Battery Division of ESB is investigating the possi-
bility of using Ag20 as cathode material in a reserve batter_. This would
eliminate cathode reduction because Ag20 is stable below 300 C.
e. Nickel-Cadmium Batteries. Nickel-cadmium batteries have been
used extensively in space applications especially as secondary batteries
for satellites. Nickel-cadmium is outstanding for its recharge capabilities,
typically greater than I000 cycles. In its current state of development it
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has good reliability, inherent resistance to impact shock and reasonable
energy density.
In the NFC program where the capsule weight is a very critical factor, the
nickel-cadmium battery is not an outstanding choice because of its modest
energy density. The capsule operational procedures do not require exten-
sive recharge capability; consequently, nickel-cadmium's recharge capability
it not of a major significance. Battery manufacturers do claim that it is
possible to make nickel-cadmium batteries that are sterilizable. Unfor-
tunately, this has not been thoroughly established and even if it were true
the energy density would probably be too low to be very useful.
f. Silver-Zinc Battery. Probably the most important in space appli-
cations is the silver-zinc battery. It has the highest energy density of
all practical batteries; in fact, under favorable conditions it has demon-
strated usable energy densities of I00 watt-hours per pound. It can be
designed to have substantial recharge capability while still retaining
good energy density thus making it possible to check its performance prior
to launch. Because of the silver oxide cathode which reduces to silver
during discharge, it has excellent high rate discharge characteristics.
Its construction, like most alkaline space batteries is inherentlY impact
shock resistant. Hermetic sealing of silver-zinc batteries is relatively
easy to accomplish because evolution of oxygen does not occur until the
battery is fully charged. (Reference i0). Also, because oxygen does not
disassociate during charge, no loss of charging energy occurs during the
battery charge period and it is relatively easy to fully charge.
The main disadvantage of a silver zinc cell is that the charged reaction
products are soluble in the electrolyte and the cell requires an ionic
membrane separator to prevent interaction of the electrode materials. This
membrane which is generally a cellulose material is attacked chemically by
the electrolyte and eventually is penetrated by the electrode materials at
which time the battery deteriorates rapidly. This effect is quite well
understood and batteries can be designed within limits with separator lives
as required by specific application.
Figure 112 is the operating characteristic curve of a silver-zinc cell
which was built and tested by Astropower. While not conclusive, this curve
is evidence that silver-zinc batteries can not only survive the sterili-
zation temperature but can operate at 130°C as well. Additional performan-
ce curves in Reference 16 also confirm the repetitive high-temperature
capabilities of silver-zinc cells with inorganic separators. Undoubtedly,
there are problems of sealing, case materials, electrode fabrication, etc.,
but clearly a high-temperature silver-zinc battery is feasible.
g. Silver-Cadmium Battery. A battery that is very similar to the
nickel-cadmium battery is the silver-cadmium battery, but has a lower
charge cycle capability and a higher energy density. It is not as widely
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utilized because normally a silver-zinc battery is selected if a high energy
density is desired and nickel-cadmlum is selected if extensive charge cycles
are required. However, for the special case where both requirements exist
simultaneously, it is a logical choice.
For the MFC program the silver-cadmium battery has little to offer it since
its energy density is only one half of the more energetic silver-zinc.
h. Mercury Battery. Because energy density is a prime consideration,
the mercury battery must be considered. In addition to its 50 watt-hour per
pound energy density, it also possesses a charge shelf life of two years,
making it attractive for surviving the capsule cruise period of 6 to 9 months.
Its compact cell construction also makes it inherently shock resistant and it
had successfully been used in high shock application. Major disadvantages of
themercury cell are that it loses its capacity at low temperatures and like
most dry cells it has a relatively low discharge rate. It also has no re-
sistance to sterilization temperatures and is not likely to be improved in
this respect. A mercury battery is a primary battery which can be manu-
factured only in the charged state; therefore, its active life begins in,ned-
lately upon manufacture.
i. Thermal Batteries. Thermal batteries are a class of chemical
batteries which are composed of primary cells made with alkali salt electro-
lyte. At normal temperature these batteries are completely inert because
the electrolyte is a solid. However, at temperatures above 350°C the
electrolyte becomes molten and the cell ingredients enter into an energetic
electromechanical reaction. Thermal batteries for short activation periods
have been used extensively with high reliability in missile and fuzing
applications. Current state-of-the-art techniques are capable of producing
batteries with energy densities of approximately 25 watt-hours per pound
for discharge lives of 3 to 5 minutes.
Until recently the use of thermal batteries was limited to the application
requiring an active life of only a few minutes; however, during the past
six months substantial advances have been made in the state of the art,
and during a recent test at Aeronutronic a thermal battery cell operated
continuously for 20 hours. It is anticipated that within the near future
a cell of similar design will be capable of continuously operating for
several days.
Thermal batteries have great potential for the MFC because of the follow-
ing reasons:
(i) Ability to survive heat sterilization
(2) High energy density
(3) Long Shelf life
(4) High shock resistance
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Since the thermal battery operates at temperatures in excess of 350°C, the
requirement for terminal heat sterilization in no way affects its operation.
In fact, one method of testing a thermal battery for internal shorting is
to heat it to its operation temperature and measure its open circuit voltage.
Thus, by its inherent nature the thermal battery lends itself to heat ster-
ilization.
Thermal batteries are capable of energy densities in excess of i00 watt-hours
per pound. The short life (3-5 minutes) batteries presently available do not
exhibit these densities primarily because of the inefficiencies associated
with rapid discharge rates; however, when the llfe is extended to several
days energy densities of 60-70 watt-hours per pound can be anticipated. This
estimate is based upon a Na - CuCI cell which has an ideal (active element)
energy density in excess of 600 watt-hours per pound. With additional develop-
ment a 50 percent increase in energy densities could be possible through use
of a Na-CuCI 2 cell.
At temperatures below 150°C the thermal battery is in an inert state and
consequently below this temperature it is capable of maintaining its energy
potential for _n_e_ni_e periods of _m_. This natural capability lends
_s=_ nicely +_ the transient requirements of a Mars mission of 6 to 8
months storage life.
At temperatures below its operating temperature the thermal battery is
solid, compact and shock resistant. By utilizing careful packaging tech-
niques the battery should be capable of being designed to withstand the
2500-3000 g impact decelerations expected during the MFC landing.
The thermal battery is a primary battery and, hence, energy used during
pre-flight checkout could not be replaced. This would place an extreme
reliability requirement on the manufacturing process. A second disadvan-
tage is the thermal problems involved in controlling the capsule tempera-
ture due to the heat transfer from the battery.
Section 6.4 of the Appendix gives a design summary of the thermal battery
for the Mars Facsimile Capsule. This battery would be capable of furnish-
ing electrical power for a three-day period after landing. It is con-
cluded that such a battery is feasible and will yield a performance of
60 to 70 watt-hours per pound.
5.8.3 FUEL CELLS
The fuel cell, a special application of the principle of electromechanical
reactions to the production of electrical energy, has much potential for
space use. A fuel cell is an electromechanical device in which the
chemical energy of the fuel and oxident is converted directly to electrical
energy. It differs from a conventional battery in that the reactants are
not stored in the electrodes but rather are supplied from external reservoirs.
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This permits the fuel cell to operate as long as the fuel can be supplied
to it, thus extending its usefulness greatly beyond that of a conventional
battery.
A well developed example of such a device is the fuel cell system develop-
ed for the Gemini manned satellite. (Reference 14). The active elements
in the Gemini fuel cell are hydrogen and oxygen. The hydrogen assumes the
role of the zinc in the anode of the silver zinc battery and the oxygen
takes the place of the cathode. A schematic cross section of this fuel
cell is shown in Figure 113 . Since the combination of hydrogen and oxy-
gen produces water, the electrolyte that normally is used in batteries
would be rapidly diluted; therefore, an electrolyte that is water insoluble
is used in the Gemini fuel cell. The electrolyte is actually combined with
the separator membrane to form an ion-exchange membrane. This membrane is
a sulfonated styrene polymer ten mils thick.
The reactants are introduced to the ionic membrane through porous catalytic
electrodes which support ionization. The hydrogen ions permeate the mem-
brane and react with the oxygen at the cathode to produce water and an
excess of electrons which release energy in the external electrical circuit.
Fuel cells, like batteries, have high theoretical efficiencies with actual
operating efficiencies falling in the 50% to 70% range. Such a hydrogen
oxygen fuel cell has a specific fuel consumption of approximately one
pound per kilowatt-hour. Energy density of satellite fuel cells approach
600 watt-hours per pound for cryogenic fuel storage and i00 watt-hours per
pound for high pressure (gaseous) storage.
An estimate by General Electric indicated that a fuel cell could be develop-
ed that could withstand the MFC environment. The electrical power density
would be approximately 20 watts per pound, or 12.5 pounds for a 250 watt
fuel cell. This estimate is for the fuel cell only and would require the
necessary fuel gas control system, fuel storage and coolant system. How-
ever, even after these components were added to complete the fuel cell
assembly, the overall energy density is as good as a silver-zinc battery
but without the sterilization problems. General Electric engineers estim-
ate that because the fuel cell electrolyte is a solid and the cell can be
filled with an inert gas, it is capable of surviving sterilization tempera-
tures. The only drawback to the application of the fuel cell to the MFC
program would be the difficulties which might be experienced in developing
a gas storage and control system which could survive the impact shock.
However, it is not considered to be beyond the state of the art.
5.8.4 RADIOISOTOPE BATTERIES
Heat given off during the decay of radioisotopes can be used by a thermo-
electric or thermionlc converter to generate electricity. Several models
have been developed for space application through the Atomic Energy
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Commission's program for development of Systems for Nuclear Auxiliary Power
(SNAP). Radioisotope models are designated SNAP-l, 3, 5, etc., and reactor
models are designated by the even numbers. Typical SNAP batteries are sh_n
in Table 5.8-IV.
Radioisotope batteries are suitable for long life, high energy density
sources. Successfully flight tested models have high energy densities of
many kilowatt hours per pound, but low power densities of approximately one
watt per pound. Batteries utilizing alpha emitters create essentially no
radiation hazard because alpha particles normally do not have sufficient
energy to penetrate even the capsule walls. Currently, lead-telluride is
the only thermocouple material that has been developed to an operational
state. Thermionic generators for radioisotope have not reached flight
test status to date.
Disadvantages of the radioisotope battery for MFC program result from the
high thermal dissipation (95% currently) and the fragility of the lead-
telluride thermocouples. Until new or radically improved thermocouples are
perfected radioisotope batteries are not a very likely candidate for MFC
power source because of the problem of transmitting the heat generated by
the radioisotope through the impact limiter during the transit to Mars.
5.8.5 SOLAR CELLS
Solar cells have been widely used as power sources for space experiments.
Their ability to convert sunlight to electrical energy is their main recomm-
endation for space applications. Typical solar cell applications performance
characteristics are listed in Table 5.8-V.
To be most effective, solar cells must be oriented normal to the ambient
solar radiation and even so can only produce i0 watts per square foot in
space near Earth. The solar flux at Mars is approximately one-fourth
that of Earth with proportional solar cell performance degradation. Some
increase in cell efficiency due to the low Martian temperatures would tend
to offset the loss of radiation. Additional reduction of performance would
also occur as a result of the interference caused by the Martian atmosphere
and surface dust.
The main obstacle to applying solar cells to the MFC program arise from the
difficulty of deploying and orienting i00 square feet or more of solar cells
from the capsule after impact. This difficulty is aggravated by the fact
that presently used solar cells are fragile devices, and would require ex-
tensive mechanical packaging provisions to insure survival of impact. For
these reasons solar cells have not been given further consideration for
the MFC program.
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5.8.6 CONCLUSION
Recently developed sterilizable silver-zinc batteries are ostensibly
capable of providing electric_ energy required by the MFC mission. As
indicated by one manufacturer (Astropower Division, Douglas Aircraft)
they are capable of performance comparable to non-sterillzable batteries.
The actual energy density that could be expected for MFC can be arrived at
somewhat intuitively. The anticipated discharge time for the battery will
be at least ten hours which is long enough to allow good battery efficiency.
The energy density for this rate is 80 watt-hours per pound. (Reference 8).
Weight penalty will be imposed by the impact requirement which reduces the
energy density to approximately 60 watt-hours per pound. (Reference 3).
Temperature should not affect the end of life battery performance since an
optimum operating temperature exists as the final demands are made upon
the battery. Assuming that the Astropower separator is applicable to the
capsule environment and that 10% performance penalty will be experienced
in its utilization, and another 15% penalty is encountered because of transit
life, we can expect an energy density of around 40 watt-hours per pound.
The energy density penalties are sunmarized below:
Penalty Percent Loss
Impact Resistance
Sterilizable Separator
Transit Life Loss
Delivered Energy Density
25%
10%
15%
E d is related to optimum
energy E as follows:
op
Ed = (% losses) Eop (25 + i0 + 15) 80 = 40 W-H/lb.
Other energy sources such as solar cells, radioisotope batteries and fuel
cells have been co_ idered and found to be unsatisfactory for the MFC.
Solar cells have low power density and must be carefully oriented toward
solar radiation. Deployment and orientation of sufficient cells from the
capsule to provide the necessary power would be very difficult. Radio-
isotope batteries cannot be used because the large amount of waste heat
that must be conducted away from the capsule during transit. Fuel cells
are an attractive source of energy but because of their complexity and
sensitivity to operating temperature they also are not considered satis-
factory in their present state of development.
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5.9 THERMAL CONTROL
5.9. i INTRODUCTION
Thermal control subsystems for the MFC are required to begin operation
after a "high g" impact on the surface of Mars has been accomplished. The
MFC has a balsa wood sphere impact limiter which is assumed to be removed
from the inner payload sphere following impact. Figure 114 shows the
MFC payload after equipment erection on Mars. The payload sphere is assum-
ed to be supported on extension legs with Mars atmospheric gases being free
to circulate over the entire sphere surface.
Thermal trade-off studies have been performed assuming Mars impact to be
time zero; (i.e., Earth pre-launch, launch, 8-month space flight, and
Martian re-entry heating analyses are not considered as part of this trade-
off study). The MFC temperature is assumed to be controlled within accept-
able limits at all times prior to Mars impact. It is assumed, however
O
that the MFC has been sterilized @ + 275 F temperature for a suitable
period (on the order of 24 hours) prior to launch from Earth.
The following MFC dimensions and weights are considered as nominal depart-
ure points for trade-off study thermal analyses:
(I) Balsa sphere impact limiter diameter is on the
order of 5-6 feet.
(2) Payload sphere diameter is on the order of 1.5 feet.
(3) Total weight of MFC just prior to impact (impact
limiter plus payload) is approximately 300 to
600 pounds.
(4) Payload sphere weight is on the order of i00 pounds.
The use of radioisotope thermoelectric generator energy sources for the
MFC is considered to be outside the scope of this trade-off study.
Table 5.9-1 lists the nomenclature which is used throughout the thermal
control section.
5.9.2 MARS ENVIRONMENTS
The Mars environments used for this study have been defined by JPL and
are given in Section 6.1. The pertinent environments for thermal analy-
ses are summarized below for convenience.
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TABLE 5.9-I
NOMENCLATURE
A
c
D
F
h
c
h
r
k
n
P
Q
Q'
S
s
t
T
T'
U
W
_s
6
O
T
A
c
eff
G
i
P
S
Heat Transfer Area (ft 2)
Specific Heat (Btu/ib F)
Diameter (ft)
Radiation Geometry Factor (Dimensionless)
Convective Heat Transfer Coefficient (Btu/ft2hr F)
Radiation Heat Transfer Coefficient (Btu/ft2hr F)
Thermal Conductivity (Btu/ft2hr F/ft)
Thickness (insulation) or length (ft)
Number of MFC extension support legs
Power Dissipation (Watts)
Heat Loss (Btu/hr)
Heat Gain (Btu/hr)
Solar Heat Flux at Mars Surface (Btu/ft2hr)
Time (hr)
Temperature (OR)
Temperature (OF)
Overall Heat Transfer Coefficient (Btu/ft2H F)
Weight (ib)
Absorptivity (dimensionless)
Solar Absorptivity (dimensionless)
Emissivity (dimensionless)
Stefan-Boltzmann Constant = .173 x 10-8 Btu/ft2hr°R 4
Duty Cycle Period (hr)
Ambient Mars Atmosphere
Cross-Section
Effective
Ground Surface
Initial
Payload
Solar, Surface, Sphere
-290-
AERONUTRONIC o ............. c .......... o ........... J_O;or dj_orc6_om/t a _]/.
Atmospheric Temperature
Day: -I0 F (max.) (6 ft. above ground)
+I00 F (max.) (at ground surface)
Night: -90 F (0 + to 6 ft. above ground)
Ground Surface Temperature
Day: +I00 F (max.)
Night : -I00 F
Atmospheric Pressure
60 millibars (max.) (0.88 psia)
40 " " (0.59 psia)
20 " (rain.) (0.30 psia)
Wind Velocity
v < 197 fps (always)
v < 99 fps (80% of the time)
Atmospheric Composition (By Weisht)
Carbon Dioxide (CO2) 7.5%
Nitrogen (N2) 87.5%
Argon (A) 5.0%
Mars Period of Rotation
One revolution in 24.6 hours
Mars Solar Constants (Outside Atmosphere)
Between Sun-Mars _ S = 232 Btu/ft2hrMin. Distance
Max. Distance Between Sun-Mars _ S = 159 Btu/ft2hr
August 1969 Landing _ S 227 Bth/ft2hr
December 1971 Landing _ S 212 Btu/ft hr
Averase Atmospheric Solar Transmittance (deduced from JPL data)
* Transmittance
0° O. 61
40 ° O. 55
60° O. 45
* Angle between Sun and Mars surface local vertical.
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The solar heat flux at the surface of Mars is presented in Figure 115
as a function of Mars/Sun included angle. For 1969-71 missigns , the solar
heat flux during the day is approximately i00 to 140 Btu/ft'hr for land-
ings within + 30% of the Mars equator. (Note, the inclination of the Mars
equator to the orbital plane is 25o).
Various heat transfer parameters which are applicable for the Mars environ-
ments are presented in Figures 116 and 117. Mean convective heat
transfer coefficients for a sphere are shown in Figure 116 as a function
of wind velocity and ambient pressure. These convective coefficients were
derived from References I and 2. Radiation heat transfer coefficients are
presented in Figure 117. A mean background temperature of -50 F is
assumed for these radiation coefficients, corresponding to a mean day/night
temperature (-I0 F day and -90 F night).
5.9.3 TRADE-OFF STUDY THERMAL ANALYSES
a. Trade-off Study Parameters. There are many independent variables
which are important in a thermal trade-off study for MFC operation in a
Martian environment. Some of the more important independent variables are
listed below.
(i) Time (after impact)
(2) Ambient Environment
(a) Atmosphere and Ground Temperature
(b) Wind Velocity
(c) Atmospheric Pressure
(3) Mars Distance from Sun
(4) Mars landing spot
(a) Shade or sun during the day
(b) General terrain geometry
(c) Terrain absorptivity/emissivity radiation
characteristics
(5) MFC payload allowable temperature range
(6) MFC initial temperature (at impact)
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(7) MFCPayload sphere diameter
(8) MFCpayload internal power dissipation and duty cycle
(9) MFCpayload weight and material thermosphysical properties
(I0) MFCpayload insulation
The primary dependent variables are, of course, payload temperature and
payload thermal control system size, weight, and type.
It is necessary to perform trade-off study thermal analyses for MFCsub-
systems and componentswhich require temperature control within a more
restrictive temperature range than is given by the Mars environmental
range (from -I00 F to approximately +120 F depending on surface coatings,
power dissipation, etc.). Figure 114 shows the MFCmajor subsystems
considered for thermal analysis. These are the payload sphere, camera,
telescoping boom, antenna (not shown), and extension support legs. Of
these major subsystems, only the payload sphere requires temperature con-
trol within a restrictive temperature range. These temperature restric-
tions are primarily established by power supply (battery) and electronic
componentoperating temperature limits.
In this trade-off study no formal thermal analyses have been performed for
the camera, telescoping boom, antenna, and extension support legs. It is
relatively easy to thermally isolate these subsystems from the payload
sphere by employing conventional thermal insulation. Thus, the payload
sphere temperature need not be significantly affected by the level heat
transfer from the payload to these subsystems.
The trade-off thermal analysis pertaining to an insulated payload sphere
are presented in the following sections.
b. Insulation Thermal Conductivity. It is necessary for the pay-
load sphere to employ thermal insulation just inside its outer wall, in
order to protect the payload from the generally cold Martian ambient
environment. Several candidate low conductivity insulation materials
have been considered for this trade-off study. The thermal conductivity
of these candidate materials are shown in Figure 118 as a function of
ambient gas pressure. The data shown in Figure 118 is taken from
References 3, 4, and 5 with a slight temperature correction being applied,
as required, to place the insulation conductivities on a con_on basis. For
the range of Mars atmospheric pressures given in Section 6.1, the conduc-
tivitY2of the candidate insulation materials ranged from 0.005 to 0.015
Btu/ft hr°F/ft. Since these conductivities are of the same order2of mag-
nitude, a nominal insulation thermal conductivity of 0.010 Btu/ft hr°F/ft
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has been selected for these trade-off study analyses. As seen from Figure
118 , the specific weight of the candidate insulation materials varies
from 3 to 20 Ib/ft 3.
c. Payload Sphere Outer Surface Temperature Analysis. In order to
determine the net heat transfer from the payload sphere to the Mars
surroundings, it is necessary to establish the sphere outer surface temper-
ature for each ambient environment of interest. It is very difficult to
perform a proper analysis of the MFC sphere surface temperature for a
trade-off study, since the thermal analysis is complicated and requires a
computer solution. However, if it is assumed that the sphere has an iso-
thermal outer surface, a relatively simple solution is obtainable for
trade-off study purposes. This simple analysis is presented below.
In order for thermal equilibrium to exist at the sphere outer surface, the
net heat losses must equal the net heat gains. The heat losses and gains
for the sphere are given by the following:
(i) Heat Losses from the Sphere
Radiation Heat Loss to Outer Space:
where F -- 1/2 is the geometry factor
Radiation Heat Loss to Mars Surface:
shere F = 1/2 is the geometry factor
Convective Heat Loss to Mars Atmosphere:
Conduction Heat Loss thru Extension Legs:
Q = _ keff A c
i=l_ (Ts-TGI
(2) Heat Gains to the Sphere
Solar Heat Gain:
Q' = Ss _s F 7T D s
where F -- 1/4 = sphere projected area
sphere surface area
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Radiation Heat Gain from Mars Surface:
Q' = _ _ FT G 7T s
where F = 1/2 is the geometry factor
Heat Gain _om Internal Power Dissipation:
I T
Q' = 3.41 -_-/ e (t) dt
where 3.41 = conversion factor from watts
to Btu/hr
Equating the heat losses and heat gains, the following relation is
obtained :
I i
+ keff c - TG = S _ _T
i=I _ Ts _ s s s •
+1½)° s)+341 dt
By combining and simplifying the above equations, the following equation
is obtained:
s s- _ O_TG- _ _s Ss + hc Ts -TA
n /+___ keff Ac 1 T1 _ (_s- _GI : 341_ P <t)dt
When known values of Ds, _ ' _ ' TG' _s' hc (from Figure 5.9-3), TA,
kef f, A , h, _, and T are substituted in the above equations, a plot ofc
mean power dissipation versus sphere surface temperature can be obtained.
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In order to provide trade-off information, it is assumed that _ = 6 =
Keff A c
s
= 0.9, and that (Ts - TG) = 0 (i.e., that conduction effects
can be made negligibly small). Approximate values of Ss, TA, and TG are
taken from the Mars environments given in a previous section of this
report and values of h are obtained from Figure 116 for various wind
c
velocities.
Figure 119 presents isothermal sphere surface temperatures for various
mean heat losses from the sphere surface. Surface temperatures are shown
as a function of wind velocity for typical day and night ambient conditions.
In Figure 120 , sphere temperatures are presented as a function of sphere
heat loss for several wind velocities. Also, it is seen from this figure
that the sphere temperature is not grosslY2affected by changes in solar
radiation in the range from 100-140 Btu/ft hr. Figure 121 shows sphere
temperatures on a hot "still" air day as a function of net sphere heat loss.
d. Payload Sphere Transient Temperature Analysis. For the case of
no internal power dissipation, the payload sphere transient temperature
response can be approximated by a lumped parameter solution given below:
' ' {UA t)Tp " TA = _ s
T v v
Pi - TA e W c
where U, the overall heat transfer coefficient, is further defined by
the following equation:
i k (hc + hr)
U=
I _ = _ (h c + h + k/_)
(he + hr) + k r
For k/I << (hc + hr) , the above equation reduces to U = k/2 , indicating
that the thermal insulation is controlling the rate of heat transfer. If
k_<<(hc + hr), then the transient temperature response equation for a
sphere can be approximated by the following equation:
, , kTr(D s - _)2t
Tp - TA - e"
T' ' _Wcp. - TA
l
where the mean heat transfer area, A , is _(Ds-_) 2. Figure 122 shows
a plot of the above approximate equation. It provides a very close
approximation to the actual transient temperature2response for insulation
thicknesses greater than 1/2 inch (k = .01Btu/ft hr F/ft).
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It is desirable to provide an estimate of payload cooldown time after MFC
impact on Mars. Figure 123 presents minimum cooldown times from an
initial +i00 F temperature to any desired temperature, for several insul-
ation thicknesses. The cooldown time is termed minimum because the pay-
load is assumed to respond to the minimum Mars ambient temperature of
-90 F during the entire cooldown period. It is seen that for an inch of
insulation thickness, the payload cooldown time is on the order of 40
hours for a payload temperature decrease to +30 F from a +i00 F initial
temperature.
When the effects of internal power dissipation are included, the following
relation is obtained for payload temperature.
T
I f P(t)dt -3.41
O
I __ I ._
Tp Tp. Wc
i
o
t
If the power dissipation term 3.41 _ P (t) dt in the above equation is
, t _
of k ?r(D s _)2 (r_ - T_) dt,significantly larger than the heat loss term,
then the average value of Tp' over the time, t, can be used in the heat
-loss term to simplify the integral; i.e. T_ = T' + i .41 P(t) d
' Pi
!
can be used in the heat loss equation instead of a variable Tp . Substi-
-- !
tuting the approximate value Tp into the above equation yields the
following approximate relation for payload temperature.
T_ = T ' + op. Wc
l
.t k ?r (Ds - _)2 t
3.41J P(t) dt _ TPi
i[3"41 St
O
tl [ k?r (Ds - _)P (t) d (t)
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The above quotation is not plotted herein, but it was used to determine
payload transient temperature responses during transmitter operatiom for
the typical payload temperature histories presented in a later analysis
section (f).
e. Payload Sphere Heat Loss Analysis. The heat loss from the pay-
load sphere (through thermal insulation to the outside surroundings) is
given by the following conduction equation:
2 w wQ = 7r(D s - _) (Tp - TS)
Figure 124 shows heat losses from the sphere (in watts) as a function
of temperature difference. These heat losses are shown for several insul-
ation thicknesses, with a 1.5 ft. diameter sphere being assumed. Figure
125 presents heat losses as a function of sphere diameter and insul-
ation thickness for an assumed 100°F temperature difference.
For a heat balance to exist, heat losses must equal heat gains._.- For a
typical duty cycle
-^-'_ +_ ..... _ ..... _- "" Q' = 3.41 _ Jo'P(t)dt.
Equating heat losses and heat gains, the following relation is obtained.
3.41 1 P(t)dt = 7r(D S . _)2(Tp--'- --'Ts)
where Tp' and 35 are the mean payload and sphere surface temperatures,
respectively. This equation can be used to determine the thermal insul-
ation thickness, _, required for a heat balance when values of mean
power dissipation, desired mean payload temperature, and mean sucface
temperature are given. The first two of these values are obtained as
inputs from electronic system design and the mean surface temperature is
derived from Figure 119
An example of the heat balance insulation thickness determination is pre-
sented below for an assumed mean power dissipation of 700 w-hr/24.6 hr
duty cycle or a mean power dissipation of 28.5 watts. From Figure 119 ,
a mean outer surface temperature of -40F is obtained for a 200 ft/sec
wind velocity (Ts = +8 F and T = -8S F). If a mean desired
day s night
payload temperature of +60 F is assumed, a payload/sphere surface temper-
ature difference of 100F is obtained. For this condition, approximately
0.8 inch of thermal insulation is required for a heat balance to be
achieved.
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f. Analysis of Temperature Resulation Systems Employing Water. At
Martian atmospheric pressures, water boils at temperatures on the order
of +70 F to +i00 F, as shown in Figure 126 The boiling temperature
can easily be increased, if desired, by artifically raising the pressure
in the water boiling chamber (i.e., by employing a pressure relief device
in the boiloff system). Water freezes to form ice at a temperature of
+32 F almost independent of local pressure. Thus, temperature control be-
tween approximately +30 F to +I00 F can be provided by a water boiloff/
freezing system.
The latent heats of vaporization and freezing are the most important para-
meters in the thermal analysis of water used for temperature regulations,
since most of the heat energy transfer occurs during a phase change. The
latent heat of vaporization is 970 Btu/Ib (284 watt-hr/ib) and the latent
heat of freezing is 144 Btu/ib (42 watt-hr/ib) for water. For water tem-
peratures between freezing and boiling, the water thermal capacity is
lumped together with the payload thermal capacity and a simple heat balance
is employed to determine payload (and water) temperature.
g. Typical Payload Temperature Histories. Figure 127 presents
a typical payload temperature history for a Mars minimum ambient tempera-
ture environment. A square wave ambient temperature history is assumed
with the day temperature being -i0 F and the night temperature -90 F. The
assumed sequence of events for the minimum environment MFC mission is the
following: Landing at noon; no pictures taken during the remainder of the
first day; pictures taken during the second day; data transmission to
Earth during the third day. The total assumed elapsed time from impact
to data transmission is taken as 47 hours.
The thermal insulation thickness requirement for the payload temperature
history is taken as the larger thickness derived for transient cooldown or
for the payload heat balance. To obtain a heat balance with a 200 watt
power dissipation for 3.5 hours (700 w-hr) assumed daily operation, 0.8
in. of insulation is required. For the transient cooldown period, 1.2 in.
of insulation is required. Thus, the 1.2 in. (0.i ft.) of insulation was
used in the temperature history calculation. It is seen from Figure
127 that the payload temperature has gradually increasing characteris-
tics once the daily data transmission cycle has been established. This
general temperature increase occurs because the insulation thickness is
greater than required for thermal equilibrium, and thus, heat gains are
greater than heat losses.
In Figure 127 , it is assumed that water boils at +i00 F in order to con-
trol the payload maximum temperature. Approximately 0.2 lb. of water per
day is required for the 700 w-hr daily power dissipation level and the
minimum ambient environment condition. If water is not employed for the
minimum temperature environment condition, the payload temperature would
eventually stabilize about a mean temperature of +120 F and have a maximum
temperature of approximately +145 F.
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Figure 127 presents a typical payload temperature history for a Mars
maximum ambient temperature environment. The same design parameters
(insulation thickness and thermal conductivity, sphere diameter, payload
weight, etc.) are used for the results presented in Figure 127 as are
given above for Figure 126 . A square wave ambient temperature is
assumed with the day temperature being +80 F and the night temperature
being -90 F. The assumed sequence of events for the maximum environment
mission is given by the following: Landing in early morning; pictures
taken during the first day; data transmission during the next day. Total
elapsed time from impact to data transmission is 23 hours.
It is seen from Figure 128 that a repetitive temperature cycle is achieved
after the second day. It is assumed that water boils at +I00 F for the
payload temperature calculation in Figure 128 Approximately 1.0 lb.
of water per day is required for the 700 wt-hr daily power dissipation
level and the maximum ambient environment condition. If water boiling is
not used for temperature control, the payload temperature would eventually
stabilize about a mean temperature of +180 F and have a maximum tempera-
ture of +205 F. These latter temperatures are bulk payload temperatures
t_.e., average pay load temperatures). Payload_ electronic component tem-
peratures can be on the order of 30 to 150 F higher than these.
5.9.4 THERMAL CONTROL SYSTEMS FOR MFC
Thermal insulation is required for the protection of MFC payload sphere
equipment from the generally cold Martian ambient environment, regard-
less of the particular passive or active thermal control system employed.
If possible, the thermal insulation thickness should be sized so as to
provide a heat balance for the MFC during Mars operation. That is, heat
losses from the payload to the ambient surroundings should balance the
heat gains due to electronic equipment power dissipation. If heat gains
exceed heat losses, a cooling system may be required, and conversely, if
losses exceed gains, a heating system may be required.
Only a cursory look at candidate thermal control systems has been under-
taken for this trade-off study. The systems considered have been divided
into two classes, passive and active. In the following paragraphs the
various thermal control systems are presented together with their advantag-
es and disadvantages.
a. Passive Thermal Control Systems for MFC
Thermal Control System A*
* System A recommended for MFC conceptual design.
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System Description: Thermal insulation is used to
maintain a heat balance and a water boiloff/freezing
system is used for temperature control.
Major Components:
i. Thermal insulation
2. Water
3. Water storage container(s)
1 Squib actuated pressure relief valve
(actuated after Mars impact)
Operation: Insulation is used to maintain coarse
temperature control during transient cooldown
following impact and for maintaining a reasonable
heat balance during Mars operation. Fine temper-
ature control is _L: __ water which _^'I _auLL_ev=u by u_s =t
approximately +I00 F (max. temp.) and which freezes
at +32 F. Water boiling thus limits payload max-
imum temperatures during transmitter operation, and
water freezing limits payload minimum temperatures.
Advantases:
I. Lightweight system (especially if a heat
balance can be achieved)
2. Simple, reliable system
. Temperature control between +32 F and +I00 F
is assured since temperature control is not
dependent on a sensor/amplifier/actuator
device which could fail during impact, but
rather on the boiling and freezing properties
of water which are well known.
Disadvantases:
l. Requires a pressurized tank (on order of
50 psia) to meet the sterilization criteria
ofheat soak at (+275 F).
. Requires a valve which allows vapor to escape
while retaining the basic water supply. (Such
a valve has already been developed for Aeronutronic
lunar capsule programs).
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b.
Thermal Control System B
System Description: Paint patterns on MFC surface
are used in addition to thermal insulation and a
water boiloff/freezing system as described for
System A.
Major Components: Same components as System A,
above, plus external surface paint patterns.
Operation: Same as for System A, above.
Advantages: Same as for System A, above, plus some
ability to modify the MFC outer surface temperatures
during daytime operation. (Since the high wind
environment exists on Mars, the convective heat
flux can be significantly greater than the radiative
heat flux, and hence, precise temperature control
cannot be achieved with paint patterns alone).
Disadvantases: A thermal control system design
requiring paint patterns for a major thermal input
could easily be aborted by dust on the capsule
surface or by the high convective heat fluxes
which result at high wind velocity.
Active Thermal Control Systems for Heatin$ MFC
Thermal Control Heatin$ System #i
System Description: Pyrotechnic type heating
elements are fired when a temperature sensor
indicates a minimum payload temperature has
been reached.
Major Components:
I. Thermal insulation
2. Pyrotechnic Heaters
3. Temperature sensor/amplifier/actuator system
. Electronic logic system for firing
pyro heaters
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Operation: Individual pyrotechnic heater elements
are fired to produce an exothermal chemical reaction,
as required, to maintain the payload temperature
above a desirable minimum.
Advantases: Pyrotechnic heater devices would be
development items, but they could supply a relatively
large amount of heat energy per unit weight compared
to that for electric heaters using conventional
power supplies. A pyrotechnic heater employing a
mixture of iron filings and potassium chlorate can
supply heat energy on the order of 150 watt-hr/ib.
(approximately 325 cal/gm) after an ignitor squib
initiates the exothermal chemical reaction. This
reaction produces iron oxide, potassium chloride,
heat energy, and a very small amount of gas. The
gas which is produced could easily be contained
within the case surrounding the pyrotechnic heater
element. Conventional battery power supplies can
_ _ _ /Ibproduce on .... order of 25 t _v=_watt-hr . v_^_
heat energy. Thus, the pyrotechnic heater could
supply on the order of 3 to 6 times the heat energy
per unit weight than can be obtained from convention-
al power sources.
Disadvantases:
i. A temperature sensor/amplifier/actuator system
is required to energize the heater elements.
, Electronic system logic is required to set off
the pyrotechnic heater elements in sequence.
3. A separate payload cooling system is required.
Thermal Control Heatin$ System #2
System Description: Electric heater plus a power
supply provide heat energy as required to maintain
minimum payload temperature.
Major Components:
I. Thermal insulation
2. Electric heater
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3. Power Supply (batteries)
4. Temperature sensor/amplifier/actuator system
Operation: An electric resistance heater supplies
heat to the payload to maintain the tem_ature
above an acceptable minimum. The payload tempera-
ture is sensed and the heater power turned on to
meet demands.
Advantages:
. The electric heater/power supply combination
may be attractive for a low level power
dissipation electronic system; i.e., a
constant output from an electric heater
together with the electronic power dissi-
pation can provide a heat balance with
reasonable insulation thicknesses (less
than 2 inches) when the power dissipation
is on the order of 200 w-hr/day or less.
An additional heater element together with
a temperature sensor is required to maintain
acceptable minimum payload temperatures.
Disadvantages:
i. This system has relatively high weight
principally because of the power supply
weight.
2. A temperature sensor/amplifier/actuator
system is required.
3. A separate payload cooling system is required.
Active Thermal Control Systems for Coolin5 MFC
Thermal Control Cooling System #i
System Description: Outside Mars atmosphere gases
are circulated through the payload for direct
cooling. An improved modification of this concept
uses a secondary heat transfer loop and isolates
the payload from the Mars ambient gases. Gas
circulation continues as required to maintain the
payload temperature within acceptable limits.
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Major Components:
Direct Gas Coolant System
I. Thermal insulation
2. Fan or blower
3. Power supply
, Temperature sensor/amplifier/actuator
system
5. Gas inlet and outlet ports
Secondary Heat Transfer Loop
Additional Components
i. Heat exchanger
2. Additional fan or blower (inside MFC)
. Elimination of gas inlet and outlet
ports, but provision for a heat
exchanger installation with access
to inside and outside ambient gases
is required.
Operation: Mars outside cool atmosphere gases are
used for cooling the MFC payload either by direct
flow through the payload or by a secondary heat
transfer loop. A payload temperature sensor turns
off the flow of air when the payload temperature
...... W =_=_L=U_= LL&_LI temperature limits.
Advantases:
i. This may be an attractive cooling system for
long time Mars missions. The infinite heat
sink provided by the Mars atmosphere is used
to remove large quantities of heat over a
long period.
Disadvantases:
I. High fixed weight of components
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. Inherent low system reliability when impact load
criteria are considered.
3. Requires a separate payload heating system.
Thermal Control Coolin$ System #2
System Description: Removable or variable thickness
insulation is used to provide payload cooling.
Major Components:
i. Thermal insulation
2. Shutters which open and close
3. Temperature sensor/amplifier/actuator system
Operation: Thermal insulation panels are removed
(or varied), as required, to maintain the payload
temperature below acceptable high temperatures.
The payload temperature is sensed and the insul-
ation panels are adjusted as required.
Advantases:
None
Disadvantases:
i. This system does not appear to be practical
for mechanical design implementation in MFC.
5.9.5 CONCLUSIONS AND RECOMMENDATIONS
MFC payload temperature control can be provided by a passive system employ-
ing thermal insulation and a water boiloff/freezing subsystem during MFC
operation in the generally cold Mars ambient environment. This control
system is simple and operates as long as battery power is available to
operate electronic equipment (or until all of the water boils off). At
Martian atmospheric pressures, water boils between +70 F to +I00 F and
freezes at +32 F. Conventional insulation materials can be used for
this system since at Martian atmospheric pressures, the thermal conduct-
ivities of "superinsulation" and good conventional insulation are approx-
imately the same. (Superinsulations would be better if it were practical
to design a vacuum jacket to surround the insulation. The jacket would
of course have to survive the "high g" impact).
-320-
AERONUTRONIC D,V,S,ON OF PH,[CO CORPORAT,ON ......... _5_'_)rd_)/_r6_o_,(_y,
It is desirable in this design to provide a balance between heat gains from
payload internal power dissipation and heat losses to the Mars ambient
surroundings. If the internal power dissipation level is very low so that
large insulation thickness requirements result, it may be desirable to
supplement the heat generation in the payload with heat from an electric
heater or from pyrotechnic heater elements. In this case, a temperature
sensor/amplifier/actuator system would be required in addition, and hence,
the thermal control system would be an "active" one.
It is recommended that more detailed thermal analyses be performed to extend
the scope of this trade-off study. A computer program could be developed
to provide a much better estimate of payload sphere surface temperature
than that obtained herein for an assumed isothermal sphere surface temper-
ature. More studies should be performed to estimate the probability of
having hot (or cold) ambient Mars environments on successive days of MFC
operation; (i.e., how often does a zero wind, high temperature day occur?
Or, conversely, what is the probability of having 50% or 100% cloud cover
during the day?, etc.). A reasonable estimate of the probable ambient
environment is required in order to determine the quantity of water which
should be carried along for the water boiloff/freezing temperature regu-
lation system.
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5.10 CAPSULE DESIGN
This section is chiefly concerned with establishing the weight and size
configurations of complete capsules capable of surviving specified impact
velocities. To simplify the task, it is assumed that there is a fixed per-
formance requirement to obtain a 240 x 24° facsimile picture with certain
characteristics. It is necessary to use results from Sections 5.1 through
5.9 for estimating the performance capabilities of many of the sub-systems
within the capsule. Methods are developed in this section for estimating
the weight requirements of the mechanical components which have not been
considered in the previous sections. A brief stability analysis is performed
to show that the capsule configuration used in the weight estimates will
perform adequately on the sloping Mars surface in the presence of wind.
5. i0.1 CAPSULE DESIGN CONSIDERATIONS
The primary purpose of the Mars Facsimile Capsule is to obtain a high detail
picture of the Martian surface. Thus, the primary design objective is to
assure reliable system operation following high "g" impact. Reliable oper-
ation is best achieved by simplicity and/or redundancy. It is towards these
goal= +_+ +_
........ e capsule design configuration is aimed.
Maximum simplicity is an inherent capsule design feature:
(i) The capsule is capable of surviving omni-directional impacts
without reliance on entry deceleration or orientation by an
atmosphere of unknown composition.
(2) Payload erection following impact is accomplished passively
by means of a flotation fluid in which the inner payload is
suspended. This allows payload erection without consideration
of unknown terrain features.
(3) Timer initiation is effected by redundant, !nertia!!y
activated switches.
(4) Erection of the top tube and antenna system is accomplished
passively subsequent to porting without further timing events.
(5) Thermal control is accomplished passively by means of
insulation and a pressure (temperature) actuated water
boiloff system.
There are several schemes whereby redundancy may be introduced into the
capsule design; e.g.,
(i) The power supply can be constructed in two modules connected
in parallel. If one circuit or cell opens,the other can
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supply the necessary power for a reduced llfe. If an
internal short is considered likely blocking diodes could
be used to prevent the damaged cell from discharging the
one remaining.
(2) The limiter removal device, porting device, and cage-uncage
devices could be activated by two or three redundant squibs.
a. Equipment Arrangement. The dictating factors for equipment
arrangements are center of gravity location and accessibility. It is
necessary that the center of gravity be located in the lower half of the
sphere at least a quarter of an inch below the center of buoyancy to
allow vertical erection following impact. Thus all of the heavier compon-
ents should be located in the lower sphere half (i.e., the battery and
thermal control fluid). The battery should be located closest to the
equator where the two sphere halves separate for accessibility whereas
the entire water tankage may be located beneath. Additionally, it is
desirable that the fluid be contained in one sphere half to eliminate
interconnecting piping which may be subject to leakage following impact.
Placement of the battery in the lower sphere half allows direct access to
the caging assembly (located diametrically opposite the top tube porting)
for a possible battery fill following sterillzatiQn via the pre-impact
caging foot.
The upper sphere half would contain all electronic sub-assemblies. It is
desirable that these sub-assemblies be constructed as separate modules and
provided with inter-connecting wiring and connectors. This allows for their
ready removal in the event of necessary repairs and/or replacement.
b. Designin_ for High Impact. The payload impact deceleration loads
are dictated by the stroke and density of the limiter as indicated on the
impact dynamics curves of Section 5.2. Little control can be exercised in
reducing maximum impact deceleration. The payload must be designed to sur-
vive the levels imposed. In addition, superimposed on the primary payload
deceleration curve is a resonance or "ringing" of the payload structural
members and associated components. Thus, to obtain an indication of the
total environment within the payload it would be necessary to conduct a
laborious analysis of the natural frequencies of the various payload sub-
assemblies. Since it is doubtful that such analyses could be made with
sufficient accuracy to be of any real benefit, the realistic approach to
be taken is to provide as much structural rigidity as possible, thus
avoiding all resonance frequencies low enough to be structurally disasterous.
The structural parts should contain no large unsupported areas which could
yield and thereby cause permanent deformation following impact. All point
loading should be avoided; the forces of impact should be distributed over
as large a surface area as possible. The use of flotation fluid as an
erecting device automatically accomplishes this goal to the fullest extent
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possible for the payload by distributing the impact load over the entire
inr_ sphere
Particular care must be exercised in the design of moving parts within the
top tube and azimuth drive assemblies. These parts must be of a minimum
mass and should be dynamically balanced or caged if provided with only a
single support (e.g., the nodding mirror cam-follower). Also ball bearing
supports should be used only on small shafts with low inertial loading and
should possess considerable overload capability.
5.10.2 ORIENTATION AND STABILIZATION
It is necessary after impact that the inner spherical payload be erected to
local vertical and imparted with sufficient stability to resist the forces
of porting, Martian winds up to 60 meters/second, and prevailing slopes up
to five degrees.
Alternative erection schemes have been investigated and it is indicated
that this event is most reliably accomplished internally by "flotation";
(i.e., a floated inner payload with center of gravity displaced from center
of buoyancy thereby allowing passive erection to local vertical). Any con-
sideration of external erecting devices requires a presupposed terrain and
hence may be readily defeated when viewed in the diverse conditions which
may exist on the surface of Mars (i.e., rocks, craters, or heavy dust).
The stability requirements as dictated by the Martian winds are as follows:
The maximum dynamic pressure exerted on the capsule at rest is
2
q = 1/2 P V
where V = 60 meters/sec and P is calculated from the partial
max max
pressures of the given atmospheric constituents and a minimum assumed
atmospheric temperature of 205°K or 6.57 x 10 -3 ibs/ft3 (I/I0 of Earth's).
Hence,
6.57 x 10-3 Ib___s 2
q = 1/2 lI ft3 60 x 3.28 ft/ sec
32.2
= 4.0 PSF
The footprint required on a presupposed spherical capsule resting on a
five degree slope to resist this aerodynamic force is determined as follows:
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CD= F
mg = W
WT
The upsetting moment about the pivot point P is RF cos (90-e), whereas the
erecting moment due to the weight of the payload is Rmg sin (e-S)
where m = mass of payload
g = Martian gravity
= 12.45 Ft/Sec 2
F = Aerodynamic force
= (½ PV 2) (CD) (Ap)
R2
= q _ (for a conservative unity drag
coefficient)
Equating moments,
mg sin (e=S) = R2q _ cos (e-S)
Letting (e-S) = 0, and substituting
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(m) (12 .5) sin e = R 2 (4.0 _T ) cos 8
or tan e = R 2
m
Thus, the required half angle of the footprint is
= S + tan -i R2
m
Consider the footprint requirements for a typical payload with and without
limiter resting on a five degree slope:
Typical parameters:
Impact velocity - 400 Ft/Sec
Llmiter diameter - 5 Ft.
Payload diameter - 1.4 ft (PPay!oad
PLimite_
Limiter weight - 450#
= 15)
Payload weight - 150#
Case I - With Limiter
S = 5 degrees
2
R = 6.25 Ft 2
600
m = 32.2 = 18.6 slugs
= 5° + tan
and footprint diameter =
-i 6.25
= 23.5 °
18.6
5 sin 23.5 = 2 ft.
Case II - Without Limiter
S = 5 degrees
R2 = .5 ft 2
150
m = 32.2 = 4.66 slugs
= 5° + tan -I .5 = ii° and footprint
4.66
diameter = 1.4 sin II° = .267 Ft.
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Thus, removal of the llmlter diminishes the footprint diameter requirements
for wind resistance by a factor of nearly eight.
The stability requirements for porting are minimized by minimizing the mag-
nitude of the porting impulse. Porting would normally consist of "breaking
through" the inner fiberglass shells and the outer balsawood cover. However,
if these events are performed sequentially the impulse level is reduced.
Thus it becomes evident that the stability requirements for both wind resis-
tance and porting are minimized by removing the entire impact limiter prior
to the stabilization/porting events. Additionally, this sequence permits
the high impulse impact limiter removal event to occur prior to caging the
floating payload. This permits any buffeting roll or bounce which might have
been imparted to go unnoticed.
A number of methods for stabilizing the inner payload following impact limiter
removal have been considered. Each presents essentially the same problems
previously encountered in stabilizing the Lunar Facsimile Capsule on the
Lunar surface (JPL contract 950462). The only 4-1ffering factors are the
presence of an atmosphere (i/i0 Earth's), a heavier pay$oad (by perhaps a
factor of two), and a gravity (1/3 of Earth's) or twice that of the moon.
The atmosphere does not appear to be of any assistance (but rather a hinder-
ance due to dynamic pressures);however, the greater mass payload and gravi-
tational field essentially increases capsule "weight" by a faetor of four
(over the lunar surface). This results in a greater inherent stability on
a soft surface and also decreases the impulse effects of porting. Additional
stability is nevertheless required for the case of resting on a hard surface.
Consideration has been given to removing portions of the impact limiter to
leave a doughnut configuration. However, this approach was eliminated when
it was determined that the sphere could come to rest with balsa over the
flexible linear shaped porting charge thereby hindering porting, and that
it does not appear inherently reliable to remove specific portions of the
limiter.
A second approach considered was the use of a "foam in place" agent to form
a pad beneath the resting payload. This would be an extremely effective
means of stabilization since it does not require any specific presumptions
about the nature of the surrounding terrain. Such an agent is by nature
a two part mixture and although it appears that such an agent could be
pre-compounded utilizing a volatile solvent it would be necessary to inter-
pose it between the impact llmiter and the flotation shell for release
following impact limiter removal. The difficulties associated with mechani-
zation of such a scheme precludes its utilization.
The optimal method for stabilization appears to be the use of six deploy-
able legs mounted on three orthogonal axes. These curved legs would be
stowed in a folded position against the flotation shell and passively de-
ployed upon impact limiter removal. The selected orientation could not
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allow a leg to interfere with porting unless the capsule were standing on
a single leg. In the unlikely event that this occurs it is anticipated
that the flexible linear shaped porting charge would completely remove the
interfering leg. The governing factors for design of these legs would be
that they possess a sufficient erecting moment to llft the entire weight
of the payload during all positions of deployment and that their stiffness
be sufficient to support the reaction of porting.
5.10.3 WEIGHT ESTIMATES FOR MECHANICAL COMPONENTS
To make weight estimates for the various components of alternative capsule
configurations it is necessary that the weight of each component be express-
ed as a function of the maximum impact deceleration. Although the weight
and volume of most operational components are fixed and insensitive to
variations in "g" loading in the realm of interest, this is not the case
with major structural components (i.e., shells). The weight and thickness
of these structural shells and hence the payload diameter and weight are
strongly influenced by the imposed impact deceleration loads. The following
equations derive these relationships.
a. Flotation Shell. Upon impact, the payload flotation shell exper-
iences two loading functions. The outer surface sees the crushing load of
the yielding balsa wood impact limiter. This is reacted on the shell inner
surface by a hydrostatic pressure developed by the forward inertia of the
floating payload (i.e., insulation shell). The loading condition is as
follows:
The inward or balsa force can be considered a simple cosine function;i.e.:
<_< _ (l)
PI: qo cos_, 2 - -- 2
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The outward hydrostatic pressure may be similarly represented as,
P
O
P2 - 2 (i+ cos e ) , - _T --<_ <-- (2)
Hence, the total outward force is
rTr
Fo = J P2 dA
O
= JO _"TT[PO ( I + COS _ )J[ 27TR sin Ode ]
22/3R= P
'O
The total inward force is
_/2 o
F.I =_o PI dA
= 2_TqoR2 JoSir_2¢cos Qde
= ?r qo R2
(4)
(3)
Equating equations (3) and (4) and solving for qo allows us to express the
inward pressure PI (Eq.l) as a function of P
O
qo = 2/3 P (5)
o
Substituting
_T 7T
PI = 2/3 P cos e;- -- < e <-o 2 -- --2 (6)
The net pressure acting on the flotation shell is therefore
Pnet = P2 - PI
(7)
= Po (l cos _)
T 3
The maximum value of this function is P /2 which occurs at _/2
o
-330-
AERONUTRONIC D,V,S,ONOEPH,LCOCO,_PORAT,ON.......... _'_or_._d_Om_a_y.
P /2 may be found by equating the previously derived expression for outward
fOrce (Eq. 3) to the maximum impact force where
Fmax
R3 (8)ffi 4/3 7r n Pp
Equating, we obtain
P
= o = R n pp (9)(Pnet)max _-
Thus, the maximum load acting on the flotation shell occurs 90 degrees out
of phase with the point of impact and has a value of R n p
p.
The total stress in the shell consists of a pure compression component plus
a component due to local bending. The pure compression is simply the usual
membrane stress for a sphere. The bending stress, on the other hand, is
more difficult to evaluate due to the complexities inherent in rigorous
analytical methods when applied to spherical shells. For purposes of estim-
ating the weight of a flotation shell an approxiE_te approach can be used
which provides a closed-form solution.
A mathematical model of the shell is given below consisting of a spherical
cap subjected to a uniform pressure load reacted by a distributed mount
around the free edge. Setting the edge deflection due to pressure equal
to that produced by the bending moment yields
PR 2 (I- V) 2_2 sin_ M (i0)
2Et sin _ = Et
which results in the following expression for the moment:
e_
M = PR _ (i-_)2 (ii)
4X
where X is defined by the equation
2
= R
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The total stress in the shell is
PR 3PR 2 (1- _)
O = 2-_ + 22
2X t
(13)
[ -]PR -_ f3(l- V)= 2--{ I +V(l +v) (14)
Substituting Equation (9) for (P3 in Equation (14) and rearranging terms
.... max
yields the required shell tnzc_ness.
t = 2--_ (n @p) I 3(1- _) (15)l+v)
The weight of the flotation shell is therefore given by the expression
= R4(P-_m(nP p) [1 4"_ 3(1''_) ] (16)WFLOT" 2W _-) (i + V)
Assuming the flotation shell is made of fiberglass with the following
properties:
and
Pm = 0.069 Ib/in. 3
a = 35,000 psi
m
V = 0.25
Equation (9) reduces to
WFLOT . =
SHELL
29 x 10 -6 R4 (n%) (17)
where R is expressed in inches, n (payload deceleration) in g's, and pp
(payload density) is in ibs/in 3. This expression for flotation shell
weight is presented in Figure 129 as a function of payload radius and
the impact deceleration density product.
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b. Insulation Shell. The loads acting on the insulation shell are
identical to those acting on the flotation shell except that they are applied
in a reverse manner. Thus, the previously derived expression for flotation
shell weight applies; i.e.,
WINSUL. = 29 x I0 "6 R4 (n pp )
SHELL
3
where R is in inches, P is in ibs/in, and n in g's.
P
c. Payload Structural Shell. The payload sphere is supported by the
insulation during impact so that acceleration forces are introduced on one
face. A cosine distribution for this induced pressure is assumed; i.e.,
Pe = qo cos e, - _2 -< e -<_2
Since q = 2/3 P (Eq. 5) and the maximum hydrostatic impact pressure, PA,
is 2 R _Pp(Eq. 9_, the maximum pressure acting against the aluminum shel_
of the payload as a function of payload parameters is expressed as follows:
(Po) = 4/3 R n Pp (18)
max
The critical pressure load, P , under which a spherical shell will buckle
cr
as determined by theoretical considerations, is given by the equation
2
= 2E t
Pcr V3(1- _ i)) (El (19)
This is based on a perfect sphere with no variations in thickness, material
properties, load distribution etc. A more practical form of this equation
is
2
Pcr = K E _ (20)
where the value of K may be selected on the basis of empirical data to
account for all the possible imperfections. In this analysis, for purposes
of estimating structural weight requirements, a value of K = 0.15 has been
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selected. Equating the two pressures P and Pcr as given by equations (18)
• O
and (20) yields the following expresslon for shell thickness:
R3 )½
t = (8.90 _-n_p (21)
Thus, the weight of the structure shell may be expressed as
Wstruc. =
shell
4 7T R2tPs (22)
Assuming Ps = 0.i #/in 3 and E = 10.5 x 106psi (aluminum structure) and
substituting equation (21) into equation (22) the payload shell weight
expression simplifies to
"'struc. ".... "
she Ii
where R is expressed in inches and _ is the payload density in pounds per
cubic inch. The weight of the structure shell is plotted in Figure 130
as a function of payload radius for various deceleration density products.
d. Payload Inner Structure. The weight of the structure necessary
within the payload shell to distribute the pressure loading among the
various components is proportional to the payload volume; i.e.,
Winne r = C Vp Ps
Struc.
Previous experience with Ranger capsules and other more recent capsule
designs indicates a reasonable choice for the constant coefficient is
0.0785. Assuming Ps = 0.I #/in 3 (aluminum structure) and noting
Vpayload = Vcomp. + Vstruc. we obtain an expression for inner structure
weight as a function of the housed component volumes.
where V
P
-3
Wlnner = 7.91 x i0
Struc.
3
is expressed in in.
V
P
-335-
25 -
20
cO
r-d
v
_d
15
CO
i0
n = Accelerltlon, g
pp= Payload Density, ibs/in 3
I i I
4 5 6
PAYLOAD STRUCTURE RADIUS (incbes)
FIGURE 130. WEIGHT OF ALUMINUM STRUCTURAL SHELL
nP = 262
P
nP = 225
P
nP = 188
P
nP= 150
P
nP= I00
P
-336-
AERONUTRONIC .............. c ...................... _';o r d_( (,(_o._,.((_ a _j/.
e. Limiter Cover. The limiter cover is composed of two layers of
.010 epoxy-fiberglass with an intermediary layer of .030 silicon modified
rubber. Its weight is expressed as follows:
W = 4_R 2 (0 R tR + pfg tfg)
P
where
where
P
R
fg
Wli m
cover
= 77.7 ibs/ft 3
121 ibs/ft 3
= 4.87 R 2
T
R is in ft.
P
The weight of the flotation fluid and insulation are expressed by similar
functions.
5.10.4 CONFIGURATION TRADEOFF CURVES
The size and weight of the total capsule configuration varies with:
(i) The weight and density of the housed components
(2) The impact velocity
(3) The impact load factor
(4) The payload/limiter density ratio.
Since these factors are interrelated, the design of a given payload is of
necessity an iterative process.
The volume and, hence, radius of the inner payload (less insulation,
structural and flotation shell) is established by:
(I) The fixed operational equipment requirements as depicted
in Table 5.10-1
(2) The power supply requirements as dictated by the system
configuration tradeoffs summarized in Table 5.10-11
-337-
AERONUTRONIC DIViSiON OF" PHILCO CORPORATION ASUB_ARYO, _%_)Y_)_'O;_(_//(17Z_)
TABLE 5. I0-I
MFC FIXED OPERATIONAL COMPONENTS
Operational Components
Top Tube Assembly
Azimuth Drive
Transmit ter
Tape Recorder
Other Electronic Elements
Antenna
Extension Mechanism
Caging Mechanism
Porting Mechanism
TOTAL
Weight (ibs) Volume (IN 3)....
I.20 12.0
.60 6.0
9.25 185.0
6.0 40.0
i. 75 50.0
I. 75 I0.0
.40 6.0
1.50 37.0
2.0 5.0
24.45 351.0
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3.
4.
5.
6.
7.
8.
9.
i0.
II.
12.
13.
14.
15.
16.
17.
18.
19.
20_
TABLE 5.10-II
ESTIMATED MFC BATTERY REQUIREMENTS
Picture size, degrees 24 x 24
Picture elements, 0.I ° resolution 5.76 x 104
Total bits, 4 bits/element & sync 2.50 x 105
Communication distance, AU 1.2
Transmitter output power, watts 20
Transmitter efficiency, % 17.7
Transmitter input power, watts 113
Transmitter antenna gain, db 12
Antenna beamwidth, degrees 42
Antenna pointing error, degrees 8.4
Transmitter bit rate, bps 12
Total required transmission time, hrs. 5.8
Transmission time/day, hrs. 2.0
Minimum days transmission 2.9
Energy required for transmission, watts 655
Total capsule energy, watts 719
Battery energy density, watt-hrs/Ib 40
Battery weight density, Ibs/ft 3 140
Battery weight, ibs. 18
Battery volume, ft3 .13
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(3) The thermal control fluid requirements expressed as a
function of internal heat dissipation
(4) The internal structure required to house the aforementioned
component s
Consideration of these factors allows us to calculate the internal radius
and weight of the "component payload".
To this, then, must be added the w_ght and thickness of: !) the structural
aluminum shell, 2) insulation, 3) the fiberglass insulation shell, 4) the
flotation fluid, and 5) the figerglass flotation shell. This determines
the weight and radius of the "inner payload".
The thickness of the insulation and flotation fluid are relatively fixed by
thermal and erection considerations at i inch and .i inch, respectively.
The thickness and weight of the flotation and insulation shells are a
function of both their radius and impact loading with the former exerting
the stronger influence in the realm of interest (i.e., 2000 to 3000 g's).
This latter fact allows the shells to be sized from the inside out based
on radius and a representative loading of 2500 g's.
The foregoing plus the weight of the limiter removal device, llmiter cover,
and stabilization legs establishes a "total payload weight" from which an
initial determination of impact limiter size and maximum deceleration may
be made for use in subsequent iterations. Table 5.10-111 presents the
weight allocationand load factor determined for the conceptual design con-
figuration. The method of determining these weights is discussed in detail
in Section 5.10.5.
To assess the sensitivity of the Mars Facsimile Capsule for various choices
of mission constraints and tradeoff parameters invariably ends with the
determination of a value for the total battery weight. This battery weight
must then be included in the foregoing analysis and a resultant total capsule
weight determined. Figure 131 is a plot of total capsule weight vs
maximum allowable impact velocity for various battery weights. This figure
in conjunction with picking other mission constraints and tradeoff parameters
in a manner similar to Table 5.10-11 permits the quick assessment of the MFC
parameter sensitivity.
5. i0.5 MFC SIZING
Case: 400 ft/sec
18 Ibs. of battery
719 watt-hours
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TABLE 5. i0-III
CONCEPTUAL DESIGN WEIGHT ALLOCATION
DESCRIPTION
Inner Payload:
Power Supply
Operational Equipment
Structure
Thermal Control Fluid
Total
Structure Shell
Insulation
Insulation Shell
Flotation Fluid
Flotation Shell
Stabilizing Legs
Limiter Removal
Impact Limiter Cover
Total
Total Payload Weight
WEIGHT
18.0
24.5
5.2
1.3
5.5
5.5
8.5
3.5
i0. I
3.0
3.0
27.0
49.0
66.1
115. i
Estimated Total Weight
Outer Radius
Inner Radius
Load Factor
Limiter Weight
450 ibs.
2.35 ft.
O. 605 ft.
2500 g' s
334.9 ibs.
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(a) Fixed operational equipment (Table 5.10-1):
34.5 ibs.
351 in 3
(b) Battery:
Vb = (18)(1728_140 = 222 in. 3
(c) Thermal Fluid:
(.5)(719) = 1.3 ibs.
Wtf = 284
(1.3) (1728)
Vtf = 62.4 = 36 in.
(d) Estimated Voids:
Vv = (.08) (351 + 222 + 36) = 50 in.
(e) Weight Internal Structure:
-2)V. = (7.91 x I0 (659) = 52 in.is
Wis = 5.2 ibs.
(f) Inner Payload Structure:
3
Volume = 711 in.
_',T_-Ic,ht- = /JLq rl lh_
Radius = 5.53 in.
(g) Structure Shell:
t = 89 x x (nss " Pp)
6.7
n pp = (2500) (i--_8 x 15) = 145 Ibs/in.
E = 10.4 x 106 psi
R = 5.53 in.
t = .145 in.
ss
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Outer radius = 5.67
Volume = 55 in.
Weight = 5.5 ibs.
(h) Insulation Weight:
Inner Radius = 5.67 in.
Outer Radius = 6.67 in.
= 4 19 [(6 67)3 - (5 67)3 ] = 473V i • . .
W. = (.274)(20 ibs/ft 3) -- 5.5 ibs.
l
in.
(i) Insulation Shell:
Inner Radius -- 6.67 in.
R 2 "P [ -, _(i- V)'Iv + It. = _ (nP) i + _/ 1xS 2_
= 35,000 psi
= .25
t. = (4.85 x I0 -3) R 2 = .216 in.
is
Vis (_) D 2= tis = 121 in. 3
3
Shell density = .07 ibs/in.
W. = 8.5 Ibs.
IS
(j) Flotation Fluid:
Inner Radius = 6.886 in.
Thickness = .i in.
Density = I00 Ibs/ft 3
Weight = (_D2t) # = 3.45 Ibs.
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(k) F_otation Shell:
Inner Radius = 6. 986
= 10"3)R 2 .tfs (4.85 x = 236 in.
Vfs = 7TD2t = 144.5 in.3
Shell density = .07 ibs/in. 3
Wfs = i0.I ibs.
(I) Limiter Cover :
By successive iteration with the impact limiter design
curves the limiter cover weight, total capsule weight, and total
capsule radius can be found. For the case at hand:
W_c = 4.87 R 2 = 27 ibs.
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SECTION 6
APPENDICIES
6. i ENVIRONMENT MODEL
6.1.1 SURFACE MODEL
It is obviously not possible to make any definitive statement as to
Martian topography or surface character. The Martian surface has never
been seen with a resolution greater than about 75 km. Some inferences
and educated guesses can be made, and these must serve until firmer
direction is given to speculations, perhaps by a Mars Mariner.
There are no abrupt elevation changes on Mars greater than about
2000 meters unless they lie almost east-west. Such changes would cast
shadows observable from Earth. Irregularities in the edge of the disk
would also be noticed. A gradual change of almost any amount would remain
unnoticed, however. It is even conceivable that the difference between
dynamical and optical oblateness is due to a nonequilibrium bulge at the
equator, a bulge rising several kilometers above the mean figure. Such
gradual changes are not important to a lander in any event. Abrupt
elevation changes due to fault scarps could easily exist, although they
are not as likely as on Earth. It would be difficult to protect against
such a formation anyway, so assume they do not exist. In an actual flight
some insurance against fault scarps, volcanoes, etc., can be acquired by
avoiding landings in certain suggestive areas.
On a smaller scale one may expect to find a number of meteor craters.
Mars is nearer the asteroid belt and has a much thinner atmosphere then
Earth. Features such as the Arizona Meteor Crater should exist in
significant numbers as well as some larger craters with accompanying
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secondary craters and ejecta. Nothing remotely approaching the Moon in
either crater size or number is anticipated, however.
There most definitely seems to be dust and sand on Mars. The evidence
for this has been set forth in numerous books and articles. The ability
of the dark areas to recover from a thorough dusting would indicate that
the amount of dust and sand involved, on the average, can be measured in
centimeters rather than meters, since the best evidence is that the dark
areas are generally, if anything, somewhat lower in elevation than the
bright areas.
The existence of ancient ocean basins and sedimentary rocks on Mars can
certainly not be ruled out. Neither is there any positive evidence for
them. Such positive evidence as exists, polarimetric and spectrometric,
is indicative of finely divided oxides of iron in various stages of
hydration in the bright areas. This says little about the underlying
rocks, although the limonite type dust and sand must obviously come from
somewhere. For want of a better guess, basalt can be assumed as the
underlying rock.
In summary, assume a basaltic surface, sometimes bare, sometimes with as
much as 50 cm of powdered limonite on top of it. It is not easy for wind
to move very finely divided material. Assume the sand (Limonite) con-
sists of particles with diameters from 0.5 mm to 3.0 mm. Assume there
is a small amount of dust present, diameter 5_ to 50_, but not nearly
enough to fill up the interstices in the sand. Assume there are randomly
scattered rocLs and boulders with jagged shapes (ejecta, not water worn)
in all sizes from 3 mm on up to 2 meters in mean diameter (mass effectively
infinite with respect to the payload). Assume the prevailing slopes are
gentle (less than five degrees) except for craters. It must be assumed
that should the payload land in a crater, however, that it could roll for
a considerable distance if its shape were generally spherical.
6. i.2 SURFACE ENVIRONMENT
Winds will never exceed 60 meters/second and will be less than thirty
meters/second for 80 percent of the time. The most likely time for high
winds will be late afternoon on Mars. The surface pressure is 40 ! 20 mb,
consisting of 3 mb of C02, 2 mb of A, and 35 mb of N2. Oxygen has never
been detected and is certainly less than 0.i mb. There are 14 ! 7_ of
precipitable water vapor in the atmosphere.
The absolute maximum daytime ground temperature for a bright area near
the equator at perihelion is 310°K. The atmospheric temperature at a
height of 2 meters above that location os 250°K. The absolute minimum
ground temperature for that location is 200°K (near sunrise). The minimum
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ai" temperature will be about the same or slightly higher. Use 205°K, if
you need a number. Dark areas will generally be five to ten degrees
warmer than bright areas during the day. At night? Approaching the
poles the minima will remain about the same, while the maxima decrease
to a value only slightly greater than the minima.
6.1.3 GEOPHYSICAL PARAMETERS
The Martian gravitational constant GM is 4.297780 x 104 Km3/sec 2 where
M is the mass of Mars and G is the universal constant of gravitation.
The mean radius of Mars is 3360 km. The dynamic ellipticity of Mars e
is 1/191.8. The equatorial radius is 3374 _n, and the polar radius is
3347 km. These numbers are all subject to error, of course, but an
analysis of these errors is not critical for the present study.
The period of rotation of Mars is 24 h 37 TM 22_ 6689. The coordinates of
the Martian north pole are _o = 316955 and 6o = 52985, epoch 1905.0.
The inclination of the Martian equator to the orbital plane may be taken
as 25 ° . Again, possible errors in these values are not critical to the
task at hand.
6.1.4 PHOTOMETRIC CHARACTERISTICS
The Sun's electromagnetic output is a reasonably well known quantity.
The Martian atmosphere and surface are no___twell known quantities, making
specification of surface light levels and spectral distribution a some-
what problematical undertaLing. The best model for the present under-
taking would seem to be a simple one, since much elaboration could be as
easily in the wrong sense as in the right.
Assume the solar constant is 2.00 cal/cm2/min at on_._eeAU from the Sun,
with the spectral distribution as given in Allen's Astrophysical Quan-
tities, 2nd. edition (1963) on page 172. Assume the atmospheric
transmission and solid surface reflectivities given by Opik in "The
Atmosphere and Maze of Mars," Journal of Geophysical Research, Vol. 65,
No. i0 (October 1960), pgs 3057-3063. While not necessarily subscribing
to Opik's interpretation, his (Barabashev) data is based on observation
and should be satisfactory for this study, although it undoubtedly con-
tains errors due to the small equipment used. The data extends only to
4000 A. It is generally (though not universally) assumed that there is
ozone in the Martian atmosphere. Therefore, assume said atmosphere has
essentially zero transmission from 2200 A to 3000 A and a linear trans-
ition from zero to 3000 _ to the 0.051 at 4050 A given in Opik's article.
Throughout, the visible, discrete absorption should be considered negligible.
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Radiation levels and spectral distribution will thus be assumed to be
strictly those of the Sun as modified by the assumed atmospheric trans-
mission (given as a function of wavelength) and as reflected from the
surrounding terrain (aerrain?) of given reflectivity. Changes in light
level due to local topography (landing in the shade of a boulder, etc.)
will be more severe than errors in this relatively simple model.
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6.2 STUDIES OF BASIC PROBLEMS IN THE DYNAMICS OF CRUSHUP
These studies were performed in order to arrive at a fundamental understanding
of some of the essential features of dynamic crushup phenomena. In order to
eliminate mathematical complexities which tend to obscure some of the essential
physical aspects of the phenomena under consideration, certain simplifications
and idealizations were utilized in the analytic studies. The approach adopted
was to select mathematical representations which distill out the essence of
_1.. ..... 1- _ 1 flLLL= pLuulem wnxle avoiding excessive mathematical complexities; that is, to
retain the important fundamental characteristics of the physical situation
being modeled and thereby highlight and focus attention on the salient
features of the phenomena. The studies in this appendix are concerned with
the treatment of "one-dimensional problems"which illustrate some important
characteristics of the SHOCK WAVE NATURE of the propagation of crushing
deformation.
6.2. I LOAD APPLIED TO CYLINDRICAL MASS
//
[A = area
Po = mass
density
i
y/7/"I
Y
I r
( 1.0
c
Model of
Material
Mechanical
Behavior
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The model adopted to represent the mechanical behavior of the material is a
simplified idealization which retains the essential features characterizing
the deformation of crushable materials such as balsa wood. Crushing deform-
ation takes place at a constant stress level@ until a compressive strain of
magnitude6 c is reached. Thereafter compress_ility is negligible (relative
to the magnitude of _c) and stress increases at essentially constant strain.
At stresses smaller thanOy, compressibility is negligible compared to the
magnitude of 6 c . Strain rate effects are not considered. Crushing deform-
ation is dynamically propagated by means of a "shock" process; that is, in
a differential time increment a differential element of the material crushes
up to the strain_c. For a finite rate of propagation of crushing deformation
the stress in the crushed material (material at strain6c) must exceed the
yield stress Oy by a finite increment. The stress in the uncrushed material
is Oy. The situation is depicted below.
' t
\
ZoDe of
Crushed /
Material
|
/,,//1/,,,
_- _x_ _L _x_
a A
Y
x
$
--F £
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The stress level _c in an element of material in the crushed zone exceeds the
yield stress Oy by a finite increment as indicated in the above sketch. For
the situation depicted in the above sketch, _c will not be uniform (that is,
constant) throughout the crushed zone unless the time dependenceof the
applied stress @ais such that the velocity (dx/dt) of the crushed material
is constant (that is, d2x/dt 2 = 0). It should be noted that according to
the model adopted for the mechanical behavior of the material, as indicated
The differential equation governing the dynamic propagation of crushing
deformation for the situation under consideration can be obtained from the
straightforward application of momentumprinciples:
°[ ]_a - Oy Po (x + 6) _-_ + x --at(x +6)
or
]
_a - Oy = Po _ (x + 6) x (2)
where
dx
x - dt
But
x = 6c(X + 6) or x + 6 = x/g c
so that Equation (2) becomes
(Oa _y)_c = d (xx) (3)
Po dt
since
d_
C
- 0 (4)dt
Integrating Equation (3) between the limits x, x, t and Xo, Xo' to for a
constant applied stress Oa (that is, d(_a/dt = 0):
6 c ay)
(t - to)_ (5)x_ - Xo_ o ="
Po
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Integrating again between the samelimits:
2 2 Ec (_a - Uy) (t 2
x - x = - - to)
o Po to) + 2 XoXo(t
(6)
Eliminating (t t ) between Eqs. (5) and (6):
o
2
x - 2 Xo-'2 Xo [.2 ec(_apo-°y) ] + _c(C_a-oy)p
x O
(7)
For x = O, Eq. (7) gives
O
i
•2 6c ( Oa - O'y) "_/_
x = or _ =
'°o Po
I (8)
v_a_nab_e the c_=ss_a_Eq. (8) is a well known re ...........
.... A _m_iona!Rankine-Hugonint relations governing the general case of one .........
shock wave propagation I [Note that d_a/dt = 0 in Eqs. (7) and (8).]
If c_a = C_y, Eq. (7) becomes
x
x = o :_ (9)
x o
xEq. (9) is valid only for x + 6 = _ <__ . It is seen that x is non-zero
only for non-zero x o and Xo. Eq. (_) would describe the dynamic propaga-
tion of crushing deformation in the following case for t >t I (replacing
Xo, Xo in Eq. (9) by xI, Xl below):
t = t : x = 0, x = 0
o o o
to < t _ tl: C_a -% > 0
iSee Goldsmith, W., Impact, Arnold, London, 1960, p. 147.
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t <t<t :
o -- i
_/._c( °a" oy)
V Po
__/'Cc(O a - _y)
x =V Po (t - to)
I
_/ec(O a-oy)
t = tI : iI = p
O
xI Jlf e=(_a" °y) (tI
- V PO " tO)
t_ tI : Oa-Oy = 0, and replacing Xo' Xo in Eq.(9) by Xl, 51: i = 51Xl/X
Returning to Eq. (8) and rewriting it as follows:
(Oa " _y)ec = _x 2
w g (IO)
0
where W = po/g = weight density of material
O
and g = 32.2 ft/sec 2, and expressing _a- _y in psi and W °
with _ in ft/sec (fps), Eq. (I0) becomes
C c(Oa-_y) = (2.15 x I0 -4) 5 2 [(psi)/(pcf)]Wo L (fPs)z
Eq. (10a) is plotted below
O
V
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i0
o,-- -.'_ ! _ !
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-354-
in Ib/ft 3 (pcf),
(lOa)
I
400
AERONUTRONIC D.V,S,ON OF PH,LCO CO.PO.AT,O. ............ J_Ordj_O/o_r(_07_(_.
The plot below shows values of _c(@a-_)vs _ for two values of W represen-
tative of the range for balsa wood: o
.r4
%.J
180
140
U
.% 100
b
!
b _
v 60
20
" Wo= I0 pcf W
= 5 pcf
O
i i
0 i00 200 300 400 500
(fps)
It is seen that for
less, then
ay _ 103 psi, W ° = i0 pcf, and _ _ 200 fps or
a -a _0.i a or less.
a y y
For W = 5 pcf O=-_v _0.1_vor less if _ _300 fps or lessO _ -
velocities _,Oa-Oyrapidly increases.
For higher
6.2.2 IMPACT OF RIGID MASS WITH CYLINDRICAL LIMITER
(CRUSHABLE MATERIAL) ON RIGID PLANE
The situation under consideration here is indicated in the following
sketch.
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The model for the mechanical behavior of the crushable material is that
adopted for use in the previous section. The stress in the zone of crushed
material is Oc . Since the crushed material has been stopped and brought
to rest, the material in this zone does not experience any accelerations
after the passage of the "crushing front" , and therefore the stress_c is
uniform (constant) throughout the zone of crushed material. In the un-
crushed material immediately adjacent to (ahead of) the crushing front the
stress is _y.
Impulse-momentum considerations across the moving crushing front give rise
to the following relation between the stress discontinuitYac-Oy across
the front and velocity V of the oncoming material ahead of the crushing
front:
* At the "crushing front", the finite stress discontinuity Oc - _y reduces
to zero the finite velocity of a "differential element" of mass zn a
"differential increment" of time.
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@
Oc -oy = Po(v +6)V
dx
Noting that V = _ = d-_
(i)
(2)
and x + 6 = x/ec
so that V + _ = X+_ X V
6 c "Cc
(3)
(4)
Hence, Eq. (I) becomes
P
o 2
ac'Oy = _ V
C (5)
or
V 2 = _c (ac " Oy)
Po
(5a)
As in the case of Eq. (8) of the previous section, Eq. (5a) above is a
well known relationship directly obtainable from the classical Rankine-
Hugoniot relations governing the general case of one dimensional shock
wave propagation.
Impulse-momentum considerations applied to the entire mass of the system
lead to the following differential equation:
or = _+Po _- (x_a) 7_ +povT_(x+6)
"" - - - (6)
Using Eqa. (2), (3), and (4), Eq_o(6 ) becomes
• I __GC-- + Po (_ "-c)J _ _c (6a)
Eqs. (5) and (6a) yield the following differential equation:
_yA = - M+A Po (_ -_c ) _ (7)
Equation 7 says that the acceleration of the oncoming mass ahead of
the crushing front is governed by the vertical force acting on
the area immediately adjacent to and above (ahead of) the crushing front.
This force is determined by the yield stress G and the area of the
crushing front. Y
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dv d__vv. dx in conjunction with Eq. (2),
Utilizing the transformation d-_ = dx d-_ '
Eq. (7) yields the following differential equation:
=5_ 1
1
w
Integrating between the limits V o, 0 and V,X:
P
o
fy
cy
or
(8)
(9)
-_- =log 1+ A'_Or /
X i e I+
6c_
(9a)
The crushing process ceases when V = 0. The value of x given by Eq. (9a)
for V = 0 is then the maximum stroke of the limiter during the dynamic
crushing process. (Since x = 6c _ is the maximum possible crushing stroke
of the limiter, the above equations are valid only for values of
(x/6 c_ ) _I. Beyond this point the limiter "bottoms out" and phenomena
not modeled in the above mathematical description begin to take place).
Denoting the maximum stroke of the limiter (value of x when V = 0) by
xf, Eq. (9a) gives
ec _ i - e v,)()<'O'y -'_ 1 + _po,_ (10)
Using Eq. (I0), the ratio of the initial kinetic energy of the system to
the "quasl-static" energy absorption capability of the limiter (acting
through a stroke of length xf) can be computed to be
V 2( )oM + APo_ T
A a yXf 2
PoVo
where _ " 26 (7
c y
l_e mj_
(11)
(12)
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The right hand side of Eq. (ii) is always greater than unity for _ >0.
Therefore, for V >0 the initial kinetic energy exceeds the "quasl-static"
o
crushing energy absorptlon capability of the limiter for a stroke of
length x_. The reason for this lies in the finite stress discontinuity
a c - ay f at the crushing front. This finite discontinuity constitutes a
sNock wave; that is, the crushing deformation is propagated by a finite shock
wave at the crushing front. It is well known that mechanical energy is not
conserved in the propagation of finite shock waves. Total energy, of course,
is conserved, and the energy balance is accounted for by recognizing that
a portion of the mechanical energy before the shock appears as heat behind
the shock. This is the well known phenomenon of "shock heating". For the
analogous situation of finite shock wave propagation in a gas, it is well
known that the process is nonisentropic; that is, energy is irreversibly
converted into heat across the shock front. The energy thus dissipated as
heat increases with increasing Mach number ahead of the shock; that is, with
increasing shock strength. In the situation under consideration herein,
Eq. (5) shows that the shock strength Oc-_y at the crushing front increases
with increasing velocity of the material aNead of the front. Eqs. (ii)
and (12) show that not all of the initial kinetic energy of the system is
absorbed in mechanical crushing of _^LL_= limiter, but with increasing initial
velocity, an increasing proportion of the kinetic energy is dissipated by
shock heating.
Plots of Eq. (ii) are shown in Figure 132.
6.2.3 SHOCK HEATING
A stationary plane shock wave (crushing front) is considered. Uncrushed
material approaches the front with velocity V and density Po and behind
the front the crushed material has density Pc and velocity V . The stress
in the crushed material is c
/Dc , _3c
V
c
--crushing front (shock)
* The "quasi'static" energy absorption capability of the limiter for a
stroke of length x is the limiting value as i = dx/dt = V-_0, and is equal
to @vx. See previous section; here it is seen that the applied stress
apprbaches _y as i--_O.
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O_ and in the oncoming uncrushed material the stress is _v " The model
a_opted to represent the mechanical behavior of the material is the same as
that utilized in the previous sections.
A one dimensional crushup shock is considered, so that
Po= (i- ¢c)Pc (i)
Conservation of mass gives
@oV= PcVc
Equations (I) and (2) give
(2)
V = ( i - 6 ) V (3)
c c
The equation for conservation of momentum is
Po v (v-v c) =o -o
c y (4)
Eqs. (3) and (4) give
2 6 =a -- O
PoV c c y (5)
The equation for conservation of energy is
y c c L _ . c _ (6)
where (_ I) is the increase in specific internal energy (that is, internal
energy per unit mass) across the shock, Eqs. (3) and (6) give
I- "I
CI -- O" (i -- 6 ) = @o I (ZX I) + V2E (e - 2) I (7)
y c c L T c c J
Eqs. (5) and (7) give
Po(al) : i (ac+a,)e
Y
(8)
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The energy dissipated by shock heating is the increase in internal energy
less the increase in mechanical energy of deformation across the shock, so
that the specific (per unit mass) energy (AE) d dissipated across the shock
is
Po (AE) d = Po (AI)- Oy cc (9)
Eqs. (8) and (9) give
I
(AE) =
y c (io)
Eqs. (5) and (i0) give
(AE) = 1 V 2 e2 (ii)
d 2 c
where again, (AE)d is the energy per unit mass dissipated across the shock.
Below is a plot showing the energy dissipated in BTU per lb. as a function
of the velocity V in feet/sec (fps) for c = 0.8.
C
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6.2.4 ENERGYBALANCEIN SHOCKWAVEEFFECT
The situation considered is a cylindrical mass impacting a rigid plane, as
depicted below:
V
O
9
///"
,,,--m=P A_
O
I---1
i X
, --T
crushed
material,
mc = Po A (X+_)
x= ( (x+B)
c
1 - ("
B- c x
c
dx
- V
dt
The model adopted to represent the mechanical behavior of the crushable
material as it deforms under dynamic crushing conditioms is the same as
in previous sections.
The stress in the crushed material (which has been brought to rest) is
_c' and the stress level in the oncoming uncrushed material just aLhead
of the "crushing front" is 0 ; the flnlte discontinuity in stress across
the crushing front" is Oc-@_
Conservation of energy across the shock (i.e., the "crushing front") is
expressed by the following equation:
Oy V = Po V _J I -- _ (i)
where _ I is the increase across the shock in specific internal energy
(that is,internal energy per unit mass).
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Since
d6 dx + d6
V + d-'-{ = d-_ d t
Eq. (i) becomes
i dx V
dt 6
c c
(2)
1 p V2 + _ £ (3)
Po AI -- 2 o y c
The energy dissipated across the shock is the increase in internal energy
less the energy absorbed in the mechanical crushing deformation of the
material; that is,
i V 2
Po Ediss = Po A I- fly 6c = _ Po (4)
where Edfss is energy per unit mass.
Conservation of momentum across the shock is expressed by the following
equation:
dm Idx d6)( ffc " O )A = V _ A + V (5)y t = Po _ _--
Using Eq. (2) Eq. (5) yields
P V 2 = (ff -_ )6
o c y c
Using Eq. (6) Eq. (4) can be written
(6)
i (C - ff ) 6 (7)
Ediss = 2 c y c
Momentum conservation for the entire system is given by the following
equat ion :
d [ ] dv dmcffc A = _-{ (m - mc) V = ( m - mc) -_ - V -"{- (8)
Using Eq. (5) Eq. (8) becomes
dv
- O A = (m - m) (9)Y E
-364-
Writing dv dx dv = vdvd--{-= dt dx d_x (IO)
Eq. (9) becomes
dv
- O A = (m - m ) V -- (ii)
y c dx
(v2)
Y A dx = (m - mc )VdV = (m - mc )d -_ (12)
or
V2 ] V2Y A dx = d (m - mc )-_ + _- dmc (13)
integrating from X = 0, u,c - 0; V = V to X, m c V, Eq. (13) yields
o
[ ]io- _ Ax = I c V 2Y _ (m - mc ) V2 - mv2o + m2 dmc (14)
o
The left side of Eq. (14) is the mechanical energy of crushing deformation
and the first term on the right hand side is the change in the kinetic
energy of the system. According to Eq. (4) the energy per unit mass dissi-
pated across the shock is
I V 2 (15)Ediss =
so that the to____talenergy dissipated across the shock during the impact
sho_k compression process from X = 0, V = V m = 0 to X, V, m is
--c V2 o' c c
o _- dmc'
which is the second term onthe right hand side of Eq. (14). Writing
Eq. (14) for conditions when the oncoming mass has been brought to rest;
that is, V = O, x =xf, m = m:c
m
I _ V 2mV 2 = _ Axf + dm (16)o y -_ c
o
Eq. (16) shows that the initial kinetic energy of the system is absorbed
in mechanical crushing PLUS SHOCK DISSIPATION.
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6.3 STUDIES OF SPHERICAL IMPACT LIMITER DYNAMICS
In this appendix, analytical studies are presented for a number of aspects
of spherical impact limlter dynamics. A limiter constructed of a crushable
material such as balsa wood with radially oriented grain is treated. Only
symmetrical impact is considered.
In the first section, impact against a curved surface is considered. Both
concave and convex hemispherical surfaces are treated and the results for
the limiting case of a flat surface (that is, infinite radius of curvature)
are presented. Expressions are developed for the forces acting and the
energy absorbed in mechanical crushing deformation. The finite depth of the
stopped, crushed material above the impact surface is neglected and the
energy dissipated in the shock wave propagation of the crushing deformation
is not considered. Calculations based on the one dimensional analysis
developed in Appendix 6.2 indicate that for balsa wood the shock wave
dissipation energy is only about 5 percent of the energy of mechanical
crushing deformation at an impact velocity of 300 feet per second and around
15 percent at 500 fps (corresponding to impact velocity absorbing capability
increments of less than 2.5 percent and 7.5 percent, respectively). Physical
reasoning based on this analysis indicates an even smaller effect for the
case of a spherical limiter. In a subsequent section of this appendix, an
analysis is developed which accounts for shock dissipation effects to a
first approximation for a spherical limiter impacting a flat surface.
Numerical calculations based on this analysis indicate that the impact
velocity absorbing increase corresponding to the shock dissipation effect
is about 5 percent at around 450 fps impact velocity. Thus, it is felt that
the neglect of this effect is justified in an analysis which is aimed at
obtaining an initial assessment of the effects of impact surface curvature.
In the second section of this appendix, an analysis is presented of a non-
homogeneous limiter which has discrete laminations; that is, the limiter is
constructed of a number of layers of crushable material each having radially
oriented grain. The properties of each lamination are constant throughout
that layer and each layer can have properties (and thickness) different
from the others. The aim of the investigation is to provide an analysis
which affords an initial insight into the effects of this sort of limiter
nonhomogeneity. Impact on a flat surface is treated and shock phenomena are
not considered.
The next section of this appendix presents a rather general analysis
accounting for shock phenomena in the impact of a mass of crushable material
against a rigid surface. Explicit results are presented for a spherical
mass and a flat surface.
The problem of payload breakaway, or "the cannon ball effect" is studied in
the final section of this appendix.
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6.3.1 CURVED IMPACT SURFACE EFFECTS
In this section, the symmetrical impact of a spherical limiter of crushable
material against a curved surface is considered. Concave and convex
hemispherical surfaces are treated. The almof the analysis is to afford
an initial assessment of the importance of impact surface curvature. As
discussed in the introduction to this appendix, shock wave effects are not
considered.
Radial sections through the limiter and curved impact surfaces are shown in
Figures 133 and 134, for the concave and convex cases, respectively, and the
essential features of the geometry of the situation are delineated therein.
The outer radius of the limiter is denoted by R, the radius of the impact
surface by Rs, and the "impact stroke" by s. The limiter has radial crushing
strength O and cross grain strength, _ O. The differential vertical force
dFv acting on an elemental ring of the curved impact surface intercepted
between the conical surfaces defined by the angles _ and , +d , is
dF = [_ (r d*)(2_r sin_)] cos*
_O r d W tan (_#) (2_7r sin@
= 2 _O [cos* +_tan (_!_)sin*Jr 2 sin_d* (i)
In the above equation and in the analysis to follow the upper sign (_ or T)
applies to the case of the convex impact surface and the lower sign to the
concave surface.
Integrating equation (i) over the surface in contact with the limiter
Fv = 27[R2 Yo_fO [c°s_+_tan(_i_)sin*]I_)2 sin*d_ (2)
where from the law of cosines
Also from the law of sines it can be shown that
= _" _ 4" sin-i I[(i _+ -- S sing
= _ _ + sin -I i + I - (S/R)_sin,]
-- Rs/R
J _
The upper limit of integration is found as follows:
(4)
Noting that
= sin_rsin, R s (5)
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and evaluating Equation (5) at the upper limit of integration _f, one finds
_f sin-i (RR-s )= sin _f (6)
where _f is the value of _ corresponding to _f, and can be found from
Equation (3) by noting that when _ = _f, (r/R) = i, and _ = _f, _o that
cos _f = I - (2R - S)S2Rs[R s _+(R - S)] (7)
Evaluating sin _f from Equation (7) and substituting in Equation (6) gives
As R s --_ 00, _ _ 0 and the curved surface approaches a flat surface.
For this case it can be shown that the above set of equations reduces to
the following:
= (I(cos_ + _ tan_ sin_) sin_ d_ (9)
v o
where
r (S)R - 1 -i Icos_ (i0)
and
(s)_f cos -I i - _ (ii)
Equations (2) , (3) , (4) , (8) , (9) , (I0) , and (ii) have been progranm_ed for
high speed automatic digital computation for the general case inwhich the
crushing strength o is an arbitrary function of radial location in the
limiter, expressed by the radius ratio (r/R). Also, the energy of crushing
SfI"
deformation Ec = J FvdS over an arbitrary impact stroke Sf has been
o
programmed for digital computation. Actually values of F /2_R 2 and
Ec/2_R 3 are computed, v
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In the case where the crushing strength O is constant, that is, is independent
of (r/R), the integral for the vertical force Fv can be evaluated in closed
form. It is convenient to transform the variable of integration, in this
case from _ to _. Noting Equation (5) and also noting from Figures 133 and
134 that
rd_ = (Rsd _ cos(_+ _) (12)
Equation (2) can be written
= cos_ cos(_+ _) +_sin¢ sin(_ + _) sin 9d_
v s -- --
(13)
From the geometry of the situation as delineated in Figures 133 and 134, it
can be shown that
cos_ = l_RsCOS_+ [Rs + (R - S)]l r-! (14)
and
cos (¢ + _)
sin(¢ + _)
= I;Rs + [Rs + (R- S)] cos@}r -I
: {[Rs + (R- S)] sin_}r -I
(15)
(16)
where r is given by Equation (3). Using Equations (14), (15), (16), and
(3), the integrand in Equation (13) can be expressed entirely in terms of
the variable _, and the resulting expression can be integrated in closed
form. Using Equation (7), and after considerable algebra, the following
result is obtained:
Fv. i + _ (I 2)[q (1 F_o)
_TR2_ 2 - _o - -
s
where
q : (1 + p2)/2p
X = R/R
s
(1 -=) (17)
(18)
(19)
(20)
(21)
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The corresponding result for a flat impact surface can be obtained either
by integrating Equation (9) directly, holding a constant, or by evaluating
the limiting form of Equation (17) using Equations (18) through (21) as
Rs _ _. The result is
= 2(i- _)Z 2 InZ + _I- Z2_ (22)F
_R2a I
where Z = i - (S/R) (23)
Using Equations (18) and (19) to express the right hand side of Equation (17)
entirely in terms of the variable p, and noting from Equation (20) that
i
dp = _- ds (24)
S i
The energy of crushing deformation E = --[SfF ds, evaluated over an arbi-
C JO V
trary impact stroke Sf can be evaluated by direct closed form integration,
leading to the following result:
SfF ds
V
O
+ i 2 i + 0_) 2 - (i - =) (pf
(i + _) 2 - (I 0_) 2 + Pf
2 [i -_ Pf - Po 7 - 13e Pf Po
_/ 2 + 24 3
+ _ _f - _ + 2pf- _pf in
l)
Po
- Po)
(25)
where
(26)
Po i_+ _. (27)
and is given by Equation (21).
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The corresponding result for a flat impact surface can be arrived at either
by evaluating the appropriate limiting form of the above or by integrating
Equation (22) directly. The result is
Sf
/o [.3.1[
T[R3 _ = 2(1 -0_) (31nZf - I) + i + O_ (i - Zf)
where
(28)
Zf = i- (Sf/R) (29)
iMP_ul ,,L.llIER6.3.2 "^........ SP_IER_,. ... .L_'_'iJ.L_I ELi I T_A T T_ ^ _r_
In this section a laminated spherical impact limiter is analyzed. The
crushable material of each lamination is considered to have radially oriented
grain and the mechanical properties are assumed to be constant throughout
each layer. An arbitrary number of layers is considered and the properties
and thickness of each layer can be different from those of the others. The
aim of the investigation is to provide an initial insight into the effects
of limiter nonhomogeneity. Impact on a flat surface is treated and shock
phenomena are not considered.
The number of laminations is denoted by n and the outer radius of the ith
layer is denoted by R i. The crushing strength of the ith layer is denoted
by Oi and the cross grain strength ratio by _i. The outer radius of the
limiter is denoted by R and the impact stroke by S, and it is convenient to
adopt the following additional notation:
_/. = R./R (i)
i l
S
Z = 1 - - (2)
R
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When crushup has progressed to a point such that the impact surface has
reached the jth lamination, that is R.j >- R - s >Rj_I (3)
or 7j >--Z >_j.l (4)
Then the vertical im]_act force is calculated by integrating Equation (9)
[with Equation (10)J of the preceding section over each of the crushed
layers (that is, laminations j to n) and summing; Denoting eho _.... +
force at this stage by Fvj ,
V. 2
------1__ _ Z
- i (cOs_ + _i tan_sin_) sin_ d_ (5)
2 7rR 2 i=j "-
Noting that O i and Z do not vary during the integration, Equation (5)
can be written
V.
_ = Z 2 (tan_ + _. tan3_) d_ (6)
2 "n'R 2 1
i=j _i-i
The upper and lower bounds of integration are given by
cOS_K = (R- S)IR K = Z/_K, (K# j- i) (7)
_j-I = 0 (8)
AlSOnotingnOteEquationsthat_ _7; andl"Performing(8),the integration indicated in Equation (6)
-----/-- = (i - =i) In -- + _-- i " V -i2 71"R2 _i Z2 7i =i .2
i=j+l 7i-I
+ Oj [Z2(l- O_j)in _J +('Y_Z - Z_] (9)
The energy absorbed in crushing deformation over an impact stroke Sf, where
Rm _ Sf >Rm_l, is obtained by integrating the force over each layer from
j = n to j = m + I, and over the crushed portion of the m th layer as follows:
/of Fv ds = j-i Fv ds + Fv ds
. m
m+l j "_ m
(t0)
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Using equations (I), (2), and (9), the integration indicated in Equa-
tion (IO) yields
n
ffFdsO V _--
2 _TR 3
j = m+l
+ _.
J
i = j+l
)( )].y2 2 _/.i - _i-I _/j j-i
(i- _.)i [ 3 (3 in _j-i _ i) + _3]j _ VJ-I Vj .J
_ _-_-_ _-__,+ _j _/22 j
n+ a i -
i = m+l
[ 3 - "y3-1) (i- _i) in _
3 i - _i in --
Zf _ -i
(1l)
For a limiter with two laminations, Equations (9) and (ii) above reduce to
the following: In th---_outside, or second, layer, the force, F , and the
v 2
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energy are given by Equations (22) and (28) of the previous section with
@ = @2 and _ = _2. In the inside, or first, lamination
F
v 1
2 _TR 2
y SfF ds
o v
2 7TR3
6.3.3
_i Z2 i - O_I in _-- -_-- _/i - Z2
+ a2 Z2 i - O_2 in_l + _ i -
= a 2
+ _2
2
+5
(i- _2)i (3Z3f in _i + i- _31)
n
( )2I 3 __/i - Zf -_ I -_/I i
( )[(z.i 3 3 in-- -1 - =I _ Zf 71
EFFECT OF STOPPED, CRUSHED MASS
71 -
,)+z1
.0]
(12)
(13)
Crushing deformation is propagated by a shock wave phenomenon, as indicated
in Appendix 6.2. If the mechanical model utilized there is adopted to
represent the essential features of crushable material dynamic behavior,
the oncoming crushable material is suddenly brought to rest across a
"crushing front" and compressed into a relatively small zone between this
front and the impact surface as indicated in Figure 135. There has to be
a finite discontinuity in stress across this front in order to achieve the
sudden finite velocity change, and so the crushing front is actually a
shock wave. For the model of material dynamic mechanical behavior utilized
in Appendix 6.2, the stress immediately ahead of the crushing front is the
crushing strength (that is, the constant stress level at which quasistatic
crushing takes place*). The vertical force corresponding to this crushing
*The model does not consider strain rate effects.
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stress immediately ahead of the crushing front will be denoted here by F
and the vertical force immediately behind the front will be denoted by _c
as indicated in Figure 135. The force discontinuity across the front then
is F c - Fv. Since the mass of crushed material has been brought to rest
and experiences no further accelerations (according to the model adopted,
as discussed previously), the vertical force acting at the impact surface
is also Fc as indicated in Figure 135. The mass of the entire system will
be denoted by m T and the mass of the _eopp=A ....._-=........ o.=u material by mc, so that
the moving mass m of the system is
m=_ -m c
Impulse-momentum considerations written for the entire system give
d dv dm (2a)
- F =_-(mv) =m_ +v_C
dv dmc
= (my - mc) _ - V d-_- (2b)
Impulse-momentum considerations across the shock wave (crushing front) give
(F c - F ) dt ffivdm (3)y c
d_1 c
or F - F = v-- (4)
c y dt
Equations (2b) and (4) give
dv
Fy = - (mT - mc) (5)
dv Fy
or _= mT - mc (6)
Noting that dsdt - v (7)
where s is the impact stroke as indicated in Figure 3, and using the
transformation,
dv dv ds dv
dt - ds dt - v _s (8)
Equation (6) can be written
F ds
vdv = - Y
mT" mc
(9)
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Integrating Eq. (9),
I/2 (Vo 2 - V2) =fos Fy ds
_ _ mC
(IO)
where V is initial impact velocity.
o
For a spherical mass impacting a flat rigid surface, if, for a first
approximation, the depth ( in Figure 135 ) of the zone of crushed material
is neglected, then
S2 (3R S)p_m = --c 3
where S is the impact stroke as indicated in Figure 135, R is the radius of
the sphere, and P_ is the density of the material before crushing. Since the
crushing front is essentially a flat surface if 6 is regarded as negligible,
the force F is then essentially Fv given by equations (22) and (23) of
section 6.332 of this appendix. Then, writing Eq. (!0) (for V = 0),
the result is
2 3 O /f h(x) dx (12)Vo : 2 P_ g(x)
o
where x = S/R
h(x) = _x (2-x)-2(I- C_)(l-x) 2 In(l-x)
i 2
g(x) : #- _ x (3-x)
4 R3
(13)
(14)
(15)
(i6)
G = Oy = material crushing strength
(17)
xf = sf/R (18)
where sf is the final or total impact crushing stroke.
6.3.4 PAYLOAD BREAKAWAY ("CANNON BALL EFFECT")
If the decelerations imposed on the payload during the impact process are
sufficiently high it is possible for the stresses in the impact limiter
material adjacent to the payload to reach the level at which crushing
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commences. If it is assumed that no payload movement relative to the limit-
er due to crushing of the adjacent limiter material is possible until all
the adjacent limiter material in contact with the surface of the LOWER
HEMISPHERE of the payload is stressed to the crushing strengh level O,
and if, in addition, it is assumed that there is no interaction between
the payload and the llmlter on the upper hemispherical interface, as pay-
load movement commences , then it is easily demonstrated that the force on
the payload sphere required, in___..._.=.=_-_e_"+^payload movement due to crushing
limiter material is _ o , where R is the payload radius.of adjacent
E" P
Hence, the "cannon ball effect" is incipient when the acceleration of the
payload reaches ?rR 20 /m , where m is the payload mass. The acceleration
produced by the forces acting on thePlimiter at the impact surface is
F/(m_ + m. - m ), where
F : I_ I -(R - (i- =)(R )2 in ( ) 7JR O
is the cross grain crushing strength ratio, R is the limiter radius,
r = R-s, where s is the "impact stroke", m_ is the limlter mass and m c
is the mass of material crushed during the stroke s. Therefore, the con-
dition for imminent payload movement relative to the limiter (payload
breakaway) as a result of crushing of limiter material beneath the lower
hemispherical payload-limiter interface is given by
{0_[1 - (_)2]-(1-=)(_)2 In (R)2 _R20} "/rR 20"
_- P
+m_ - m mmp c p
That is, payload breakaway will not occur if
1 + ml - mc
m
P
< 1 (1)
, it is seen that payload breakaway can not occurSince obviously m I < mc,
if
* Note that if the cross grain strength of the limiter is not sufficient to
carry the inertia loads of the mass of the limiter material above the pay-
load (via a loadpath around the sides of the payload, then these inertia
loads must be carried thru the payload and breakaway will occur at lower
accelerations than predicted by this analysis which neglects this interaction.
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(Rp )2
_ _ () ,- <
max R
(2)
It can be shown that
-i
(1- c )e + (3)
r r -i/2(i- o_)
(E) = eand occurs at _ = m (4)
and Equation (4) is plotted in Figure 137.
Equation (3) is plotted in Figure 136 and Eq. (4) is plotted in Figure 137.
Numerical calculations showed that limiting values of (R /R) given by
inequality (2) and Eq. (3) exceeded (r/R) given by Eq. _4). This means
m
that the maximum value of the expression on the left side of inequality
(2) occurs at the end of the stroke and must be calculated accordingly.
Neglecting the finite depth of crushed material around the payload at the
end of the stroke yields an upper bound to the limiting value cf the radius
ratio (R /R)*. Inequality (2) can be shown to result _ the following
P (Rp/R)*equation for this upper bound solution for the limiting radius ratio
U -- e
i+ = (l-U) (5)
i-_
where U = I(Rp/R)*] -2 (6)
Equation (=_jj--.a°_ _v_.=_I,,=8........n,lm_ricallv, and the resulting upper bound for the
limiting radius ratio is shown in Figure 138. This result corresponds to
the physically limiting case in which the material crushes up to (that is,
the depth of the crushing stroke is) 100% of the original uncrushed depth;
in other words, the terminal crushing strain is 0.i. In addition, the
limiting radius ratio for a terminal crushing strain of 0.8 was calculated
from inequality (2). Because the maximum value of the expression on the
left side of inequality (2) occurs at the end of the stroke and there is a
finite depth of crushed material around the payload,at the end of the stroke,
the relation between (r/R) at the end of the stroke and (R /R) for the cal-
culation of the limiting value of the radius ratio can be s_own to be
* R-s = r, where s is the crushing stroke as indicated previously.
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R R)( )f = i- Ec (i - ..E (7)
R
where c is the terminal crushing strain and the subscript f denotes the
c (Rp/R)*end of the crushing stroke. The limiting radius ratio calculated
for c = 0.8 is also shown in Figure
c
The quantity (m I mc)/m p appearing in inequality (i) is given by :
ml-m I( [ - 1 IPp_
c R 3 I (i_ r r
m = _--) I - _ _)2(2 + _) -i
P P
(8)
where P_ and Ppare the densities of the limiter material and payload,
respectively.
InequElity (I) and Eq. (8) give the following condition on the limiter-to-
payload density ratio for no payload breakaway:
_.._ > t0{,[1 - (_)2]+ (l_a.)(_)2 in(_)2_ -1
1 ,:2 r]Pp (E i- _ (I - _) (2 + E) -i
P
(9)
Limiting density ratios (p0/ pp) computed from inequality (9) above are
presented in FiBure 139 asia function of (R/Rp) in the region where
(R_/R) is less than (R /R) given in Figure 138. Curves are presented in
P P d 0Figure 139 for values of the cross grain strength ratio _ = 0.i an _= .
The lower dashed curves were computed neglecting the effect of the crushed
mass mc," that is, for mc = 0, or in other words for
c = = R 3
m m _) - i
P P P PP
(IO)
* Neglecting the finite depth of crushed material above the impact surface.
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It can be shown that the impact velocity which can be absorbed by a spherical
limiter is given by
v2 = 3 (l-S)g (InZ - 11 + + 7 (l-Z>-g (l-Z3
(J
R p_
(II)
R
where _ = 1- ec (i -R-_) (12)
The velocity parameter on the left side of Eq. (II) is thus defined in terms
of the quantities _ , e , (R /R), and (p /p_). Using Eqs. (ii) and (12)
c P ratio *Figure 139, the limiting density (P_/%) can be plotted in termsand
of the parameter on the left side of Eq. (ii). This is illustrated in
Figure 140 for _ = 0 and e ^ = 0.8. (Note from Eq. (ii) that as (Rp/R) -4D0
[(R/Rp)-_], V2p_ approaches a finite value.
The preceding analysis of the "cannon ball effect" (payload breakaway and
crushing of limiter material adjacent to the payload) is based on the assumption
that there was no interaction between payload and limiter on the upper hemis-
pherical payload-limiter interface. In order for this to be possible, the
inertia loads from the mass of limiter material above the payload must be
carried, after payload breakaway, by a load path through the limiter material
around the sides of the payload. If the cross grain strength of the limiter
is not sufficient to carry these inertia loads, they must then be carried
through the payload and will add to the inertia load of the payload being
carried through the lower hemispherical payload-limiter interface. The
result will be the occurrence of payload breakaway at lower accelerations
than if the limiter had sufficient cross grain strength to carry its own
inertia loads through the load path around the sides of the payload. (If
the limiter has more than enough cross grain strength to carry its own
inertia loads through this load path, bonding the payload to the limiter
can dump some of the payload inertia forces into the loed path through the
limiter material around the sides of the payload, thereby tending to raise
the acceleration levels at which payload breakaway occurs.)
The cross grain strength required for thelimiter to be able to carry its
ow___ninertia loads (via the load path through the limiter material around
the sides of the payload) can be computed by equating the inertia loads
from the top half of the limiter material at payload breakaway (that is,
at peak acceleration) to the cross grain force required to crush the
limiter material at the sides of She paylcmd. The resulting expression for
the cross grain strength ratio u required for the limiter to be able just
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to carry its own inertia loads is
or, --
PP + (_ I - _ (I - _) (2 + E) -i
P
i[ 3i](Ep
where R = limiter radius, Rp = payload radius, _ = payload density,
P_ = limiter density, r = R-s, s = impact stroke at peak acceleration, and
is the actual material cross grain strength ratio. Values of _* computed
using the above formula are shown in Figure 141. The computations were
for _ = 0 on the right side of the e_pression. Values of _ around 0.I
would give somewhat higher values of 5*.
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6.4 THERMAL BATTERY INVESTIGATION
6.4.1 INTRODUCTION
This section is a sun_nary of the concepts involved in the use of a long
duration thermal battery for a Mars landing vehicle. For purposes of the
study, the following battery requirements are assumed:
Preflight Sterilization - Capsule assembly is baked at
135°C for 24 hours.
Shock -
Capsule Operation Temp. -
3 millisecond duration with
5000g peak (half sine waveform)
Turn on - 0°C Minimum Temperature
rise - 70°
Weight Range - 20 lb. minimum
150 lb. maximum
Power Profile - Turn-on: 50W for 5 minutes
Picture Taking: 5W for 2 hours
Transmission: 250W for 3 hours
Standby: 2W for 19 hours
(This cycle would be repeated for
several days)
Voltage Range - 32 volts at start
28 volts end of life
Duration - 3 days
2400
Preliminary concepts are described for a battery meeting these objectives,
based upon present or imminently achievable technology. They lead to an
estimated energy density in the range of 60-70 watthours/ib. It is
believed that a longer range development effort could provide for an in-
crease in energy density to about i00 watthours/ib.
6.4.2 CELL DESIGN
The most suitable electrochemical system for this application is that
utilizing a sodium metal anode and a CuCI cathode, with a solid electrolyte
separator. A suitable operating temperature is about 450°C, at which both
electrodes are liquid. During operation, the volume of anode material
decreases and cathode material increases; consequently, the electrode
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compartments must have flexibility to accon_nodate this change. A bellows
type construction is therefore adopted. General configuration for a work-
ing cell is as shown in Figure 142
The critical aspect of this concept is the separator. It must have ade-
quate ion conductivity while preventing direct contact between the liquid
Na and liquid CuCI. Studies are presently underway to develop such a
separator. Materials which have shown the greatest promxsc to d=t= =L=
the synthetic zeolites. Present goals are the development of separator
membranes h_ving a voltage drop of no more than 0.6 v at a current density
of 50 ma/cm . There appears to be little doubt that this is achievable.
Continued work on improvement in separator materials should be given high
priority in any program to develop a long duration thermal battery.
On the basis of such performance the load requirements specified above for
the Mars landing vehicle indicate an electrode area of 440 cm . The
optimum external shape of the battery, both from the standpoint of
practicability of fabrication, and minimization of thermal losses, is a
cube. This designates that it be constituted of two parallel connected
modules of cells of 1/2 the above area.
On this basis,2the basic cell will be 16.7 cm. in diameter and with an
area of 220 cm . Weight per cell for a battery designed for a three-day
period of operation is then found as follows:
Na 51
Electrode Materials
(assuming 75% utilization) CuCI 223
Separator 33
Anode Case 29
Cathode Case 29
Total Cell 365 gms.
Cell thickness is summed as follows:
Anode Compartment O. 24 cm
Cathode Compartment 0.29
Separator 0.075
Case 0.025
Total Cell 0.625 cm
-392-
+I
e
+
u_
o
E-_ cn u%
0 !
¢,,I u-_ i._ 0
i i i i i
_ H
_ m
Z
Z Z _
0 _ _ Z
0%
,,,,4
,,,4
Z _1
Z
O
Z
O
<
H
Z
0
t.D
c,D
c,D
H
t_
,4"
.4
H
-393-
AERONUTRONIC o,v,s,oNF ..,LCOCO,'mO..'.T,ON ........ '_;°rd.d_'c6_°m_"_"k',
6.4.3 BATTERY PACKAGE
The battery will consist of 26 cells of the above configuration in two
modules. Activation will occur upon heating to _ 450-C by the combustion
of a pyrotechnic charge. It will be necessary to maintain this temperature
throughout the operational life of the battery, so that some means of
temperature regulation is required. This amounts to providing a heat
source to compensate for the thermal ]o__. T+_ oL,_u°_^"IJbe noted such com-
pensation will be provided in part by thermal effects inherent in cell
discharge. These vary with load, however, so that some additional source
of heat energy is required.
It is proposed to provide the necessary temperature control by means of a
resistance coil energized by a bleed load on the battery. This increases
battery weight due to an increase in required electrical capacity. Opti-
mizing this weight against the weight of thermal insulation gives a point
of minimum total weight for a given capacity in terms of useful load.
The optimization can be approximated by assuming a spherical shape for
the battery package and its surrounding insulation. The following results
are obtained.
The battery consists of the two modules as indicated above placed in
tandem, giving a package 16.7 cm in diameter and 16.9 cm high. This is
taken to be approximated by a sphere of radius = 9.5 cm.
The optimization is carried out as follows:
Weight of insulation (Wi)
= 4/3 Tr [(9.5 + d) 3 - 9.53] Pi
where d = thickness of the insulation
Pi = density of the insulation
Heat loss through the spherical insulation shell
-4_K&T(9.5 + d) 9.5t
Q= d
where _T = temperature differential across insulation
t = duration of discharge
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To compensate for the heat loss, an extra weight of cell material must be
added, i.e.,
W
C
4?rKAT(9.5 + d)9.5 t F
g
DxF d
w
F
g
F
W
= no. of gins/lb.
= no. of cal/watthour
D = energy density of cell active materials
For the total additional weight, one has
W -W. +W
t l c
To obtain the d for minimum weight set,
dW
t=0
dd
Setting:
Data for rock wool ( K = 8.95 x i0 "5 cal/sec. - CM - deg C
( P = 0.096 gms/cc
_T = 400°C
t = 2.59 x 105 sec
F = 452 gm/ib
g
F = 860 cal/watthours
w
D = 307 watthours/ib
One obtains
d2(9.5 + d) 2 + 1.57 x 104 = 0
d = 7.4
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Cons equent ly
W = 1600 gms
i
W = 2360 gms
c
W = 4000 gms
t
With these considerations, the preliminary design of a battery package
will be as shown in Figure 143 . Basic geometry is a right circular
cylinder, 16.7 cm in diameter and 16.9 cm high. It is enclosed by insula-
tion, heating coil, case, and pyrotechnic heating material. This package
with outside insulation is shown in Figure 143 Total package weight
is totaled up as follows:
26 cells 9480
Inner thermal Insulation
(asbestos) 200
Pyrotechnic 2000
Case (20 mil Ni) 530
Outer insulation 1600
Extra capacity 2360
Total 16170 gms
35.6 ibs.
For the postulated mission, one thus obtains an energy density of 67.5
watthours/ib.
6.4.4 FURTHER CONSIDERATIONS ON THERMAL INSULATION
It will be noted from the foregoing section that a substantial fraction
of the weight of the battery package (i e , W ) depends on the outer
• " t
insulation. The calculation presented herein made use of thermal data
for rock wool, which is not a particularly sophisticated material. Other
insulation materials may provide reductions in total battery weight and/
or volume. In selecting an insulation material for this application, the
insulation impact resistance should be considered along with the desir-
ability of achieving minimum battery package volume. A relatively high
density insulation material with low thermal conductivity ideally satisfies
these requirements (i.e., a material such as Min-k-503).
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Another approach to the battery insulation selection problem is to develop
an expandable insulation. This is envisioned to be a high density material
present during launch and transit phase of the mission as a compact layer
around the battery package. After landing, the material would be expand-
able, such as by foaming or some other process into a low density material
of low thermal conductivity. Suitable materials for such an application
are not presently known but their development should not be far beyond
present technology. _ne external dashed line of Figure 143 illustrates the
appearance of the package as surrounded by the unexpanded insulation.
Figure 144 shows the appearance of the insulation after it has expanded.
Preference between the above two insulation concepts is not clear at this
time. Both should be examined in some detail before a final choice for
development is made.
6.4.5 FURTHER CONSIDERATIONS ON PYROTECHNIC MATERIALS
Data on pyrotechnic material used in estimation of battery package weight
is that for an iron - KCI04 composition conventionally used for such pur-
poses. The heat release can be varied at will by adjustment of composition.
The value of 500 cal/gm is used in the calculations.
The maximum heat release achievable with this material is about i000 cal/gm.
However, this is associated with very high combustion temperatures which
impose considerable thermal shock on surrounding materials. It is also
accompanied by considerable gassing which leads to foaming of the pyro-
technic. If means for accepting these effects can be found, substantial
reduction in the pyrotechnic weight becomes possible through use of the
full calorific value.
In terms of future developments, attention should be given to pyrotechnic
compositions of higher calorific value. For example the reaction of LiCI04
and boron is associated with a theoretical maximum heat release of 3000
cal/gm. In particular it would be desirable to develop compositions having
low gas evolution, high calorific value and low ignition temperatures. The
latter permits burning at a low temperature by removing the heat quickly as
combustion occurs. This minimizes detrimental effects of high burning
temperatures on surrounding structures.
6.4.6 TYPICAL CAPSULE INSTALLATION
Figure 145 shows a sketch of a typical thermal battery installation in
the MFC payload sphere. Thermal insulation is provided around the battery
to maintain the battery cell at an acceptable temperature during battery
operation, and also to protect payload equipment from the heat generated by
the battery. The weight optimization studies assume that the battery can
be treated as an isolated component. The "optimum" thermal insulation
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thickness presented herein does not necessarily represent the optimum
insulation thickness for a thermal battery installed in the MFCpayload
sphere. However, optimization studies for the installed battery system
are beyond the scope of analysis.
Section 5.9 shows the desirability of providing a passive thermal control
system employing thermal insulation and water boiloff/freezing subsystem.
It is desirable in this design to provide a balance between payload sphere
heat gains (from all sources) and heat losses to the Mars ambient surround-
ings. For the thermal battery installation shownin Figure 145, payload
sphere heat gains result from two sources, payload internal power dissipa-
tion and thermal battery heat generation. Thus, when a thermal battery is
employed, the payload sphere heat gains are increased over those for a
conventional battery. In order to achieve a heat balance, the thermal
insulation just inside the sphere outer wall must be correspondingly reduced
in thickness.
A simplified thermal analysis can be performed if it is assumedthat the
thermal battery and internal power dissipation heat sources can be lumped
together. The payload sphere heat loss analysis shown in Section 5.9.3
can then be utilized to determine the insulation thickness (uniform over the
sphere surface) required to achieve a heat balance. For example, the mean
heat generation for the "optimum" thermal battery design is 41 watts (con-
tinuous). The meaninternal power dissipation for payload equipment is on
the order of 15 to 30 watts (370 to 740 watt-hr/day). Thus, the total heat
gains to the payload sphere are on the order of 56 to 71 watts. These heat
gains correspond to insulation thicknesses of 0.42 and 0.33 inches, respec-
tively, for an assumedpayload to sphere surface temperature difference of
I00 F, an insulation thermal conductivity of 0.01Btu/ft hr F, and a sphere
diameter of 1.5 feet. These thicknesses were deduced from Figures 124 and
i08.
A proper thermal analysis of the thermal battery installation is relatively
complicated when the effects of internal payload conduction as well as
variable sphere outer surface temperature distributions are included in the
analysis. The performance of such an analysis is beyond the scope of this
tradeoff study.
6.4.7 LONGRANGEDEVELOPMENTPROGRAM
The concepts discussed in the previous sections are compatible with a
development program of about 2 years duration. If a longer range program
is conceivable, then significant advance in performance becomeattainable.
Such a program should be particularly directed to achieving significant
advances beyond present technology in four areas.
a. Higher Energy Electrodes. An increase in cell potential of about
one volt is possible, for example by use of the Na - CuCI 2 electrochemical
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system. Problems associated with containment of highly corrosive fused
CuCI 2 must be solved.
b. Improvement in Separator Membranes. It is desirable to develop
membrane materials showing decrease electrical resistance in terms of the
passage of alkali metal ion, but improved selectivity in their permeability.
Improvements in bonding and fabrication procedu=e to produce thinner and
more durable me_ran_ is also desired.
c. Improvements in Insulation. Develop materials and techniques for
reducing heat losses with corresponding reductions in weight.
d. Pyrotechnic Materials. Development of materials of high calorific
value and more attractable burning characteristics.
Additional effort will also be required in areas associated with optimiza-
tions in design, materials and methods of fabrication.
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6.5 STATISTICALANALYSISOFBALSATESTS
Table 6.5-I is a summaryof the data obtained from the various balsa tests
conducted during the Ranger programs. Thevariables used in the ensuing
discussion are defined as follows:
N
a
b
'I
2
r
number test data
specific crush energy ft-lb/ib
balsa density ib/ft 3
intercept
slope
variance in D
variance in p
variance in _ unexplained by the regression equation
variance in b
coefficient of regression (percent total variance
explained by regression equation)
A 2
General
X (mean of X)
variance which as a result of its dependence upon
and/or p has N-I or N-2 degrees of freedom
FORMU LA S
X . (72 (variance of X) = _ X2 - _ _ X
N ' X N
Specific
a =_- b_ b __ NEp - XpE 
2 12
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A2 N
@7] = o_ N-I
2
N
A2
_]p= O_p NN2
A 2
2 !he
ab = 2
Nap
A2
2
r = l-
A2
Un
Substituting the values from Table 6.5-I yields:
= 17 ,241
= 8.60
a = 14,150
?] = 14,150 + 360 P
b = 359.53
A2 A
0"i]p = 10,875,938, C_]p = 3297
A 2 A
_-- 10
O17 I_R,375, . = 3482
2
r = 5.32 percent
2
ap = i0.128, ap = 3.18
A2 A
a b = 6243, a b = 79
To obtain a statistical inference from the above information one can test
the hypothesis that b = 360 against the alternative hypothesis that b = 0
-405-
(i.e., _ is independent of p) with a level of confidence _ = 0.005
H: b = 360 H: b = 0
O
b=bo +t(Ib
b - b
O
t = --TX
(Ib
- 4.54
The probability associated with a t value of 4.54 is less than 0.0005 and
therefore the alternative hypothesis that b = 0 must be rejected.
Another way of stating this conclusion is that it is very unlikely (proba-
bility <0.0005) that a value of b = 0 could be obtained from a population
with a mean of 360 and variance 79.
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6.6 TRADE-OFF CURVES FOR IMPACT LIMITER DESIGN
The following eight graphs are auxiliary curves useful in establishing
impact capability. Section 5.2.2 of this report describes and utilizes
these curves.
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